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INTRODUCTION
This documentcontains reproductions of technical papers on some
of the most recent research results on aircraft loads, flutter, and
structures frcm the NACAlaboratories. These papers were presented by
membersof the staff of the NACAlaboratories at the NACAConference
held at the langley Aeronautical Laboratory March 2-4, 1955. The
primary purpose of this conference was to convey to contractors of
the military services and others concerned with the design of aircraft
these recent research results and to provide those attending an oppor-
tunity to discuss the results.
The papers in this document are in the same form in which they
were presented at the conference in order to facilitate their prompt
distribution. The original presentation and this record are considered
as complementary to, rather than as substitutes for, the Committee's
more complete and formal reports. Accordingly, if information from
this document is utilized it is requested that this document not be
listed as a reference.
A llst of the conferees is included.
PRECEDING PAGE BLANK NOT FILMED.
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RECENT STABILITY AND AERODYNAMIC PROBLEMS AND THEIR
IMPLICATIONS AS TO LOAD ESTIMATION
By Charles H. Zimmerman
Langley Aeronautical Laboratory
SUMMARY
Certain trends in the design of modern fighter aircraft tend to
produce stability deficiencies which may result in large inadvertent
structural loads. The deficiencies becoming increasingly important are:
(a) loss of directional stability at high angles of attack, (b) loss of
directional] stability at high Mach numbers, and, probably most important,
(c) a tendency to perform whirling divergences in angle of attack and/or
sideslip frc_ rolling maneuvers.
It is emphasized that the aerodynamic loads which will be imposed
on a modern fighter airplane cannot be predicted without a careful and
complete study of both its quasi-static and its dynamic stability char-
acteristics, including t_me-history analyses of rolling maneuvers using
five degrees of freedom. Deficiencies (a) and (b) are aerodynamic and
can be remedied by configuration changes based on wind-tunnel investi-
gations. Deficiency (c) is a dynamic phenomenon which requires a great
deal more study and may impose limitations on rolling velocities or
necessitate the use of automatic stabilization during rolling maneuvers.
INTRODUCTION
Recent flight experiences with research and service airplanes have
emphasized the absolute necessity for careful and complete consideration
of the stability characteristics when estimating loads. For example, as
shown in figure l, a research airplane went from what was intended to be
a normal aileron roll into what the pilot referred to as a "hairy" maneu-
ver in which it reached large angles of attack and sideslip and developed
normal accelerations of +Tg and -6.7g and a transverse acceleration of 2g,
all in the space of about 2 seconds. As would be expected, a large num-
ber of items on the airplane were stressed to large percentages of their
ultimate loads.
S_ne of the stability deficiencies which result in advertent high
loads have been present for some time. The problem of pitch-up has been
discussed previously and the causes of pitch-up and methods for its
2 i!iil°:i i!i
alleviation are well known (refs. i to 7)- These include use of a low
horizontal tail, wing fences, dro_e d ig_ding-edge extensions, and
leading-edge slats.
The fact that poorly damped airplanes suffer relatively large
loadinas in turbulent air has been discussed in various published papers
(refs. 8 to 10). At present, there are three other types of stability
deficiencies which are assuming increasing importance from a loads view-
point. These deficiencies are as follows:
(i) Loss of directional stability at high angles of attack
(2) Loss of directional stability at high Mach numbers
(3) Tendency to perform whirling divergences from maneuvers
involving high rolling velocities.
These will discussed in order.
SYMBOLS
b
CL
Cn_
(Cn_) REQ'D
I x
iy
I Z
wing span, ft
lift coefficient
partial derivative of yawing-moment coefficient with
respect to sideslip, per radian
partial derivative of yawing-moment coefficient required
to avoid resonance in yaw, per radian
partial derivative of yawing-moment coefficient corre-
sponding to resonance in yaw, per radian
moment of inertia about X-axis, slug-ft 2
moment of inertia about Y-axis, slug-ft 2
moment of inertia about Z-axis, slug-ft 2
radius of gyration about Z-axis, ft
M Mach number
m
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V
W
P
partial derivative of yawing moment with respect to
sideslip, ft-lb/radian
rolling velocity for resonance in yaw, radians/sec
wing area, sq ft
flight velocity, fps
weight, lb
angle of attack, deg
angle of sideslip, deg
density of air, slugs/cu ft
DISCUSSION
Modern fighter configurations tend to have large, long fuselages
and low-aspect-ratio wings. They require large angles of attack to
develop large lift coefficients. Figure 2 illustrates a stability defi-
ciency which is likely to occur with such a configuration. With the
original tail, the static directional stability fell to zero well before
maximum lift because of the induced flow field of the fuselage-wing
arrangement at high angles of attack. An airplane having such a loss
in directional stability will tend to diverge in sideslip with a resultin_
high tail load if the divergence should take place at large values of
dynamic pressure. This has been demonstrated bythe X-5 airplane and _as
discussed in reference ll. For the configuration of figure 2 a larger
vertical tail greatly increased the static stability and correspondingly
lessened the likelihood of divergences in sideslip.
The second stability deficiency arising fr_n aerodynamics which is
currently an increasing problem is shown in figure 3. This figure is a
plot of sc_e data on the X-1A from the Langley 9-inch supersonic tunnel
which illustrates a typical tendency for airplanes to lose static direc-
tional stability with increasing Mach number at supersonic speeds. Vio-
lent maneuvers have been experienced with the X-1A airplane in this Mach
number range. This loss in stability is due to loss in tail effectiveness
with Mach number. Notice, however, that the tall is still capable of
developing high loads in sideslip even though its effectiveness has been
reduced enough to destroy the directional stability of the airplane. A
supersonic airplane recently suffered a structural failure because of
directional divergence at a Mach number of 1.5 for which a similar loss
in Cn_ with Mach number was probably primarily responsible.
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The third major stability deficiency which is going to be of great
concern to the structural designer is a dynamic problem and was predicted
by Phillips in reference 12. This type of instability is encountered in
rolling maneuvers. Essentially, it tends to occur when the rate of roll
approaches the natural circular frequency in pitch or yaw on an aircraft
having its weight concentrated in the fuselage. The resonance between
rolling and pitching, or yawing, causes what is perhaps best described
as a whirling motion in which the fuselage attempts to set itself at
right angles to the flight path. Large angles of sideslip and/or angles
of attack are generated. It was this type of maneuver which gave rise
to the extreme loadings on the research airplane mentioned earlier.
In order to understand why modern high-performance airplanes are
prone to such motions, compare a modern fighter with a 1935 fighter
(fig. 4). The modern fighter has the same span but is nearly twice as
long. It has about three times the wing loading. It flies at twice the
altitude. The radius of gyration in yaw is two-thirds larger. Its
weight is concentrated in the fuselage. It will be shown that these
factors combine in a way which indicates that the modern airplane will
tend to be much more prone to become uncontrollable in rolling motions
than the 1935 airplane.
The analysis in reference 12 indicated that the value of rolling
velocity at which resonance with the natural frequency in yaw occurred
could be given by
[
PRES=_Iy- Ix
! q
(i)
Nondimensionalizing and rearranging this expression gives the directional
stability required to avoid resonance in yaw as
Iy - IX
<Cn_)REQ'D \2"V/ 4.05b (W_ b2)S_ (2)
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A similar expression can be developed for resonance in pitch but will
not be presented since the points of interest are illustrated by the
yawing equation. Notice that the value of Cn_ required depends on the
square of the rolling velocity, a wlng-loading inertia parameter, and a
gyroscopic inertia coupling parameter.
In figure 5 is presented the variation of the gyroscopic inertia
coupling parameter for fighter and research airplanes studied in the
Langley 15-foot and 20-foot free-spinning tunnels over the 20-year period
from 1935 to 1955. This parameter stayed substantially constant at a
value of approximately 0.3 from1935 to 1945 but has risen to a mean
value of 0.7 at the present time. This increase tends to increase the
directional stability required to avoid resonance.
Figure 6 gives the variation of the mass inertia parameter over that
same period. This parameter has been normalized at the value in 1935.
Notice that its value in 1955 has fallen to about one-slxteenth its value
in 1935. This decrease corresponds to a large increase in the required
directional stability.
Now it can be seen how the value of Cn_ corresponding to resonance
in yaw (Ca_)RES at pb/2V = 0.09 has varied over the 20-year period
(fig. 7)- This value fr_n 1935 to 1945 was about 0.00015, considerably
less than the typical value of 0.0005 to 0.OO1 used in World War II air-
planes. Beginning with the advent of jet engines, the value of (Cn_)RES
has risen rapidly since 1945 until the value of (Cn_)RES in the typical
fighter airplane of 1955 is of the order of 0.006, 40 times the value in
the World War II airplane and considerably larger than the typical range
of values of (Cn_)RES , O.OO1 to 0.002, provided for these airplanes.
The analysis of the trend of directional stability required pre-
sented in figure 7 was based on the assumption that the reduced rolling
velocity pb/2V remained constant at a value of 0.09. This is not true,
however, for transonic and supersonic speeds. Figure 8 indicates the
variation of pb/2V with Mach number. In general, the ability of lat-
eral controls to produce pb/2V falls off with increases in Mach number
at transonic and supersonic speeds somewhat as indicated by the "typical"
curve. This is an alleviating effect upon the trend toward increasing
troubles with divergent whirls. Equation (2) indicates that --.,(CHORES
decreases as (pb/2V) 2. It may be necessary for the designer to take
steps to insure that the specified rolling velocities cannot be exceeded
in order to avoid unnecessary troubles with whirling divergences.
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_C studies have indicated t_t+ although the analysis of refer-
ence 12 gives an excellent picture of the nature of this phenomenon and
is an excellent indicator that a dangerous condition exists, it does not
take sufficient factors into account to permit it to be used as criterion
of the mmount of sideslip to be expected in a rolling maneuver. In the
light of present _owledge, it appears that the sideslip response to
rolling excitation is of the nature of a frequency-response curve in which
both the amplification factor and the forcing function are dependent on
such things as the timing, rate, and magnitude of control applications,
the angle between the airplane principal axis and the zero-lift line, the
initial angle of attack# and the aerodynamic characteristics of the con-
figuration. The main point that has emerged is that, in order to predict
the angle of sideslip or angle of attack which will be generated in rapid
rolling motions of modern fighters, it is necessary to make a careful and
thorough study of possible maneuvers by means of a simulator or analog
computer, using five degrees of freedom including the nonlinear inertia
terms and the engine gyroscopic couples. The aerodynamic characteristics
of the configuration must be carefully represented and factors such as
the pitching moment due to ailerons when sideslipping_ for example, must
in general be included. Cross-coupling effects may be very important.
For example, a large increase in damping of the pitching motion, such as
might be achieved by artificial means, was indicated to be very effective
in reducing the sideslip angle.
CONCLUDING R_gRKS
It should be emphasized that the aerodynamic loads which will be
imposed on a modern fighter airplane cannot be predicted without a care-
ful and complete study of both its quasi-static and its dynamic stability
characteristics. The well-known problems of pitch-up and poor damping
of oscillations in turbulent air have been present for some time. Three
more must be added - divergence in sideslip at high angles of attack,
divergence in sideslip at high Mach numbers, and, probably most difficult
of all, a tendency for modern fighters to enter a whirling divergence
from rolling maneuvers. The first two of these are aerodynamic defi-
ciencies which can be remedied by configuration changes based on wind-
tunnel investigations. The third is a dynamic condition which requires
a great deal more study and may impose limitations on rolling velocities
or necessitate the use of automatic stabilization during rolling maneuvers.
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AERODYNAMIC ANGLES IN AILERON ROLL
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FLIGHT EXPERIENCE OF INERTIA COUPLING
IN ROLLING MANEUVERS
By Joseph Well, Ordway B. Gates, Jr., Richard D. Banner,
and Albert E. Kuhl
NACA High-Speed Flight Station
and
Langley Aeronautical Laboratory
S[_ARY
Violent coupled lateral-longitudinal motions have been encountered
in flight on two airplanes during abrupt aileron rolls at relatively
high speed. During these motions, various structural design loads and
load factors were either exceeded or approached. It was demonstrated
on one airplane that the motions can be approximated reasonably well by
using a five-degree-of-freedom analysis.
From flight tests of the swept-wing airplane at relatively high
altitude, it was found that the severity of the divergent tendency
increased with roll velocity and was sensitive to roll direction and
stabilizer input. Calculated results indicated that considerably more
critical conditions from the loads standpoint can be expected at lower
altitudes when the roll is initiated from a pull-up condition.
Perhaps one of the fundamental reasons for the occurrence of the
large motions on both airplanes was the presence of insufficient direc-
tional stability. Doubling the directional stability level of the swept-
wing airplane resulted in substantially improved flight characteristics;
but calculations indicated that, if the tail size is increased beyond a
certain point, considerably higher tail loads and larger peak normal
accelerations can be obtained than with a tail affording a somewhat lower
level of stability.
At present, analytical investigations are under way to enable a
better understanding of the overall problem of coupled lateral-longitudinal
motions in rolling maneuvers. It is not yet known whether a practical
design approach exists that would produce desirable characteristics for
a large range of flight conditions without the sacrifice of performance
or the resort to artificial stabilization. It is also true that coupling
can have a large effect on the predicted loads, even for configurations
that have satisfactory handling qualities; therefore, the coupling of the
lateral and longitudinal degrees of freedom should be considered for load
evaluations of rolling maneuv_li_Imimi_gh-speed airplanes.
2INTRODUCTION
There is a deterioration in the static directional stability of
manycontemporary designs at the higher angles of attack and sideslip,
and also with increase in supersonic Machnumber_that can and have
produced violent motions in flight.
Recently at the NACAHigh-Speed Flight Station, somerather violent
coupled lateral-longitudinal motions have been experienced during abrupt
aileron rolls on several airplanes in which a level of directional Sta-
bility waspresent that would probably have been deemedacceptable for
previous airplanes. Because this flight experience should be of con-
siderable general interest to the loads engineer_ inasmuch as it obvi-
ously affects the determination of design loads_ it is believed timely
to review briefly the problem and indicate someof the factors affecting
its severity.
SYMBOLS
A
an
at
Cn_
Zp
IX _Iy_ IZ
it
M
Pmax
t
8at
½
aspect ratio
normal acceleration
transverse acceleration
directional stability parameter
pressure altitude
moments of inertia about X-_ Y-_ and Z-axes, respectively
stabilizer deflection
shear load on vertical tail 3 radians/sec
Mach number
maximum roll velocity
time, sec
angle of attack 3 deg
angle of sideslip3 deg
total aileron deflection
rudder deflection
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angle of sweep measured at 0.2_ chord, deg
angle of sweep measured from 0.75 chord, deg
incremental bank angle
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The basic outlines of the two airplanes discussed in this paper are
shown in figure 1. One airplane had 45 ° sweepback; the other was essen-
tia]_ly unswept. It can be seen from the moment-of-inertia ratios that
these airplanes were rather heavily loaded along the fuselage, and such
inertia characteristics can appreciably lower the roll rate at which
large coupled motions might be encountered as indicated in reference 1.
The results of a time history of an abrupt two-thirds aileron roll
to the left made on the swept-wlng airplane from level flight at a Mach
number of 0.70 and altitude of 32,000 feet are presented in figures 2
and 3- Soon after the aileron-control input, there is a steady decrease
in angle of attack and development of negative (adverse) sideslip. (See
fig. 2.) Between 3 and 4 seconds, the rates of divergence in angles of
attack and sideslip increased markedly and the maneuver becmne uncon-
trollable. Recovery was made when the controls were brought close to
their initial settings. During the motion, a left sideslip angle of 26°
was recorded and angles ef attack much larger than -16 o were attained
followed by 12° at recovery.
In order to determine the mechanism of this type of coupled lateral-
longitudinal motion (including the effects of changes in the various
derivatives), a five-degree-of-freedom analysis was made using an analogue
computer. It is seen that the basic character of the motion is predicted
fairly well. In order to illustrate the powerful effect of the coupling
between the longitudinal and lateral modes of the motion, the sideslip
estimated by the usual three-degree-of-freedom lateral equations and the
angle of attack estimated by a two-degree-of-freedom analysis are also
included. Although the initial sideslip motion is seen to be the same
for the two methods, the three-degree-of-freedom method reaches a peak
of only about _ = -5°. The angle-of-attack comparison is even more
revealing in that the stabilizer input of the pilot would have resulted
in a large positive angle-of-attack change from a purely longitudinal
analysis as opposed to the negative divergence shown by flight and the
more refined analysis. The complexity of the problem can be further
illustrated by the fact that calculations indicated that the indirect
effect of the stabilizer input actually aggravated the sideslip and
angle-of-attack divergence appreciably.
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A normal acceleration of -4.4g was recorded and about 50 percent
of the design vertical-tail load attained. (See fig. 3.) The low
dynamic pressure at which the maneuver was made saved the airplane from
possible structural damage.
The question naturally arises whether such violent behavior could
he expected at higher dynamic pressure where, from the loads standpoint,
more critical conditions might be reached. An analogue computer has
been used to study this question. Figure 4 summarizes the results of
many of these calculations presenting the maximum estimated vertical-
tail shear load as a function of the maximum rolling velocity attained
in 360 ° left rolls. The dashed line represents data for a condition
similar to that shown in figures 2 and 3 - an altitude of 32,000 feet
and an initial 1 g condition. The solid lines show results for rolls
made at lO,O00 feet from initial conditions of 1 g and 2.5g. It was
found from the calculations that 1 g rolls made at the lower altitude
so greatly reduced the sideslip angles that, even if the 2.5 fold increase
in dynamic pressure is considered, the tail loads for the most rapid rolls
never approach the loads attainable at the higher altitude at somewhat
lower rolling velocities. When the rolls were made at lO,O00 feet from
an initial 2.5g pull-up condition, however (the initial angle of attack
being maintained at the higher altitude level), much larger tail loads
were estimated at high roll velocities than for the higher altitude
condition.
In order to study the effect of increasing the directional stability
on the rolling characteristics, flight tests were made with two enlarged
vertical tails. Figure 5 shows a sketch of the small and enlarged tails.
Also shown is the variation of Cn_ with Mach number measured in flight.
The largest tail (tail C) roughly doubled the directional stability of
the small tail through most of the Mach number range.
The effect of increasing tail size on the characteristics in abrupt-
left rudder-flxed aileron rolls at an average Mach number of 0.70 and
altitude of about 31,000 feet are shown in figure 6. Presented are the
maximum change in sideslip angle and the maximum change in angle of
attack at the first peak plotted against the maximum roll rate attained
in a maneuver. The first roll made for this flight condition (using
tail A) resulted in the violent maneuver previously discussed and is
approximately located in figure 6 by the circle. The remainder of the
data obtained with tail A was restricted to small aileron deflections
and bank angles of the order of 45 ° to 60 ° . The data for the larger
tails represent 360 ° rolls. If a calculated curve for 360 ° rolls with
tail A is used (as a guide in lieu of flight data), it is seen from the
sideslip data that increasing the tall size delayed somewhat the roll
velocity at which _ increases much more rapidly with further increase
in roll rate. Also, for the largest tail there appears to be a substantial
decrease in the divergent tendency at high roll rates. The five-degree-
of-freedom calculations show good agreement for the tail A data at small
bank angles and illustrate the large effect of the duration of the maneu-
ver on the characteristics at higher roll velocities.
From the lower portion of figure 6, it can be seen that the initial
negative change in angle of attack was relatively small for the larger
tails, never approaching the divergent tendencies of the original maneuver.
It should be mentioned, however, that the positive change in angle of
attack in recovery was often somewhatlarger than the first peak with
tall C.
The results of figure 6 indicate that doubling the level of the
directional stability greatly improved the overall characteristics_ and
one might wonder how further large increases in the size of the vertical
tail would affect the results. Figure 7 presents the results of time
histories calculated for directional stability levels of O.OOl_,
O.O02CnB, and O.OO4CnBper degree for a roll velocity of about
r
-3.0 radians/sec. The sideslip data show the large reduction in
when Cn_ is increased from O.OO1 to 0.002. When Cn_ is again doubled,
however, the sideslip angle developed is only slightly reduced and the
maximum tail load would be much larger because of the increased tail area
required.
It should also be noted that, although the initial angle-of-attack
change is practically nil for the largest tail, the peak positive angle
on recovery is almost as large as that with the smallest tail. (See
fig. 7.)
The results of figure 7 indicate the possibility of an optimum tail
size from the loads standpoint for a given flight condition and further
illustrate the complexity of the overall problem.
The effect of Mach number and roll direction on the maximum sideslip
angle developed in flight in abrupt 360 ° rolls is presented in figure 8
for the largest tail (tail C). In order to clarify the comparison, 2_
is plotted for left rolls shown by solid lines and -2_ for right rolls
shown by dashed lines. It is seen that "adverse" sideslip is present in
the subsonic maneuvers and "favorable" sideslip at M = 1.25. A very
interesting point is the much greater sideslip attained in the left rolls
than in corresponding right rolls at the higher roll velocities. This
roll-direction effect is directly attributable to engine gyroscopic
effects and is in general agreement with calculated results. At M = 1.2_,
the right rolls developed slightly greater maximum sideslip angles than
left rolls. Although there was no adverse pilot comment on the supersonic
rolls_ the sideslip angle attained of almost 8° exceeded the temporary
limit by 1o.
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The time history of an abrupt aileron roll made at a Mach number
of 1.05 on the unswept airplane at an altitude of 30,000 feet is shown
in figures 9 and lO. The level of directional stability for this maneuver
was about Cn_ = 0.0038 per degree. In this maneuver, favorable side-
slip builds up rapidly with rolling velocity; however, no large change
in _ occurs until a sideslip angle of almost 20° is reached (t = 4 sec-
onds) at which time the angle of attack abruptly decreases to -13 °.
(See fig. 9.) The pilot applied considerable up-stabilizer control to
stop the pitch-down tendency and this possibly contributed somewhat to
the 19° angle of attack reached when the airplane pitched up. When the
rolling motion stopped, the airplane quickly recovered.
The violence of this maneuver can best be appreciated from the fact
that the load factor reached -6.7g at t = 4._ seconds and then reached
7.0g less than 1/2 second later. (See fig. lO.) A lateral acceleration
of -2g, pitching accelerations as high as 8 radians/sec 2, and a vertical-
tail shear load approximately _6 percent of design were also measured.
As in the case of the violent maneuver experienced with the swept-
wing airplane, one of the fundamental causes of this maneuver on the
unswept airplane is believed to be a deficiency in directional stability
in conjunction with mass distributed primarily along the fuselage. The
statement concerning the lack of directional stability might seem con-
tradictory inasmuch as the value of Cn8 for this airplane was about
three to four times the value for the swept-wing airplane with the small
tail. However, the value of the derivative Cn_ can be misleading
because of relatively small wing size. When the two airplanes are com-
pared by using the more rational lateral period, for example, the unswept
airplane has a directional stiffness approximating the original swept-
wing airplane.
CONCLUDING R2MAREB
In conclusion, it has been shown that violent coupled lateral-
longitudinal motions have been encountered in flight on two airplanes
during abrupt aileron rolls at relatively high speed. During these
motions, various structural design loads and load factors were either
exceeded or approached. It was demonstrated on one airplane that the
motions can be approximated reasonably well by using a flve-degree-of-
freedom analysis.
From flight tests of the swept-wing airplane at relatively high
altitude, it was found that the severity of the divergent tendency
increased with roll velocity and was sensitive to roll direction and
, :''. ¥
stabilizer input. Calculated results indicated that considerably more
critical conditions from the °l_s _ s_dpoint can be expected at lower
altitudes when the roll is initiated from a pull-up condition.
Perhaps one of the fundamental reasons for the occurrence of the
large motions on both airplanes was the presence of insufficient direc-
tional stability. Doubling the directional stability level of the swept-
wing airplane resulted in substantially improved flight characteristics;
but calculations indicated that, if the tall size is increased beyond a
certain point, considerably higher tail loads and larger peak normal
accelerations can be obtained than with a tail affording a s_newhat lower
level of stability.
At present, analytical investigations are under way to enable a
better understanding of the overall problem of coupled lateral-longitudinal
motions in rolling maneuvers. It is not yet known whether a practical
design approach exists that would produce desirable characteristics for
a large range of flight conditions without the sacrifice of performance
or the resort to artificial stabilization. It is also true that coupling
can have a large effect on the predicted loads, even for configurations
that have satisfactory handling qualities; therefore, the coupling of the
lateral and longitudinal degrees of freedom should be considered for load
evaluations of rolling maneuvers on most high-speed airplanes.
io
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A STUDY OF MEANS FOR RATIONALIZING AIRPLANE DESIGN LOADS
By John P. Mayer and Harold A. Hamer
Langley Aeronautical Laboratory
The NACA has been making a study of means for rationalizing the
design loads of airplanes based on mission requirements. The study,
which utilizes statistical methods, is in its initial stages but it is
believed that some of the preliminary ideas may be of some interest at
this time.
This study has been based on the premise that an airplane should be
designed for the mission or missions for which it is to be used. Con-
ceivably, in the future it may be desirable to design for more specific
missions which will be governed by the range of the detection apparatus,
the armament, and the type of directing devices. It may then be found
necessary to do something a little different from in the past.
Of course, all statistical measurements which are used must, of
necessity 3 be based on operational airplanes which by some star_dards
are obsolete when they become operational. The airplanes for which
statistical data are now available are all subsonic or low-supersonic
airplanes which are reasonably stable airplanes. The results for air-
planes such as referred to in the previous papers by Charles H. Zimmerman
and by Joseph Well, Ordw%y B. Gates, Jr., Richard D. Banner, and Albert E.
Kuhl could be considerably different if they were flown operationally with
such stability deficiencies. In the following discussion, therefore, it
will be assumed that the stability deficiencies will have been corrected
or the airplanes restricted such that they will be able to perform their
design mission without encountering any uncontrollable motions.
Table I lists some of the missions and operations for which a
fighter-type airplane might be used. In the group above the double line
are the missions for which the airplane might be designed, and in the
group below the double line are other operations for which the airplane
will be used but which may be of secondary importance to the missions.
Several missions or uses are indicated in the first two columns, and of
course there are other missions that could be added to the list. In the
third column are listed percentages of the total flight time which might
be spent in each activity. For each of these uses of the airplane, there
won]d be an associated probability function such as shown in the fourth
column. In this column, probability functions for the airplane uses are
indicated as average flight time required to exceed a given load factor.
The probability curves for the part of the table above the double line
are dictated by the mission requirements, whereas the probability curves
for the lower part of the table or nonmission operations appear to depend
.mostly on the pilot's ability to observe a placard load-factor restric-
tion. These component curves are then combined according to the per-
centage of flight time spent in missions or in other operations to obtain
a resultant probability curve.
It appears that the probability curves for the individual missions
may be calculated in some eases. The first work of this type was done
by Bro'nn of the SAAB of Sweden. In figure 1 a simple mission is indi-
cated for which probability curves have been calculated. In this case,
it is assumed that a Mach number 2 piloted interceptor is to intercept
a Mach number 1 bomber which is approaching the target at an altitude
of 60,000 feet. The bomber is detected by ground radar stations. Prob-
ability curves are then calculated or estimated for the various phases
of the mission such as the ts_ke-off, climb, cruise, turn on to target,
attack, breakaway, and landing. The possibilities of a miss on the first
attack and subsequent attacks are also included in the calculations
although not indicated in this figure. The turn on to the target is
assumed to be directed from the ground control stations. The probability
function for this turn is related to the ability and probability of the
ground radar installation to direct the interceptor to the optimum posi-
tion for attack.
The method of calculating the probability functions for a simplified
version of the attack phase of the mission is indicated in figure 2. The
interceptor is located at the position indicated at the beginning of the
attack phase. The lines denoting various loads represent possible loca-
tions of the bomber at the beginning of the attack. For example, if the
bomber were located anywhere along the line labeled 2g at the beginning
of the attack, the interceptor won]d have to make at least a 2g turn for
a successful interception; if the bomber were located anywhere along the
line labeled 4g, the interceptor would have to make at least a 4g turn,
and so forth. The dashed-line circle represents the interceptor's initial
airborne radar range, which in this case _Nas assumed to be 20 miles. The
concentric solid-line circles are lines of constant probability which
are a function of the ability of the ground control to position the
interceptor in the optimum location for a successful attack. For example,
the bomber will be located within the area enclosed by the circle labeled
10% in l0 percent of the cases, the bomber will be located within the
area enclosed by the circle labeled 90% in 50 percent of the cases, and
so forth. The probability of the interceptor exceeding a given load
factor is then determined by the volume of the probability distribution
falling outside of a given load-factor line. Of course, this is a
simplified version of the attack phase of the mission, but it is presented
in order to illustrate the use of the mission concept to determine the
loads which might be imposed. It is not intended to be an actual inter-
ception problem.
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The probability curve obtained in this manner is shown in figure 5.
The probability curve for the attack phase is shown as the average flight
time required to exceed a given load factor. The probability curves for
the other phases of the mission are also calculated or estimated. A few
of these are shown, such as the take-off, turn on to target, and the gust
expectancy. These individual probability curves are then combined to form
the total mission probability curve which is shown as the heavy line.
For the other uses of the airplane such as shown in the lower part
of table I, it has been indicated from experience with present-day air-
planes that the load experience other than the specialized mission may
be approximated by one probability function which is proportional to
the airplane service limit load factor. This is shown in figure 4.
In figure 4, the ratio of the time to exceed a given load factor
to the time to exceed 1 g in maneuvers is shown plotted against the ratio
of incremental load factor to incremental service limit load factor. The
data shown represent about 203000 hours of total flight time in training
and combat. It may be seen that, although there is considerable scatter,
the data may be represented by one line and the curve shown appears to
fit the data for airplanes with limit load factors as low as 2.8 and as
high as 7._ at load factors up to the service limit load factor.
It is indicated that this tentative standard curve may be represented
by an equation of the type shown in figure 4. It can be shown from sta-
tistical theory that such an equation represents the distribution of the
larger peak load factors if it could be assumed that the maneuvering load
factors were of a random nature and symmetrical about 1 g. It may be
noted that the load-distribution curve is determined only by the
term No/T and the term _; NO_ represents the average number of large
load-factor peaks per hour and g represents the root-mean-square value
of the load-factor ratio. For present operational U. S. Air Force fighters
in training and in combat, the value of No/T varies between lO and
2_ peaks per hour and the value of _ is roughly 0.3. Of course, indi-
vidual maneuvers are not of a random nature; however, when many maneuvers
are considered together it appears that they may approach the concept of
a random process.
If, now, it is assumed that the mission probability curve may be
calculated and that the probability curve for other airplane operations
can be given as shown in figure 4, the two types of probability curves
may be combined to form the resultant curve. If it is assumed, for
example, that the airplane will spend 20 percent of its flight time in
the specialized high-altitude interception mission described previously
and 80 percent of its flight time in other operational uses, the limit
load factor could be selected in the manner indicated in figure _.
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On the left side of figure 5 is shown the probability curve for
the specialized high-altitude interception mission in terms of flight
time required to exceed a given load factor. On the right side of fig-
ure _, the standard maneuver curve for the other operational uses is
shown as a function of limit load factor. The curve shown is given for
an assumed value of the average number of load-factor peaks per hour
which may be estimated on the basis of past experience.
By assigning various values of the limit load factor to the upper
curve, a series of probability curves are obtained as shown at the bottom
on the right side of figure _. At this point the limit load factor to
select is not known_ however, it is known that the airplane with the
longest life at the least expense in weight is wanted. Therefore, if
the mission curve is combined with each of the curves representing dif-
ferent limit load factors on the basis of 20 percent of the flight time
spent performing the mission and 80 percent spent in nonmission opera-
tions, a series of resultant probability curves, one for each limit load
selected, would be obtained. The flight time required to exceed limit
load factor for each of the resultant curves would vary for the different
case s.
In figure 6 the standard (or nonmission) curve based on limit load
factor has been combined with the mission curve in the manner indicated
above. Each bar represents an airplane having a given limit load factor
and capable of performing the high-altitude interception mission previously
mentioned. The height of each bar represents the flight time required to
exceed the particular limit load factor for each case. For example, the
height of the bar labeled 2g represents the time to exceed 2g and the
height of the bar labeled 8g represents the time to exceed 8g, both of
which are designed for the high-altitude mission previously discussed.
From figure 6 the limit load factor for the most suitable high-
altitude interceptor may be selected. The airplane to select for the
mission, therefore, would be the one which has the longest time to reach
limit load factor but at the lowest practical limit load factor. In
this hypothetical case, it would appear that an airplane with a limit
load factor of 4g would be sufficient since it can be seen that little
is gained in the time to reach limit load factor by selecting a higher
strength airplane. It might be added that if the percentage of flight
time spent in the mission was as low as 1 percent or even O.1 percent,
approximately the same limit load factor would be selected for this case.
At this time it should be pointed out that these results do not
indicate that every high-altitude interceptor should be a 4g airplane.
The results shown here are a result of the particular conditions assumed
for the simplified mission. The results obtained in other cases could
be different from those shown here, depending on the radar ranges, speed
ratios, and altitudes chosen.
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If, on the other hand, the airplane were to be designed for both
high- and low-altitude missions, the results could be considerably dif-
ferent. For example, the right side of figure 6 indicates the results
for a case where 20 percent of the airplane flight time was spent in
performing the high-altitude interception, 1 percent in a different low-
altitude interception such as dive-bombing, and 79 percent in other
operations. In this case, the high-altitude-mission probability curve,
the low-altitude probability curve, and the standard curve are combined
as before. It may be seen for this particular case that the low-
altitude mission dictated the design limit load factor even though the
airplane was assumed to be used in this mission only 1 percent of the
time, and it is indicated that an 8g airplane would be selected as the
airplane which wo_Sd have a long time to reach limit load factor at the
lowest practical limit load factor. Low-altitude missions wo_JBd not
always affect the results in this manner, however, for it is possible
that the probability functions for some low-altitude missions might not
involve the probability of high load factors, as was the case in this
illustration.
Therefore, after selecting the limit load factor on this basis, the
time-to-exceed curves for the mission are combined with the standard
time-to-exceed curve for the airplane selected (in this case it would
be a 4g airplane) to form the resultant curve, shown in figure 7- Here
the probability curve for the high-altitude mission is shown with the
standard curve for a 4g airplane. These curves are then combined
according to the percentages of flight time spent in each activity to
form the resultant curve which is shown on the right side of figure 7-
The peak at the lower load factors is caused by gusts.
Although the possibilities of calculating probability curves for
specific missions and the combination of these specific probability
curves with more general curves to predict the overall load experience
have been mentioned only in regard to positive symmetrical wing loads,
there exists the possibility of extending the reasoning to Other loads
such as negative wing loads and horizontal- and vertical-tail loads,
although more factors will enter into the problem and tend to complicate
the situation.
It is realized that in all the preceding discussion many questions
still exist and will have to be dealt with by either analytical studies
or the analysis of statistical data. For example, there are questions
as to the validity and accuracy of the calculations of probability func-
tions for a given mission. Such calculations could probably be made for
many missions; however, for some missions, the probability function may
require correlation with previous experience. One of the major questions
concerns the determination of the percentage of flight time spent in per-
forming each mission. This could be of importance if a large percentage
of the flight time is spent in many specific missions such as indicated
in table I.
6Also there are questions concerning the use of a universal standard
curve based on limit load factors for all the other airplane uses. It
is believed that, on the basis of present knowledge_ such a curve may be
adequate up to the limit load factor. This curve, of course, will have
to be revised gradually as the airplane characteristics change in future
years. One of the important questions concerning this curve is the
determination of the average number of load-factor peaks per hour. This
number varies for different airplane types and uses and must be estimated
from statistical data on past airplanes.
From the results of this study_ the concept of stipulating the design
loads on the basis of mission requirements appears to be feasible; how-
ever, statistical data will be needed in establishing the effect of
missions on the load experience and the amount of time spent in each
activity.
The work on this approach to the problem of design loads at the
NACA is, as mentioned before, in a beginning stage, and the results
that have been shown here have been presented to indicate a few of the
possibilities of using statistical methods for correlation with design
load requirements.
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LOAD DISTRIBUTIONS ON WINGS AND WING-BODY COMBINATIONS
AT HIGH ANGLES OF ATTACK AND SUPERSONIC SPEEDS
By Elliott D. Katzen and William C. Pitts
Ames Aeronautical Laboratory
INTRDDUCTION
Maximum loads on present-day airplanes have generally been reached
at high speed and high dynamic pressures at relatively low altitudes
and low angles of attack. For aircraft which are required to maneuver
rapidly at extreme altitudes, maximum loads are reached at high angles
of attack. For the Mach numbers considered in present designs, loads
information is necessary for both flight conditions. To provide the
required information, extensive research programs have been undertaken
(ref. l, 2, and 3). In figure l, the scope of the investigations is
outlined. Data were obtained through the Mach number range from 1.45
to 3.36, which covers the current range in design for airplanes and
missiles. The angle-of-attack range of the tests was 0 ° to 45 °. The
wing sweepback angles varied from 0° to 85 °. In addition to wings
alone, wlng-body combinations were also studied.
The data obtained illustrate many nonlinear effects which make
accurate prediction of loads difficult. These nonlinear effects on
loads are usually, but not always, alleviating. They occur at low, as
well as at high, angles of attack. The purpose of the present paper is
to summarize these nonlinear effects and to indicate where departures
from linearity and linear-theory predictions become important.
RESULTS AND DISCUSSION
Wings
Departures from the predictions of linear theory, for a thin wing,
depend on sweep angle, Mach number, and angle of attack. For moderate
sweep, moderate supersonic Mach numbers, and low angles of attack,
linear theory is expected to give adequate answers. An example of such
a case will be presented; then, typical nonlinear effects of variations
in these test parameters will be illustrated.
An example of a case in which linear theory is applicable is shown
in figure 2. The delta wing h_s an aspect ratio of 4, corresponding to
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a sweepback angle of 45 °. The wing section is 5-percent thick and has a
trailing edge of 50-percent bluntness. The Mach number is 1.45 and the
Reynolds number, based on the wing mean aerodynamic chord, is 2.1 × l06.
At 3° angle of attack it is seen that agreement between theory and
experiment is good. It is best at the inboard stations, toward the
leading edge, and deteriorates somewhat toward the trailing edge and at
the outboard stations. Curiously, even at 20° angle of attack where
linear theory is not expected to be applicable, the agreement is still
good at the inboard stations. At the 75-percent-semispan station the
effects of separation and shock waves on the wing are large and are not
accounted for theoretically. The predicted tip loads are higher than the
experimental values so that wing bending moments, predicted on the basis
of linear theory, would be conservative.
As the wing aspect ratio is reduced, or the leading-edge sweep
increased, viscosity and separation affect a larger part of the wing.
These results are exemplified (fig. 3) by a delta wing having a very low
aspect ratio. The wing semiapex angle is 5°, corresponding to an aspect
ratio of about 1/3. The wing section is a 1-percent-thick wedge with a
trailing edge of 100-percent bluntness. The Mach number is 1.9 and the
Reynolds number, based on the mean aerodynamic chord, is about 1 × 107.
In figure 3, upper- and lower-surface lifting pressures are presented
for the local semispan at the 78-percent-root-chord station. In addition
to the experimental data at 3° and 6 ° angle of attack, linear theory is
shown, and also a vortex theory (ref. 4) developed by Brown and Michael.
The vortex-theory curve pertains to 3° angle of attack. The theory was
developed by using a vortex model as shown, except that, for simplicity
in the calculations, the spiral sheet was replaced by a concentrated
vortex and a flat feeding sheet of vorticity. On the upper surface, at
3° angle of attack, the experimental data exhibit a region of increased
suction, compared to linear theory, at about 75 percent of the semispan.
The increased suction causes the total wing load, as predicted by linear
theory, to be too low, or unconservative. At 6° angle of attack the
suction peak moves inboard. The vortex theory also shows a suction peak
at 5° but the magnitude and position are not properly estimated. The
theory does predict inboard movement of the suction peak with increased
angle of attack. Thus, qualitatively but not quantitatively, the esti-
mated effects are in agreement with the experimental results for this
wing which has a very low aspect ratio. For quantitative prediction, it
appears that the simple vortex model must be modified.
As the Mach number and aspect ratio are increased the important non-
linear effects are no longer caused by viscosity and separation. Instead,
there are nonlinearities from compression and expansion. An example of
these effects is shown in figure 4. The Mach number is increased to 5.56
and the aspect ratio to 4. The wing is the same as that for which data
were presented in figure 2 for a Mach number of 1.45. The section is
5-percent thick and has a trailing edge of 50-percent bluntness. The
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Reynolds number is 2.1 X 106. The lifting-pressure coefficients are
plotted along the chord for the various spanwise stations. The linear
theory indicates uniform loading for that part of the wing forward of
the Mach wave frQm the apex, with decreased loading behind the Mach wave.
Comparison of the experimental data and linear theory shows large system-
atic differences, even at 5 ° angle of attack. The predicted loading is
too low at the leading edge and too high at the trailing edge, so that
the wing torsional loads would not be estimated properly.
For that part of the wing forward of the influence of the apex# a
nonlinear solution can be obtained by extension of the shock-expansion
method to three dimensions. This has been done by Vincenti s_id Fisher
at the Ames Aeronautical Laboratory (ref. 5)- In figure 5, theoretical
curves obtained by this method for the wing at 0° and 5° angle of attack
are shown. Linear theory, and the experimental data for that part of the
wing forward of the influence of the apex, are also shown. The surface-
pressure coefficients (due to wing thickness) at 0o and the lifting pres-
sures at 5° are presented as functions of percentage distance along the
local chord. The experimental data from the various spanwise stations
have, at given chordwise positions, approximately the same value of
surface-pressure and lifting-pressure coefficients. This means that the
flow is essentially conical with respect to the tip; that is, the pres-
sures are constant along rays from this point. This is to be expected,
as the wing is a cone with respect to the tip; the geometry can be
described by directions from this point since there is no characteristic
length in the problem. For the pressures due to wing thickness at 0 °
angle of attack the differences between the linear theory and the three-
dimensional shock-expansion theory are not large and there is good
agreement with experiment. For the lifting pressures at 3° angle of
attack, however, it is seen that the variation of lifting pressure along
the chord is estimated more accurately by the three-dimensional shock-
expansion theory. This theory is applicable to shock detachment, which
occurs at about 15 ° angle of attack for this wing and Mach number. The
differences between pressures given by three-dimensional shock-expansion
theory and those predicted by the more familiar two-dimensional theory,
for streamwise sections, are small for the present case. For example,
at lO ° angle of attack, the largest differences (lO percent to 15 percent)
occur on the lower surface. On the upper surface the differences between
the two theories are negligible at this Mach number of 3.36. For lower
Mach numbers or more highly swept wings, the differences are larger. The
differences are decreased as the Mach number normal to the leading edge
is increased.
The nonlinearity in load distribution between the upper and lower
surfaces of the wing at a Mach number of 3.36 and at high angles of
attack is illustrated in figure 6. The wing is at 20 ° angle of attack
where the bow wave is detached from the leading edge of the wing. At
this angle of attack, the upper-surface pressure coefficients are
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approaching a vacut_n. The variation in lower-surface pressures along
the chord resembles that given by two-dimensional shock-expansion theory,
for streamwise sections, or Newtonian theory; but, as would be expected,
the magnitudes are not given properly. As the angle of attack is
increased beyond 20 °, the upper-surface pressures approach a vacuum
more closely. At 45 ° angle of attack, a 90-percent vacuum was reached.
Wing-Body Combinations
For the wing-body combinations, there are additional nonlinear
effects resulting from interference. These nonlinearities are evaluated
by comparison of high-angle experimental data with low-angle data or
with existing slender-body or linear theories (ref. 6). For example,
the result of body interference on wlng-load distribution at angles of
attack is shown in figure 7. The wing is the same aspect-ratio-4 wing
studied previously. The ratio of body radius to wing semispan is 0.2
and the Mach number is 3.36. The nondimensional span loading, as a
function of the percentage distance along the wing semispan, is given
for 6 ° and 20 ° angle of attack. The normal-force coefficients, from
the integrated span loadings, are shown for the angle-of-attack range.
At 6° angle of attack, the loading for the wing in the presence of the
body is increased by the body upwash over that for the wing alone. It
would be unconservative to estimate the loads on the wing of the combi-
nation by using wing-alone data and ignoring the interference. The
integrated increase in loading on the wing, as shown by the normal-force
coefficient, is given accurately at 6° by the theory. At 20 ° angle of
attack, however, the loading of the wing in the presence of the body is
only slightly increased over that of the wing alone. This is also the
case for the normal-force coefficient above about l0 o angle of attack.
The estimated wing bending moments would be conservative if the slender-
body interference factor were used at high angles of attack.
The results of the interference of the body on wing-load distribution
at angles of incidence - that is, incidence relative to the body - are
illustrated in figure 8. Nondimensional span loading with the wing at 6°
and 20o incidence and the body at 0° angle of attack is shown and the
normal-force coefficients for the incidence angles from 0 ° to 40 ° are
also presented. The span loadings for the wing alone are not greatly
different from those of the wing in the presence of the body. The inter-
ference (the difference between the span loading for the wing alone and
that for the wing of the combination) is less at 6° incidence than at 6°
angle of attack. This is especially so for the span loading on the out-
board part of the wing. Near the root, at 6 ° and 20 ° incidence angles,
the loading on the wing of the combination is reduced from that of the
wing alone because the body is not a perfect reflection plane, due to
its curvature. The normal force on the wing of the combination is
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predicted with good accuracy throughout the incidence range from 0 °
to 40 ° by applying a small interference factor frQm slender-body theory
(ref. 6) to the experimental wimg-alone results.
The effect of the presence of the wing on body loading at angles
of attack is shown in figure 9. The local body loading along the body
length at 6 ° and 20 ° angle of attack and the normal-force coefficients
as a functlcm of angle of attack are presented. At both angles of attack
the loading an the afterbody of the body alone is given with fair accu-
racy by the viscous-crossflow method (see, for example, ref. 7). At 6°
angle of attack the loading carried over fr_n the wing is increased in
the region near the wing and decreases toward the base of the body.
At 20o angle of attack the presence of the wing is felt forward of the
wing through the boundary layer on the body. In this forvard region
the loading starts to increase slightly. Near the wing the loading is
increased rapidly. Behind the wing, the interference loading over the
afterbody does not decrease toward the body base. This is a different
result than at 6° angle of attack, or at high angles of attack at lower
supersonic Mach numbers (see, for example, ref. 8). The integrated
increase in normal force on the body, due to the wing I is predicted with
good accuracy at high angles of attack even though the bending maments
on the rear of the body, predicted by extrapolating from low-angle pres-
sure data, would be unconservative.
The interference load distribution on the body with the wing at
angles of incidence is illustrated in figure 10. The body is at 0° angle
of attack so that the loading on the body alone is zero. The local
loading along the body length for the body in the presence of the
at 6° and 20o incidence angles and the normal-force coefficients of the
body as a function of incidence angles frQm 0° to 40o are presented. At
6 ° incidence the loading on the body increases in the region of the wing
and decreases toward the base in much the same manner as the loading at
an angle of attack. At 200 incidence, however, the positive pressures
from the lower surface of the wing are felt on the tGp of the body near
the raised, or unported, wing leading edge. The result is a downward,
or negative, loading on the body. Further downstream, the body loading
becomes positive, decreasing toward the base of the body. The bending
maments on the body at high angles of wing incidence could not be pre-
dicted by extrapolating low-angle data.
The effect on the agreement between theory and experiment of the
negative loading is also shown for normal-force coefficients. At low
incidence angles, the predicted normal force is in good agreement with
experiment. Above about lO° the predicted total loads for the body are
far above experiment. For wings of rectangular plan form having larger
chords relative to the body than the present wing, the negative and
positive body loadlngs were equal at large incidence angles so that the
resultant was a couple: zero normal force and large local bending moments.
6CONCLUDING i_
Comparisons of the predicted and experimental loadings on wings and
wing-body combinations have been presented, from which the following sum-
marizing remarks can be made:
1. On very highly swept delta wings at moderate supersonic Mach
numbers, viscosity and separation must be considered, even at low angles
of attack, for accurate prediction of load distribution. For wings with
less sweepback, but at higher Mach numbers, nonlinear effects of com-
pression and expansion must be considered at all angles of attack.
2. For the wing-body combinations, there were additional nonlinear
effects resulting from interference. At large angles of attack the
effective body upwash was reduced so that the wing performed essentially
as a wing alone. At large angles of wing incidence, unporting of the
wing created a body loading which was highly nonlinear.
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LOADS ON THIN _ENGS AT TRANSONIC SPEEDS
By Don D. Davis_ Jr., and Gerald Hieser
Langley Aeronautical Laboratory
SDNMARY
Experimental loads data at transonic speeds are reviewed in an
attempt to sort out the effects of several configuration variables on
the overall wing loads, and to establish the relative importance of these
variables.
All plan forms show a large rearward shift of the center of pres-
sure in the transonic speed range, but the Mach number at which this
shift begins is found to be a function of such factors as taper ratio,
thickness ratio, sweep angle, and the shape of the body. The center
of pressure also tends to shift outboard in the trausonic speed range,
but this shift is found to be much larger for swept wings of medium taper
than for highly tapered swept wings or for unswept or delta wings.
_ng loads measured in flight on the D-558-II airplane, which has
a wing thickness ratio of about 0.09, are similar to those measured on
a 6-percent-thick wing of similar sweep and aspect ratio, except that
the transition from subsonic to supersonic loading characteristics begins
at a lower Mach number for the thicker wing. This similarity indicates
the possibility of applying these flight-test results in the structural
design of thinner wings.
INTRODUCTION
Studies of aerod_mamic loading at transonic speeds (for example,
ref. i) have revealed that a change in wing thickness ratio from a large
value such as 0.09 to a smaller value such as 0.06 often results in large
changes in wing loading characteristics. Several research programs have
been conducted at the NACA for the purpose of determining the effects of
configuration changes on the aerodynamic loading of thin wings (6 percent
thick and less) at transonic speeds. The purpose of this paper is to
summarize this information in a manner that will aid in the evaluation of
the relative importance of the variables that affect wing loads. For the
most part_ the location of the center of loading on the wing will be used
as an indicator of the overall wing loads.
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SYMBOLS
aspect ratio
span
chord
mean aerodynamic chord
average chord
incidence angle
Mach number
pressure coefficient
thickness ratio
distance along wing chord_ measured from leading edge_
fraction of chord
chordwise location of center of pressure
lateral distance
spanwise location of center of pressure measured from wing-
body juncture
exposed-wing bending-moment coefficient
exposed-wing pitching-moment coefficient
exposed-wing nomal-force coefficient
angle of attack
nose droop angle
sweepback angle (subscripts .25, .30, and .50 specify reference
chord line)
taper ratio
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Subscripts :
e exposed wing
LE leading edge
Test designations (used in fig. 1):
F
P
WB
flight (including pressure measurements)
wind-tunnel pressure
wind-tunnel wing balance
DISCUSSION
Some of the wing-body combinations and airplanes for which wing
loads data are available are represented in figure 1 (refs. 2 to ll).
The symbol P in the figure signifies wind-tunnel pressure tests, and
the symbol F refers to flight tests during which pressures were also
measured. For the remainder of the configurations, data have been
obtained from wing balances as signified by the symbol WB. The avail-
able pressure data have made it possible to study in some detail the
changes in wing loading that occur in the region of transition from sub-
sonic to supersonic speeds. However, very little detailed pressure
information is included in this paper.
In figure 2, chordwise and spanwise center-of-pressure locations
obtained from the data of reference 7 are plotted as a function of Mach
number at a normal-force coefficient of 0.5 for two wings differing only
in thickness ratio. Note that the data in this and all ensuing figures
are reduced on the basis of exposed-wing geometry as indicated by the
subscript e. The unusually rearward position of the wings on the
research body shown in figure 2 probably has no major effect on the wing
loads.
The large rearward movement of the center of pressure between Mach
numbers of about 0.8 and 0.95 is due to the rearward travel of the wing
shock (fig. 2). This shock reaches the trailing edge at a Mach number
of about 0.95 at which speed the flow over the upper surface of the wing
is almost entirely supersonic, and further increases in Mach number up
to 1.2 result in only small additional movement of the center of pressure.
For these thin straight wings, the lateral position of the center of pres-
sure is affected little by the variation of Mach number. Reducing the
thickness ratio from 0.06 to 0.04 results in only a small shift of the
center of pressure - rearward and outboard - and thus in only a small
4change in the loads. This trend exists throughout the normal-force range
below the stall. Unpublished data from a different wing, for which chord-
wise pressure distributions were obtained at two spanwise stations, show
that reducing the thickness ratio from 0.04 to 0.02 has an even smaller
effect on the chordwise center of pressure than shown here.
Plots of the center of pressure for three wings with about 35 ° of
sweep - a wind-tunnel model (ref. 7) and the F86-A (ref. 12) and
D-558-II (ref. 8) airplanes - are shown in figure 3- Note that the cen-
ter of pressure for the F-86A airplane shows a rather severe forward and
inboard movement in the transonic speed range which results from a loss
of lift at the tip of the wing. This characteristic has been described
in the past as being typical of thick wings, because it was found tha t
when the thickness ratio was reduced sufficiently, the forward and
inboard movement of center of pressure was eliminated. The data for
the D-558-II research airplane show that the center of pressure moves
rearward and outboard as the speed is increased in the transonic range,
a characteristic which has been described as typical of thin swept wings.
In this particular case_ however, the wide difference in the behavior of
center of pressure between the F-86A and D-558-II airplanes cannot be
explained on the basis of wing thickness because the thickness ratios
average about 0.09 for both airplanes. The differences in sweep and taper
ratio are also small_ but there is a significant change in aspect ratio
from 3.6 for the D-558-II to 4.8 for the F-86A. Increasing the aspect
ratio thus is seen to have an effect similar to that of increasing the
thickness ratio, in that eventually a point is reached where further
increases result in a loss in lift at the wing tips at transonic speeds
with a resultant inboard and forward movement of the center of pressure.
The solid lines in figure 3 indicate the center of pressure of the
6-percent-thick wind-tunnel model. The only significant difference
between these curves and those for the D-558-II airplane is a delay in
the Mach number at which the rearward and outboard movement of the center
of pressure begins. This delay is due to the decreased thickness ratio
of the wind-tunnel model which reduces the induced velocities over the
wing. It is apparent from the comparison in figure 3 that the flight
data from the D-558-II airplane can be used with some confidence in
estimating the loads on much thinner wings of about the same plan form,
whereas the F-86A data are likely to give misleading results if applied
to thin wings.
In connection with the data of figure 2, it was noted that the center-
of-pressure movement at supersonic speeds was relatively small for unswept
wings. A similar trend is shown in figure 3 for swept wings. The flight
data not only verify this trend but also show that it extends to the limit
of the test data at a Mach number of 1.5. The spanwise center of pres-
sure for the 6-percent-thick wing has been calculated at M = 1.2# 1.26,
and 1.5 by linearized theory. The results are plotted as the diamond
points and show good agreement between the theory and experiment. With
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decreasing supersonic Mach number, the linearized theory predicts a
sizeable inboard shift of the center of loading beginning at the point
where the Mach lines become parallel to the wing trailing edge - the so-
called subsonic trailing-edge case. Experimentally, this shift is found
to occur at subsonic rather than low supersonic speeds. If the calcu-
lations are started at the lowest Mach number for which the supersonic
trailing-edge theory is applicable, and the resulting curves are simPlY
extrapolated back to M = l, the spanwise center of load for swept wings
will be predicted with better accuracy than by using the theory for sub-
sonic trailing edges.
The advantages of thin wings for high-speed flight have been clearly
established from a performance standpoint. However, the choice of plan
form depends to some extent on the intended mission of the airplane and
therefore unswept, swept, and delta wings are all under consideration.
The chordwise and spanwise center of pressure is shown in figure 4 as a
function of Mach number for one of the unswept wings shown previously
and also for a swept (ref. 7) and a delta wing (unpublished data) at a
value of CNe of 0.5. The wings utilized here are representative of
the three types of plan form, but are not necessarily optimum from a
performance standpoint. 0nly the unswept and swept wings have the same
aspect ratio, taper ratio, and thickness ratio. Although the thickness
ratio of the delta wing is considerably lower than that of the other two
wings, the differences shown here are primarily due to the change in
plan form. Comparing the chordwise center-of-pressure location for the
unswept and swept wings reveals that sweep has resulted in an increase
in the Mach number at which the rearward shift of the center of pressure
begins; but, at a Mach number of 1.2, the center of pressure of the two
wings is in nearly the same chordwise location. The lateral center of
pressure for the swept wing shows an outboard movement of about 7 percent
of the exposed semispan, as Mach number is increased from subsonic to
supersonic speeds. For the delta wing, the chordwise center of pressure
is considerably farther rearward than for the other wings. However,
because of the change in plan form the mean aerodynamic chord for the
delta wing is farther inboard and considerably longer than for the other
two wings, although the wing areas are the same. As a result, the rear-
ward center-of-pressure movement with increasing Mach number for the
delta wing is larger, relative to that for the other two wings, than
might appear from the data of figure 4. The spanwise center of pressure
for the delta wing is located farther inboard than that for the other
two wings and, like the unswept wing, it shows a much smaller movement
through the transition from subsonic to supersonic flow than does the
spanwise center of pressure of the swept wing.
The variation of the chordwise and spanwise center-of-pressure
locations with wing normal-force coefficient for the same three wings
of figure 4 is shown in figure 5- At a Mach number of 0.8, the chordwise
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center of pressure for the unswept wing shows a large rearward movement
in the upper range of CNe , and is accompanied by an outboard movement.
For the swept and delta wings, the inboard and forward movement of cen-
ter of pressure that begins at normal-force coefficients of 0.5 to 0.8
is associated with tip stalling. This characteristic is undesirable from
a longitudinal-stability standpoint and modifications incorporated to
improve the stability generally delay the beginning of this center-of-
pressure shift to higher normal-force coefficients. At a Mach number
of 1.2, for the unswept and delta wings, the chordwise position of the
center of pressure shows very little movement with increasing CNe
within the range of the data. The center of pressure of the swept wing
again shows a forward movement at high values of CNe. The spanwise
center of pressure for the unswept wing is nearly constant at M = 1.2,
whereas the swept and delta wings experience an inboard movement of the
center of pressure that is similar to that shown at M = 0.8_ although
it is less severe. At a Mach number of 1.2, the spanwise center of pres-
sure of the swept wing is outboard of that for the unswept wing through-
out most of the range of CNe. As a result the root bending moments for
the swept wing will be higher, in general, than those for the unswept
wing. For example, in a maneuver at CNe = 0.4 and M = 1.2, the root
bending moment for the swept wing would be about 17 percent higher than
for the unswept wing.
Structural considerations lead to a desire for rather highly tapered
wings. Center-of-pressure locations for two swept wings identical except
for taper ratio were obtained from reference 6 and are presented in
figure 6. In comparing wings of different taper ratio, it is important
to recognize that the mean aerodynamic chord of the more highly tapered
wing is located farther inboard and is also longer. There is one chord
on the wing_ however, that is unaffected by a change in taper ratio;
namely_ the average chord of the complete wing. Consequently, the
average chord has been selected as a basis for this comparison, and on
this basis the change in taper ratio from 0.6 to 0.3 is found to have
very little effect on the center-of-pressure location at subsonic and
supersonic speeds. The transition in the transonic speed range, however,
begins at a lower Mach number for the more highly tapered wing.
Some unpublished data on an even more highly tapered wing (_ = 0.15)
showed an outboard movement in the spanwise center of loading of less
than 2 percent of the exposed semispan at transonic speeds as compared
to about 7 percent for the wings shown in figure 6. The bending-moment
characteristics of a very highly tapered wing thus seem to approach
those of a delta wing, and the moment increase at transonic speeds is
smaller than for the wings shown in figure 6. This is, of course, a
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favorable effect as for as the wing loads are concerned. The wing with
a taper ratio of 0.15 has the same sweep and aspect ratio as the wings
shown in figure 6, but it was specifically designed for efficient flight
at transonic speeds and has camber and thinner airfoil sections. The
division of load between the wing and the body and the spanwise distri-
bution of load for this wing are shown in subsequent papers by Thomas C.
Kelly and John L. Crigler.
At the present time, contoured bodies are being considered in the
design of transonic and supersonic airplanes. In figure 7 is shown the
effect of body indentation on the center-of-pressure location for a wing
• of aspect ratio 2.67 (unpublished data). The change in body shape is
seen to result in a somewhat rearward and inboard movement of the center
of pressure throughout the speed range. Tests of other wings have shown
that the effect of body contouring on wing loads is less for wings of
higher aspect ratio (ref. 6). This is to be expected because the effect
of the body shape on the wing pressures is confined largely to the region
of the wing near the body (ref. 13).
Another factor that has received increased attention recently is
the use of leading-edge camber on the wings of high-speed airplanes. In
order to discuss the effects of such camber on the aerodynamic loads, it
is necessary to inspect chordwise pressure distributions. Pressures at
the 28-percent-semispan station are shown in figure 8 for an unswept wing
with the leading edge undrooped (ref. lO) and drooped 6 ° and l0 ° along
the 17-percent-chord line, at angles of attack of about 5° and 13 °. Pres-
sures for the drooped cases were obtained from unpublished data. The
results shown in this figure are typical of those at other spanwise sta-
tions. As the leading edge is drooped to progressively higher angles at
an angle of attack of about 5° , the suction above the leading edge is
reduced at Mach numbers of both 0.8 and 1.0. Thus, the loads on the mech-
anism that are required to droop the leading edge are highest at the
breakaway point, and they can be estimated from pressure distributions on
the undrooped wing.
At a Mach number of 0.8 and an angle of attack of about 5°, increasing
the droop results in a rearward movement of the wing shock, but behind this
shock the droop has little effect on the wing loads (fig. 8). As the angle
of attack is increased, the loads on the undrooped nose increase until the
flow separates, at which point the loads are considerably reduced. At an
angle of attack of about 13 ° and a Mach number of 0.8, the flow is com-
pletely separated at the leading edge for the 0° and 6° droop cases, but
there is still a negative pressure peak at i0 ° of droop. At about the
same angle of attack and a Mach number of 1.0, there is still a small
reduction in the leading-edge load as the droop is increased. Note that
the trailing-edge loads are not affected by droop at either Mach number.
8Unpublished results from chordwise loadings for a 45 ° swept wing
with a drooped leading edge show trends similar to the unswept-wing data
of figure 8.
An indication of the effect of leading-edge droop on the total wing
loads is given in figure 9 which shows the pitching-moment and root-
bending-moment coefficients for a swept wing with and without droop, and
the root-bending-moment coefficient for the unswept wing with and without
droop. The moments, rather than the center of pressure, are plotted in
this figure because it is felt that they may give a somewhat clearer
picture of the effect of droop. The bending moment at a constant CNe
is essentially unaffected by the camber for both the swept and unswept
wings_ within the range of the data. Application of camber to the swept
wing causes a negative increment in the pitching-moment coefficient that
is nearly constant up to a normal-force coefficient of 0.4.
Camber effects are of particular interest in the case of delta wings.
Although no data can be presented at this time, tests are being made on
a delta wing with conical leading-edge camber.
The effect of a change in wing incidence from 0° to 4° on the
pitching-moment and root-bending-moment coefficients for a swept wing
is presented in figure i0 at a Mach number of 1.0 (unpublished data).
The effect of this incidence change on the loads is only a small propor-
tion of the maximum loads. Incidence causes an essentially constant
increment in the pitching and bending moments through a large part of
the normal-force range. Thus, the principle of superposition of a basic
loading due to incidence and an additional loading due to angle of attack
is apparently valid at sonic speed as well as at subsonic speed.
CONCLUDING Fd_MA2KS
This discussion of experimental loads data at transonic speeds has
been an attempt to sort out the effects of several configuration vari-
ables on the overall wing loads, and to establish the relative impor-
tance of these variables.
All plan forms show a large rearward shift of the center of pres-
sure in the transonic speed range, but the Mach number at which this
shift begins is found to be a function of such factors as taper ratio,
thickness ratio, sweep angle, and the shape of the body. The center of
pressure also tends to shift outboard in the transonic speed range, but
this shift is found to be much larger for swept wings of medium taper
than for highly tapered swept wings or for unswept or delta wings.
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Wing loads measured in flight on the D-558-II airplane, which has
a wing thickness ratio of about 0.09, are similar to those measured on
a 6-percent-thick wing of similar sweep and aspect ratio, except that
the transition from subsonic to supersonic loading characteristics begins
at a lower Mach number for the thicker wing. This similarity indicates
the possibility of applying these flight-test results in the structural
design of thinner wings.
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WING-LOADS TESTS AT TRANSONIC SPEEDS
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EFFECT OF BODY INDENTATION ON BODY LOADS AND THE
DIVISION OF LOADS AT _ANSONIC SPEEDS
By Themas C. Kelly
Langley Aeronautical Laboratory
INTRODUCTION
One of the problems associated with the structural design of air-
planes is the estimation of the load division between components of
various configurations. Simplified theoretical methods are available
(refs. 1 mud 2) which permit the load division to be estimated readily
at subsonic, transonic, and supersonic speeds for wing-body and wing-
body-tail combinations having wings with rectangulam, trapezoidal, and
delta plan forms. Unfortunately, the simplified methods do not apply for
wings having sweptback trailing edges. In addition to the theoretical
methods 3 experimental data which indicate the effects of many variables
on the division of loads (refs. 3 to 6, for example) are available.
Because of the recent emphasis placed upon body contouring as a
means for reducing drag at transonic and supersonic speeds (see refs. 7
and 8), it becomes important to determine the effects that these modi-
fications may have upon wing and body loads and the division of loads.
The previous paper by Don D. Davis, Jr., and Gerald Hieser has indicated
the effects of body indentation on the wing center-of-pressure locations.
The purpose of the present paper is to present division-of-load infor-
mation for three wing-body combinations having wings with trapezoidal,
swept, and delta plan forms and to show for each plan form the effect of
body indentation on the load division.
DISCUSSION
Figure 1 illustrates the combinations which are considered. The
solid and dashed lines shown in the vicinity of the wing root represent
outlines of the basic and indented bodies. Both force tests and pressure
distribution tests at transonic speeds have been made for the trapezoidal-
and swept-wing combinations. Complete-model force tests and measurements
of the wing forces in the presence of the body have been obtained for the
delta-wing configuration and for a group of other swept and unswept wings.
Some of these data are available (ref. 9)-
" t
Figure 2 shows the effect of body indentation on the division of
loads for the trapezoidal wing-body combinations. The wing had an unswept
three-quarter chord line, an aspect ratio of 2.61, and a ratio of maximum
body diameter to wing span of 0.179. Results are shown as the ratio of
body normal-force coefficient ,,_CN)B to wing-body normal-force coeffi-
) plotted against wing-body normal-force coefficient. In allcient CN WB
cases, the body normal-force coefficients were measured in the presence
of the wing. This ratio represents simply the percentage of the total
load carried by the body of the combination. Results are shown at Mach
numbers of 0.80 and 1.12 for the basic and indented configurations. The
quantity 1 - _, where Se is the exposed wing area and S, the
f_
total
wing area, represents the percentage of the total wing area which is
blanketed by the body. Theoretical values, which are shown in figure 2,
were obtained for the basic-body configuration by using Nielson's method
(ref. I).
At a Mach number of 0.80, the experimental and theoretical results
show excellent agreement at low normal-force coefficients where the
theoretical method applies. At normal-force coefficients above about 0.50
for the baslc-body combination, the body loads begin to increase noticeably
from the original value of about 21 percent. This increase in body load
is a result of the loss in wing lift associated with separation. A similar
increase in body load occurs for the indented-body configuration which is
carrying about 5 percent less load at this Mach number as a result of the
Se
increase in exposed wing area. Although the area ratio 1 - -_- gives a
poor approximation of the portion of the total load carried by the body,
the difference in the basic- and indented-body loads shown by this ratio
(about 3 percent) are in good agreement with the experimental differences
(approximately 4 percent).
At a Mach number of 1.12, the percent load carried by the body has
increased somewhat and there is only a slight indication of an increase
in body load associated with wing separation at the highest total normal-
force coefficients. Here again, the theory is in excellent agreement
with the experimental results for the basic-body combination, and the
experimental increment in the percent loads carried by the basic and
indented bodies is close to the increment shown by the area ratios.
In figure 3, division-of-load data are presented in the same manner
for the swept-wing combination. The wing, which was cambered, had 45 °
sweepback of the quarter chord, an aspect ratio of 4, and a ratio of body
diameter to wing span of O.113. The percent load carried by the basic
body at a Mach number of 0.80 is low, on the order of ll to 12 percent
at low normal-force coefficients; again, the data indicate an increase in
body loads at the higher normal-force coefficients. The low values of
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body loads would be expected when the ratio of the body maximum diameter
to wing span of 0.]/3 is considered; the value of this parameter gives a
good approximation of the body load for this particular configuration.
As was shown in the case of the trapezoidal wing, the experimental incre-
ment between the percent body loads for the basic and indented configu-
S e
rations is close to the increment shown by the ratios of 1 - m for the
S
two configurations.
Similar results are seen at a Mach number of 1.]2, the only apparent
difference in the two Mach numbers being a delay in wing separation indi-
cated by the fairly rapid increase in body loads at M = 0.80 at the
higher normal-force coefficients and a tendency for the body loads to
maintain a straight-llne variation at the higher Mach number.
Results are shown in figure 4 for the delta-plan-form combinations
that had a wing with a 60° sweptback leading edge, an aspect ratio of 2.31,
and a ratio of body diameter to span of 0.206. For this case, the Mach
numbers are 0.80 and 1.2. Because of strain-gage balance limitations,
the data are restricted to a low normal-force-coefficient range and are
presented as a matter of interest.
At a Math number of 0.80, agreement of the experimental and theoretical
baslc-body load percentages is fair, the experimental value being about
19 percent and the theoretical, 24 percent. At the higher Mach number, the
load carried by the body has increased to approximately 23 percent and the
agreement in theory and experiment is good for the basic-body configuration.
For these basic and indented combinations, the change in the load
division resulting from indentation was much greater than the change in
the ratios based on exposed wing area.
The preceding figures have indicated the division of loads for the
various configurations. Figures 5 and 6 have been prepared in order to
show the effect of indentation on the body loads themselves. Results are
shown as the variation of body pressure coefficient P with percent body
length x/L for the 45 ° swept wlng-body configurations. Data are shown
at an angle of attack of 8° and at Mach numbers of 0.80 and 1.12 for the
basic body in the presence of the wing (shown by the solid line), the
indemted body in the presence of the wing (shown by the dashed line), and
for the basic body alone (shown by the long and short dashes). These
pressure distributions were obtained from orifice rows which extended along
the top and bottom of the body at the plane of symmetry as shown in the
sketch. For purposes of orientation, the location of the wing on the bodies
is shown, and pressure coefficients corresponding to a Mach number of 1.O
are shown as Psonic.
B
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At both Mach numbers and for both upper and lower orifice rows, the
effects of indentation on the body pressures are similar. These effects
are an initial acceleration of the flow at the start of the indentation
followed by a fairly abrupt deceleration and finally a second acceleration
at the rearward part of the indentation. Peak pressures over the upper
surface are slightly reduced at a Mach number of 0.80; at a Mach num-
ber of 1.12, these peak pressures are almost unchanged.
CONCLUSIONS
These results have indicated that agreement in theoretical and exper-
imental values of load division for the basic-body configurations was
excellent for the trapezoidal plan form and fair to good for the delta-
wing configuration. Although the simplified theoretical methods do not
apply for the swept-wing case, the ratio of maximum body diameter to wing
span gave a good estimate of the load division for this particular
combination.
For the trapezoidal- and swept-wlng comblnations_ the ratios based
upon the change in exposed wing area provided a good approximation of
the change in load division resulting from indentation. For the delta-
wing combinations, the change in the load division was much greater than
the change in the area ratios.
The main effects of indentation on body pressures appear in the
form of local accelerations and decelerations of the flow in the vicinity
of the indentation.
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SOME RESULTS FROM LOAD AND DEFLECTION MEASUREMENTS
ON THE BOEING B-47 AIRPLANE
By Paul W. Harper and Alton P. Mayo
Langley Aeronautical Laboratory
In one phase of a recently completed flight-test program on the
Boeing B-47 airplane, strain-gage measurements of shear, moment, and
torque and photographic measurements of wing deflection were obtained
at a number of stations along the span.
Aside from obtaining specific data on the effects of aeroelasticity
on wing loading, one of the primary aims of the program was to check
current methods of computing span loading for swept flexible wings.
The strain-gage and deflectionmeasurements are related to each
other and to the span loading by successive integration utilizing the
wing-stiffness characteristics. The two types of measured quantities
were obtained independently and, therefore, permitted independent corre-
lations with theoretical span loadings, as well as correlation with each
other. Thus, methods of computing and utilizing the wing-stiffness
characteristics could be checked directly without recourse to the span-
load theory.
Analysis of the strain-gage data is currently in progress, and
analysis of the wing-deflection measurements for symmetrical loading
conditions has recently been published (ref. 1).
Some of the results thus far obtained are presented in the following
figures.
Figure 1 illustrates the wing plan form and shows positions of
strain-gage and target-deflection stations. Center lines are drawn on
the wing at the front- and rear-spar locations.
Optigraph-target light positions are given by the circular symbols.
Targets were mounted on both spars at four stations on the left wing.
Targets were duplicated on the right wing at the two outboard stations.
The deflection of these targets was recorded by an optigraph camera
installed within a canopy above the fuselage. Note that targets are
alined streamwise so as to indicate directly the net stream_Nise twist
due both to the bending deflection along the beam (or elastic axis) and
to twist about the elastic axis.
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Strain-gage bridges were mounted on both spars at four span sta-
tions on the left wing (see fig. i) and at the root of the right wing.
The gages were calibrated in a manner similar to that described in ref-
erence 2 to give the net or structural shear load acting outboard of
each gage station and the moment and torque associated with this load.
Note that the two inboard gage stations would respond to wing plus
(inboard) nacelle loads.
Time histories of the air loads and moments were obtained by com-
bining the structural loads with the inertia loads at various instants
of time during a maneuver. Because of the motion or flapping of the
wings it was necessary to measure vertical accelerations at a number of
span positions in order to obtain the inertia loading.
In analyzing these time histories it was desired to evaluate the
effect of each of the various pertinent flight parameters on the wing
loading. Ideally, this would be accomplished by varying but one param-
eter at a time; but this procedure, as is generally known, is rarely
feasible in flight testing.
In a roller-coaster maneuver, for example, the speed could usually
be held relatively constant, but changes in wing load did occur because
of the effects of other parameters in addition to the load factor. Some
of these parameters were wing flapping, pitching velocity and accelera-
tion, and aileron movement. It was necessary, therefore, to resort to
a least-squares procedure wherein the measured load (or deflection) at a
particular wing station was simultaneously related to each of the
variables.
This procedure utilized equations of the form shown in figure 2.
At the top is shown an equation for deflection at any target. At the
bottom are shown equations, of identical form, for aerodynamic shear,
bending moment, and torque at any station. In these equations the
quantities in brackets (not matrix notation) are the unknown coefficients,
whereas the remaining portions are derived from measured quantities.
Consider the shear equation, for example. The measured shear load
at a particular station is assumed to consist of a contribution from the
basic or zero-lift loading given by the SO term; a fraction A S of the
total wing-fuselage additional loading given by the second term where
n is the load factor, W is the gross weight_ and LT is the tail
load - also obtained with strain ga_es; a contribution due to airplane
pitching acceleration given by the 0 term; and similar terms for each
pertinent parameter which changed during the maneuver. Four to seven
terms were usually required.
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A set of simultaneous shear equations..was formed by using simulta-
neous values of the shear, nW - LT, and 8 obtained at each of from
20 to 50 different instants of time selected during a maneuver. When
normalized and solved, the AS coefficient, for example, gave the frac-
tion of the total wing-fuselage additional load which was carried on the
wing area outboard of a particular gage station. From a similar solu-
tion for bending moment at this particular station, the AM coefficient
gave the bending moment associated with this fraction of load, and the
ratio of AM to A S gave the spanwise distance to the center of the
load. The streamwise distance to the load center could likewise be
obtained from the A coefficient in the torque-equatlon solution. The
AD coefficient in the deflection equation gave the deflection due to
both the additional air loading and that part of the inertia loading
which was caused by this additional loading.
In connection with the coefficients in the brackets, it should be
emphasized that the A coefficient in the shear equation, for example,
gave the change in shear which would appear at a particular gage station
if only the nW - LT term were to change while each of the other terms
remained constant. A parallel reasoning applies to the coefficients
for each of the other parameters.
Solutions of this type were obtained for deflection, aerodynamic
shear, moment, and torque at each station for each of a number of maneu-
vers performed at various altitudes, Mach numbers, and weight conditions.
Some of the results obtained for the additional loading, that is, results
based on the A coefficients, are presented in the subsequent figures.
These results are presented and referred to as deflection per g or load
per g.
In figure 3 some wing-deflection results are plotted against the
dynamic pressure q. These deflections are presented on an incremental
or per g basis for a gross weight of 126,000 pounds and for a constant
altitude of 30,000 feet so that the Mach number also changes with the
dynamic pressure.
Deflections are shown for four stations on the left wing and begin
at the top for the tip station. The solid-line curves and square sym-
bols denote the theoretical and experimental rear-spar deflections, and
the broken-line curves and the circular symbols denote front-spar
deflections.
In order to obtain the calculated deflections, theoretical span
loadings were computed by the method of reference 3, which includes
(among others) consideration of the effects of fuselage interference,
compressibility, and wing deformation. The deflections were then derived
4from these loadings by means of influence coefficients. In this con-
nection it might be mentioned that influence coefficients calculated
for this wing structure agreed very closely with those obtained experi-
mentally by applying point loads at a number of positions on the wing.
The calculated curves give l_ to 2 inches greater deflection than
2
the experimental values; but since four integrations are required to
convert a loading curve to a deflection curve, the two curves may be
considered to be in good agreement.
The difference between front- and rear-spar deflection in figure 5
indicates negative per g changes in local streamwise twist. The deflec-
tions per g become smaller as q increases and denote a reduction in
tip loading or inboard shift of the additional load center. Consid-
erably higher deflections would be obtained for higher gross-weight con-
ditions, and the values would show a correspondingly greater change with
q than do these values.
The magnitude of this indicated load shift is shown by some center-
of-pressure results in figure 4. These results apply to the additional
load acting outboard of the root gage station. In the upper part of the
figure the spanwise distance to the alr-load center from the gage station
is given in percent of the portion of span outboard of the gage station.
At the bottom of the figure is shown the streamwise location with respect
to the mean aerodynamic chord of the wing area outboard of the gage sta-
tion. The circular symbols denote left-wing values and the square sym-
bols, right-wing values. The calculated variation is given by the sloping
lines and applies roughly to the range of Mach number and gross weight
covered by the test values.
The values plotted are for random Mach numbers and gross weights
and, although an insufficient amount of data have been analyzed to
isolate the effects of these variables_ the relative lack of scatter
would indicate a rather small overall effect.
The shift of the center of pressure with increasing q is seen to
be inboard (parallel to the quarter-chord line, incidentally) and for-
ward in a destabilizing direction_ and also substantially in agreement
with that calculated. The magnitude of this shift is perhaps more impor-
tant from the viewpoint of stability or tail loads than in connection
with wing design. Over the maximum operating q range of the B-47,
which is larger than that shown here, this load shift would amount to
about a 15-percent change in root moment for a given constant shear load.
The actual location of these centers of pressure on the wing plane
can be seen from figure 5. All the center-of-pressure values obtained
13U
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for the root gage station fall within the envelope drawn at the inter-
section of the quarter-chord line and the mean aerodynamic chord.
Results obtained for the other three gage stations are also shown here.
For example, the center-of-pressure values obtained for the load acting
outboard of the gage station nearest the wing tip all fall within the
area of the small envelope drawn near the wing tip, those for the wing
area outboard from the midsemispan station fall within the next envelope,
and for the station near the nacelle the values fall within the third
envelope from the tip.
The small vertical arrows indicate calculated center-of-pressure
locations for a rigid-wing loading. The experimental values for the
root station are seen to fall inboard from the rigid-wing position,
whereas those for the outer stations are just about on the rigid-wing
positions and do not change by more than about 1 percent of the semi-
span. Examination of a number of calculated flexible-wing span loadings
for various values of q has shown essentially this same pattern. These
results were obtained for a range of Mach number up to 0.81 but for gross
weight and q ranges much below the maximum ranges for this airplane.
Nevertheless, the rather small area covered by each envelope would indi-
cate that these parameters have - relatively speaking - a small overall
effect.
It will be remembered that wing-plus-nacelle loads were measured
at the two inboard stations. Qualitatively speaking, if loads and
moments on the nacelle were subtracted out to obtain wing-alone loads,
then the center-of-pressure envelope obtained for the gage station near
the large nacelle would be shifted toward the quarter-chord llne, and
that for the root station would not change very much.
Although a detailed discussion of nacelle loads is not within the
scope of this paper, it may be said that wind-tunnel results do indi-
cate a rather large local interference effect because of the nacelle
presence, but this effect is found primarily in the basic loading rather
than in the wing lift-curve slopes or additional loading, except in the
high or nonlinear CN range. Although data for power-off conditions
were not obtained from the tests, the effect of thrust on the additional
loading is likewise considered to be small.
In figures 6 to 9, results from a theoretical span loading are com-
pared with both the strain-gage and the deflection results obtained from
a specific flight maneuver. For these comparisons the theoretical span
loading was converted by successive integration to span curves of shear,
moment, torque, and wing deflection.
In figure 6 the comparison is shown for the spanwise distribution
of aerodynamic shear for a 1 g incremental load at a Mach number of 0.66,
6a dynamic pressure of 244 pounds per square foot, and a gross weight of
112,000 pounds. In figure 7 are shown the associated bending-moment
and torque distributions. In these two figures the solid theoretical
curves apply to the actual flexible-wing case. The broken-line curves
for the rigid-wlng case have been added to indicate the order of magni-
tude of the change due to wing deformation for this flight condition.
The symbols designate the experimental values for four span stations.
Although the experimental values were obtained for a particular maneuver
performed at the specified conditions, values from other maneuvers made
in this approximate q range but for somewhat different value_ of Mach
number and weight fall also within the areas of the symbols.
It is evident that the theory adequately predicts the load distri-
bution for this case. Other comparisons of this type are contemplated
for various other symmetrical and unsymmetrical loadings.
The wing deflections obtained for this maneuver are shown in fig-
ure 8, where spar deflections in inches for the 1 g loading are plotted
along the semispan.
The rear-spar deflections are shown theoretically by the upper
curve and experimentally by the square symbols at the four span sta-
tions. The front-spar deflections are shown by the bottom curve and
by the circular symbols. The calculated deflections may be seen to
average about an inch higher along the span, but the agreement here also
maybe considered good.
In any event, changes in wing-load distribution are produced by the
difference between front- and rear-spar deflections in figure 8 rather
than by the deflections themselves. The net effect of this "difference
deflection" on the wing angle-of-attack distribution is shown in figure 9-
In figure 9 the local streamwise angle of attack in degrees is
plotted along the semispan. The solid curve is the calculated distri-
bution which for the theoretical case will produce a 1 g increment in
load and is associated with the deflections given in figure 8. The
local angle-of-attack change caused by the wing deformation is essen-
tially the difference between the solid curve and the horizontal broken
line which is drawn at the level of the root angle of attack. The
experimental values are also those associated with the deflections
given in figure 8.
The previously mentioned figures have roughly outlined the current
status of one phase of the flight investigation. Within the limitations
of the results thus far obtained it would appear that current methods of
predicting the flexlble-wing aerodynamic load may be used with confidence
in the subsonic Mach number range.
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COMPARISON OF C_D AND EXPERIMENTAL SPAN-LOAD
DISTRIBUTIONS ON WINGS UP TO M = i•0
By John L. Crigler
Langley Aeronautical Laboratory
INTROITJCTION
The problem of span loading always arouses considerable interest in
calculation methods9 in particular, the distribution (or shape) of the
span loading is of interest. The object of this paper is to investigate
to what degree such distributions can be calculated by linear theory,
particularly in the speed ranges approaching sonic conditions. In this
study, the calculated span-load distributions are compared with experi-
mentally measured distributions obtained on wings discussed in reference l,
which are thin wings designed to operate effectively in this speed range.
METHOD
A number of methods have been developed for predicting the span
loading on arbitrary wings, but most of these methods are based on incom-
pressible flow and have been extended to the compressible case by use of
the Gothert rule, which makes use of affine transformations that involve
the Mach number relation 1
• At M = l, these transformations cease
to be affine, and, therefore, this method breaks down.
The method used in making calculations for the present study is sim-
ilar to that used by Falkner (ref. 2) for the incompressible case, except
that the present method directly relates the downwash velocity to the left
on the wing in a compressible medium for any Mach number. The expression
is exact on the basis of linearized theory but does not take into account
flow separation or shock waves• The method may be explained briefly as
follows :
Figure 1 shows a wing diagram, and the equation relating a known local
downwash velocity w to an unknown local lift L of the wing is as
follows :
2
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whe re
W(Xa_Ya)- 4oxl fj_L(xn, Yn)K(Xa_ xn,Yn _ Ya_M)dx n dy n
S
(i)
Ic e . . .) +Yn)= _ yn2 ot  (ao,o + aO,lYn + ao,2Yn2 +
and
sin e(al, 0 + al, lY n + al,2Yn 2 + . . .) +
sin 2e(a2, 0 + a2,1Y n + a2,2Yn2 + . . .)...]
_]
(2)
cos e = 2x (5)
c
The function K appearing in this integral represents the known downwash
at any point ( Xa,Y a ) due to a pressure doublet at any other point ( Xn, Yn).
This expression, which is derived in reference 3, is found to be a simple
function of the distances (x a - xn) , (Yn - Ya), and the Mach number M.
For arbitrary wings it does not appear possible to obtain exact solutions
to this integral equation, so that approximate methods must be resorted
to in order to obtain solutions. The method employed is to assume that
the lift L can be expressed in the form of a series of terms as shown
in equation (2). This series has often been used to obtain a solution
for the incompressible case and, as shown here, is for subsonic flow.
The significant features of this series are that it involves the elliptic
type of loading, implied by the term _2 _ yn 2 where b is the wing
semispan and Yn is the lateral position on the semispan, but the ellip-
tic loading is modified by other terms involving Yn" The cot _ term
implies a singularity of l__ type at the leading edge, and all of the
trigonometric terms imply that the loading goes continuously to zero at
the trailing edge. This type of loading is assumed only for the subsonic
case. Other types of load distribution are required for other flow
regimes. For example, for the sonic ease the leading-edge singularity is
QQ @QQ • • • ••@ •Q@ @ D•• • @@• •Q
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still required but the loading need not necessarily go continuously to
zero at the trailing edge. In general the integration involving the
product of this series and the function K cannot be carried out in
closed form. These integrations can be performed by appro_te or
numerical procedures, however, as accurately as one may desire; that is,
for any preassigned values of (Xa, Ya). If the downwash velocity W(Xa,Ya)
is assumed to be known, it may be seen that after the integrations are
performed, the equations for W(Xa,Ya) are obtained in terms of the
unknown coefficients a appearing in the lift distribution. Thus, by
assuming the downwash to be known at an appropriate number of points, a
system of linear algebraic equations is obtained from which the values
of a can be determined. The a's now depend not only on plan form
and aspect ratio but also implicitly on the Mach number and on the form
of the series chosen to represent the lift. Thus, a simple transformation
cannot be expected to give results for one Mach number from that for
another. Unfortunately, separate and complete calculations must be made
for each plan form, aspect ratio, and Mach number.
In the present work the body is assumed to be represented by an
infinite cylinder and the treatment is similar to that proposed in
reference 4.
RESULTS
Results of calculations showing the effect of the body are first
presented, and then calculated results on the wing-body configuration are
compared with experimentally measured results. Figure 2 shows a compar-
ison of the calculated spanwise lift distribution of the wing alone with
that of the same wing in combination with a body for incompressible
flow (M = 0). The wing parameters and the wing-body configurations are
shown in the figure. The only significant effect of the body is to
reduce the loading on the wing adjacent to the body. The loadings on
the more important outboard sections are not significantly affected.
In all remaining calculations the effect of the body is included. For
these calculations the wing is assumed to have a fixed geometry; that
is, no deflection or bending under load, which is inherently included
to some extent in the experimental results, has been considered. How-
ever, the effects of the wing deflections have been evaluated for these
wings and in all cases the effects were found to be small.
Figure 3 shows a comparison of the calculated and experimentally
measured spanwise loading plotted against the wing semispan for several
subsonic Mach numbers and for Mach number 1.O, for the Same configuration
as shown in figure 2. These data are for an angle of attack of 4.0 °.
The spanwise distribution of lift or shape of the loading on which the
4wing shear and bending moments depend are generally in good agreement.
It may be noted that, for M = 1.0, there is a drop in lift adjacent to
the body and also an increase near the tip which results in a change in
shape of the loading curve_ that is, a shift of lateral center of pressure
shown in the experimental results is not found in the calculated results.
Figure 4 shows results for the same wing as in figure 3 except that
in this case the wing had a twist of 4.0 ° from the fuselage boundary to
the wing tip. The agreement of theory and experiment for the wing with
twist is somewhat better than that shown in figure 3 for the wing without
twist, and the same trends with Mach number are noted. It thus appears
that the effects on span loading of twist due to wing deflections can
be predicted by theory at these Mach numbers.
Figure 5 shows calculated and experimental spanwise loading coef-
ficients for another 45 ° sweptback wing, the significant changes in this
wing being that it is more highly tapered and the wing sections are cam-
bered. The wing parameters are shown in the figure. This wing is one
of the most effective wings tested in reference 1 for use in the tran-
sonic speed range. For this wing the favorable center-of-pressure char-
acteristics at transonic speeds were mentioned in reference 1. The curves
at the bottom of this figure for Mach numbers of 0.8 and approximately 1.O
show the loading at an angle of attack of 0° and give the effect of
camber. The curves at the top of the figure show the loading for an
angle of attack of approximately 4° . This wing was not tested experi-
mentally at M = 1.0 but the general shape at M = 0.98 for angles of
attack of both 0° and 4° is still in close agreement with the calculated
results at M = 1.0.
In many cases the distribution of the spanwise loading is of pri-
mary importance and the curves in figure 5 have been normalized for equal
lift on figure 6 for Mach numbers of 0.8 and approximately 1.0. When
made on the basis of the same total loading, the load distribution for
this wing even at M = 1.0 is still in good agreement. It thus appears
that the effects on span loading of camber as well as twist for these
high-speed wings can be calculated with reasonable accuracy up to sonic
speeds. This result is of interest for the determination of aeroelastic
effects as well as design camber and twist in the wing.
CONCLUDING R_4A2d(S
From the limited number of cases that have been calculated, it may
be concluded that the magnitude and the distribution of spanwise loading
calculated for these thinner wings are in good agreement with experiment
up to a Mach number of 0.95, and for the highly tapered wing the agreement
of the calculated spanwise load distribution with the experimental dis-
tribution is still good up to a Mach number of approximately 1.O.
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LOADS ON EXTERNAL STORES AT TRANSONIC AND
SUPERSONIC SPEEDS
By Lawrence D. Guy
Langley Aeronautical Laboratory
SUMMARY
Results of recent wind-tunnel investigations of the loads on external
stores at transonic and supersonic speeds have shown that the most criti-
cal store loading appears to be that due to the store side force, both
because of its magnitude and because the force acts in the direction of
the least structural strength of the pylon.
The magnitude of the side forces is determined principally by angle
of attack, store position, and Mach number. Angle of attack and store
positions are inextricably related since the rate of change of side force
with angle of attack 3 which can be very large, is primarily a function of
position. Also, at moderate angles of attack, the rate of increase of
side-force coefficient with angle of attack for a given store position is
essentially constant with Mach number. The effects of Mach number are
shown principally in the values of the coefficient at small angles of
attack. These values are "strongly influenced by local flow angularities
and the changes in flow behavior that occur at transonic and supersonic
speeds.
INTRODUCTION
In providing for the use of external stores on high-speed aircraft
the designer is faced with the problem of determining what factors exert
the greatest influence on the development of critical store loading con-
ditions and how the character of the loading conditions varies as the speed
is increased from subsonic to supersonic Mach numbers.
Theoretical treatment of the problems is difficult because of the
complexity of the flow field about an aircraft-store configuration. The
initial approach, therefore, has of necessity been experimental. Until
recently such experimental results have been, for the most part, for
specific design problems or for a limited range of variables such as
angle of attack and Mach number.
The purpose of this paper is to show the relative importance of some
of the factors which influence the development of critical loading condi-
tions on external stores. Principally, the effects of angle of attack,
Machnumber, and to someextent store position for various wing plan forms
will be examinedin the speed range from subsonic to supersonic Mach num-
bers near 2.0.
The greater part of the data to be presented in this paper were
obtained in the Langley 9- by i2-inch blowdowntunnel. Someresults
obtained in flight tests will, however_be presented.
SYMBOLS
Cy
C
n
q
SS
ZS
C
A
b/2
k
Ac
Store side force
store side-force coefficient,
qss
store yawing-moment coefficient referred to 0.4_S,
Store yawing moment
qSs_ S
free-stream dynamic pressure
maximum frontal area of external store
closed length of store
mean aerodynamic chord of wing
local wing chord
aspect ratio of wing
semispan of model
taper ratio of wing
sweepback of wing quarter-chord line
angle of sideslip for complete airplane measured with respect
to free stream, or angle of skew of external store measured
with respect to model plane of symmetry as shown in figure 5
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3
M
angle of attack measured with respect to free stream
Mach number
RESULTS AND DISCUSSION
Figure 1 shows the geometry of the wing models and the store loca-
tions for which experimental data have been obtained at Mach numbers
from 0.7 to 1.96. The Reynolds number based on store length was about
2.2 X l06. The store was tested at each of two spanvise positions on
both the unswept and sweptback wings and two chordvise positions on the
60 ° delta wing. Only the more significant results of these tests have
been selected for presentation.
The semispan wing models were cantilevered from a five-component
strain-gage balance set flush with the tunnel wall. The store, which
had a Douglas store shape and a fineness ratio of 8.6 based on the closed
length, was cut off at 80 percent of its length to permit installation of
an internal stin_-supported balance. As shown by the cross-sectional
views in figure l, the pylons or struts were attached to the wings and
separated from the store by an extremely small gap which is exaggerated
in the figure. This gap was maintained constant while the angle of attack
of the store and wing varied from -3° to ]2 °. Four components of the
forces and moments on the store were measured simultaneously with meas-
urements of the loads on the wing. 0nly the store loads, however, will
be discussed in this paper.
Examination of the data indicated that the most severe problems were
associated with side-force loads. Figure 2 illustrates the build-up of
the side forces with angle of attack and with Mach number. The examples
chosen represent practical store locations on each of two wings and illus-
trate the size of the forces that may very well be encountered. The side
forces and yawing moments have been scaled up from the measured data to
correspond to a 400-gallon store at an altitude of 40,000 feet. Loads
are shown at angles of attack of 0° and l0 ° .
It should be pointed out that an angle of attack of lO ° at M = 2.0
represents a _g maneuver condition with a wing loading of 77 pounds per
square foot. Such an acceleration is less than that which may be required
of a fighter-type aircraft.
Figure 2 shows that in either example very large side forces are
incurred at an angle of attack of l0° and supersonic Mach numbers. The
magnitude of these forces presents a very serious problem since the
ii!:i'i!: : i!
direction of the force is in the direction of the least structural
strength of the pylon.
The importance of yawing moments in establishing critical loads is
not clear cut since the support stresses involved may be pretty much a
function of the geometry of the configuration. It is worth noting, how-
ever, that for the largest yawing moments (which occurred at an angle of
attack of i0 ° for the store in the presence of the delta wing) the center
of pressure is three-tenths of the store length behind the store nose.
The normal forces, which are not shown, show only small variation
with either angle of attack or Mach number and even at supersonic speeds
are considerably less than the weight of the full fuel tank. It appears
that the inertia forces in maneuvering flight will considerably outweigh
the aerodynamic normal forces. In any event, providing structure for
their support is much less difficult than in the case of the side forces.
Because of their magnitude and direction, the side forces will be
treated exclusively in the balance of this paper.
Figure 3 shows the variation with angle of attack of store side-
force coefficient based on store frontal area. Data are shown at Mach
numbers of 0-75, 1.05, and 1.62 for each of two store locations in the
presence of the unswept, sweptback, and delta wing.
This figure shows very large increases in the outward side
force with increasing _ugle of attack for stores in the presence of
all three wing plan forms. At moderate angles of attack, the curves are
linear and for a given store position the slopes of the curves show
remarkably small effects of Mach number even at transonic speeds. The
effect of Mach number is shown principally at small angles of attack by
the intercept variation. Note 3 for example, that, for the stores in the
presence of the sweptback wing, the value of the intercept increases
between Mach numbers 0.75 and 1.05 and then is negative at Mach num-
ber 1.62. Also, at small angles of attack, nonlinearities are evident
in many of the curves. The most pronounced nonlinearity is shown in
the curves for the delta-wing stores. The nonlinearities and values of
the coefficient at small angles of attack are strongly influenced by
local flow angularities and by changes in flow behavior that occur at
transonic and supersonic speeds. Details of the effect of flow angular-
ities and the interferences of the wing flow field on store loads at sub-
sonic speeds are given in reference i. The nonlinear nature of the curves
at low angles indicates considerable care must be exercised in using data
obtained at low angles of attack to predict the side forces at higher
angles of attack.
Large effects of store position on the side forces at moderate angles
of attack are shown. In the case of the unswept wing, moving the store
outboard greatly increases v_fficient at angle of attack
for all Mach numbers. This is because the relieving effect of the wing
5tips on the pressure field under a wing in a lifting condition inclines
the flow in the direction of the tips. The lateral component of the
inclined flow increases in velocity as the tip is approached and, conse-
quently, lateral forces o_b_gcts near the tips will be greater than on
objects near the plane of symmetry. In fact, data presented at Mach num-
bers up to 0.9 in reference 2 have indicated that side forces on a store
at 95 percent of the semispan may be twice as great as those indicated
here.
Moving the store outboard on the Sweptback wing shows the same gen-
eral trends as for the unswept wing although the effects of spanwise
position are somewhat obscured by the change in chordwlse position rela-
tive to the wing itself.
Chordwise effects can be quite large as is shown for the delta wing.
For stores located some distance below the wing without pylons or sup-
porting structure, the side forces on stores in the forward position are
considerably less. This indicates that there are powerful effects of
blocking the laterally inclined flow between the store and wing surface
just back of the wing leading edge.
It is interesting to note (see fig. 3) that although moving the
store inboard reduces the rate of buildup of side force with angle of
attack, the installation drag of the store is increased. Reference 3
has shown that the most favorable drag characteristics at supersonic
speeds were obtained with the store located near the wing tip. However,
of the two store positions shown for the 60 ° delta wing, the store at
the rearward position showed the smallest installation drag (ref. 4) and
also, as figure 3 shows, the smallest side-force loads at angle of attack.
More complete treatment of the effects of store position on store
loads at supersonic speeds is given in reference 5.
The data presented so far have shown important effects of angle of
attack, store position, and Mach number on store side forces. Details of
the store installation and supports, however, are also important.
The store installations considered so far have been for stores
located immediately adjacent to the wing lower surface. Figure 4 shows
data for three configurations: a short pylon, a long pylon, and a con-
dition with no pylon. Side-force and yawing-moment coefficients (based
on the store frontal area and store hlosed length) for the store in the
presence of the sweptback wing are plotted against angle of attack for
three Mach numbers: 0.75, 1.41, and 1.96. For the store adjacent to
both the short pylon and the long pylon, very little difference in the
curves was found except at Mach numbers near 1.4. Similarly, in refer-
ence 2, at Mach numbers up to 0.9, increases in pylon length for stores
as much as 1.6 diameters below the wing had only minor effects on the
6side-force variation with angle of attack. Figure 4 shows that removing
the pylon, however, greatly reduced the rate of increase of side-force
coefficient with angle of attack throughout the entire Mach number range.
Similar effects of extending the pylon length and of removing it alto-
gether have been found for the store at 0.80b/2 on the unswept wing. It
appears that there is a big aerodynamic effect on store side forces due
to the pylon. The reasons for such a large effect are only partially
understood and further investigation is necessary to clarify the problem.
One way of reducing the side-force loads on a store for a given
angle of attack would be to skew the store relative to the wing plane of
symmetry. The results of this approach are shown in figure 5- Here side-
force coefficient is plotted against angle of attack for three Mach num-
bers for the store in the presence of the sweptback wing. Data are shown
for 0° and 5° angle of skew (as is defined in the upper left-hand corner
of fig. 5). As might be expected, skewing the store 5° , nose inboard,
resulted in a displacement of the curves at all Mach numbers but had no
appreciable effect on the rate of increase of side-force coefficient with
angle of attack.
It may be noted that between Mach numbers of 1.41 and 1.96 consider-
able displacement of the curves is shown for both the skewed and unskewed
store. The reasons for this large change with Mach number are not fully
understood, although a third of the displacement can be accounted for
by the effects of the shock wave from the nose of the fuselage (which
was considerably foreshortened in this particular model). Incidentally,
this variation has been confirmed by repeat tests. Although such varia-
tion may cause some difficulty, it still appears that side forces at a
given angle of attack may be reduced over a large range of Mach numbers
by skewing the store.
So far, only the effects on side forces of angle changes in the
pitching plane have been considered. The more direct effects of side-
slip angle when the complete aircraft as well as the store is yawed are
also of interest. Figure 6 shows some information on these effects that
were obtained in flight tests of an F-86 airplane. The store, which had
a fineness ratio of 5, is shown in the upper part of this figure. The
coefficients were obtained by integration of the pressure distributions
on both store and pylon and are based on the store frontal area. The
data shown for zero sideslip angle are given in reference 6 whereas the
other results are unpublished.
Side-force coefficient is plotted against angle of attack on the
left-hand plot of figure 6 and against sideslip angle on the right-hand
plot for a Mach number of approximately 0.6. It can be seen that the
rate change due to angle of attack and angle of sideslip are about
the same at lO ° angle of attack and 4° angle of sideslip, respectively.
It is well to remember that the increase in side force with angle of
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attack becomes larger as the store is moved outboard. The increase with
sideslip angle, however, may become larger as the store is moved inboard
since the fuselage interference can considerably increase the loading
due to sideslip angle.
It is worth mentioning that in these flight tests the effects of
yawiD4, pitching, and rolling velocities on the aerodynamic store loads
were determined. These effects, however, were small relative to the
effects of the changes shown for angles of attack and sideslip.
The side forces on the pylon at both angle of attack and sideslip
are much smaller than for the store. However, considering the size of
the pylon relative to the store, they indicate that the forces on a
larger pylon may be quite substantial.
CONCLUDING REMARKS
The results that have been presented have indicated the following
conclusions:
The most critical loading on external stores at transonic and super-
sonic speeds appears to be that due to the store side force, both because
of its magnitude and because the force acts in the direction of the least
structural strength of the pylon.
The magnitude of the side forces is determined principally by angle
of attack, store position, and Mach number. Angle of attack and store
positions are inextricably related since the rate of change of side force
with angle of attack, which can be very large, is primarily a function of
position. Also, at moderate angles of attack, the rate of increase of
side-force coefficient with angle of attack for a given store position is
essentially constant with Mach number. The effects of Mach number are
shown principally in the values of the coefficient at small angles of
attack. These values are strongly influenced by local flow angularities
and the changes in flow behavior that occur at transonic and supersonic
speeds.
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EFFECTS OF WING-FUSELAGE FLOW FIELDS ON MISSILE
LOADS AT SUBSONIC SPEEDS
By William J. Alford, Jr.
Langley Aeronautical Laboratory
SU_4ARY
The flow-field characteristics around a swept-wlng airplane model at
low subsonic speed are described, and the loads induced on a typical mis-
sile model while operating within these flow fields are presented. In
addition, theoretical flow fields are compared with experiment and are
used in first-order estimations of the resulting induced missile loads.
INTRODUCTION
The loading problems associated with the external storage of tanks,
bombs, nacelles, and missiles have become increasingly serious with
increase in airspeed, and knowledge of these loads is desirable in the
design of the store-supporting members. A stud_ of available data from
wind-tunnel tests (refs. 1 to 3), in conjunction with theory (refs. 4
and 9), has indicated that these loads are primarily due to the nonuni-
form flow field generated by the airplane.
The purpose of this paper is to describe these flow fields at low
subsonic speeds and to indicate the magnitude of missile loads that may
result because of the nature of these flow fields. In addition, compari-
sons of theoretical flow fields with experiment are presented. These
flow fields, both theoretical and experimental, are used in first-order
estimations of the resulting missile loads.
SYMBOLS
angle of attack, deg
_ local angle of attack between xy-plane and local flow direc-
tion, m- _, deg (see ref. l)
angle of downwash, deg
angle of sideslip, deg
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M
A
A
C
X
Y
Z
Vo
qo
q_
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F
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local angle of sideslip between xz-plane and local flow direc-
tion, _ + c, deg (see ref. l)
angle of sidewash, deg (see ref. l)
angle of sweepback, deg
Mach number
aspect ratio
taper ratio
local wing chord, ft
longitudinal distance, ft
lateral distance, ft
vertical distance, ft
free-stream velocity, ft/sec
free-stream dynamic pressure, lb/sq ft
local dynamic pressure, lb/sq ft
missile length, ft
wing span, ft
longitudinal location of chordwise vortices (fig. 8), ft
circulation
chordwise vortex index
spsnwise vortex index
longitudinal perturbation velocity parallel to free-stream
direction (fig. 8), ft/sec
perturbation velocity normal to spanwise llne of constant
sweep, ft/sec
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Subscripts:
c/2
CG
at quarter chord
at midchord
missile center-of-gravityposition
3
TEST CONFIGURATIONS
PTesented in figure i are configurations used in investigations, made
at low speed in the Langley 300MPH7- by lO-foot tunnel, in which flow-
field surveys were made using the survey rake shown in the center of the
figure. This rake consisted of six probes, each of which was instrumented
to measure local pitch and sideslip angularities and dynamic pressure.
These surveys were made under the fuselage and at each one-quarter semi-
span location of the swept-wing--fuselage combination and at the one-half
semispan location of the unswept-wing--fuselage combination. The range of
vertical, spanwlse, and chordwise position investigated is indicated by
the dots, which represent the leading edge of the survey rake.
Static force and moment measurements were obtained on a typical mls-
sile model, shown in the center of figure 2, for various locations within
the wing-fuselage flow fields. The range of missile center-of-gravity
location investigated are shown by symbols at the data points.
The results of these investigations indicated that the induced longi-
tudinal characteristics were, in general, qualitatively similar for both
the swept and unswept configurations, whereas the induced lateral charac-
teristics were considerably more seriously affected for the swept-wing
configuration. Inview of this result, the discussion deals hereinafter
with the swept configuration.
MEASURED FL0_ FIELDS
In defining a flow field, or velocity distribution, it is necessary
to know both the direction audmagnitude of the local velocity vectors.
For convenience, the flow directions are expressed as vertical and lat-
eral inclinations and the magnitudes are expressed as dynamic pressure.
The local angles of attack as measured about the one-half semispan
location of the swept-wing--fuselage combination are presented in figure 3.
The conditions depicted, which are for an angle of attack of 8° and zero
sideslip, are equivalent to the 6g service load limit of a typical fighter
4 °
airplane for a velocity of 430 mph at an altitude of 20,000 feet. These
data are presented in contour form; that is, as lines of constant angu-
larity for the physical space surrounding the airfoil profile. The mis-
sile outline is superimposed on the contours to show its size relative to
the local wing chord and to indicate the angularity gradients to which
it is subjected. Regions where the local angles are greater than 8° indi-
cate an upflow and regions where these angles are less than 8 ° are indica-
tive of downflow. The angularity variation along the center line of the
missile, which in this case was 15 percent of the local wing chord below
the wing chord plane, are presented in the lower portion of figure 3.
Two missile center-of-gravlty locations are shown to indicate both the
angularity magnitudes and the angularity gradient that exist along the
missile center llne. For the chordwise range indicated, the local angles
of attack vary from 5° to 12 °, a gradient of 7 ° along the missile center
line extended.
Presented in figure 4, for the same vertical plane, are the local
sideslip angles. It should be noted that the perturbation velocities
which generate these lateral angularities are in a plane normal to the
plane of the figure. The local sideslip angles below the wing chord
plane represent an outflow direction (toward the wing tip), and the
angles above the chord plane indicate an inflow (toward the plane of
symmetry). The sideslip angles that exist along the missile center llne
are presented in the lower graph and indicate a gradient of 6° along the
center line extended. Comparison of these sideslip gradients with angle-
of-attack gradients of figure 3 shows that they are of the same magnitude
and could be considerably more important since the supporting pylon would
have its least structural strength in the lateral direction.
The local dynamic pressures referenced to free-stream conditions are
presented in figure 5. The effects of the induced longitudinal velocities
are as would be expected, since the dynamic pressures are increased above
and decreased below the wing chord plane. Sizeable gradients are again in
evidence over the length of the missile center llne extended. These data
also indicate that, for positive angles of attack, the dynamic pressure
can effect load reductions but, for negative angles of attack, would cause
large load increases.
MEASURED MISSILE LOADS
The preceding discussion has attempted to define and illustrate the
flow phenomenon existing around the airplane. Eaving shown that the mis-
sile is forced to operate in regions of adverse flow, it would be desir-
able to correlate the flow characteristics with the loads induced on the
missile.
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The total missile normal forces, in pounds, for a free-stream dynamic
pressure of 445 pounds per square foot are presented in figure 6. These
data were obtained by assuming a full-scale missile to be stored externally
on a typical fighter airplane at a velocity of 430 mph at an altitude of
20,000 feet. The effects of compressibility are absent since the missile
loads data were obtained at low speed. The normal-force load center, in
percent of the missile length fr_n the missile nose, is also presented.
These parameters are given for various locations of the missile center of
gravity in fractions of the local wing chord, relative to the leading edge
of the local wing chord. For comparison, the isolated missile character-
istics, at an identical attitude, are shown by the dashed lines. The two
missile center-of-gravity locations (fig. 6) indicated by the solid sym-
bols are identical to those shown in the lower graph of figure 5- It
should be noted that the total normal forces are a result of an integra-
tion of the angularities (fig. 3) and d_namlc pressures (fig. 5) over the
length of the missile. Considering the rearward location of the missile
center of gravity (x/c _ 0.45), the missile is seen to be operating in a
region of reduced angularity and consequently experiences a reduced normal
force when compared to the isolated missile. Further examination shows
that the tail is operating in a slightly higher angular region than the
missile wing (fig. 3) and consequently the load center is dra_n aft. When
the missile center of gravity is in the forward position (x/c _ -0.75),
the missile is experiencing higher angularities (fig. 5) and the resulting
normal forces are considerably increased (fig. 6). For the range of mis-
sile center-of-gravity location investigated, the normal forces are ini-
tially decreased approximately 50 percent and later increased about 50 per-
cent with a total load-center travel of approximately lO percent of the
missile length.
Presented in figure 7 are the total missile side forces and side-
force load centers as a function of mlssilecenter-of-gravity location.
Recalling that the airplane-missile combination is at zero sideslip, the
comparable isolated-missile characteristics would be zero. In order to
show the relative magnitude of these side loads, the isolated-missile
characteristics at 6° sideslip are shown as the dashed lines. Once again
the solid symbols represent the missile center-of-gravity locations shown
in the lower graph of figure 4. Since the missile was below the wing, the
local sideslip angles are in an outward direction (fig. 4) and cause neg-
ative side forces (force directed toward the wing tip, fig. 7)- The side
loads and load centers are as would be expected since, when the missile
wings are in the highest angular region (fig. 4, x/c _ 0.50), the load
center moves forward (fig. 7) and when the tail (x/c _ -0.75) is in the
highest angular region the load center moves rearward with a total load-
center travel of 50 percent missile length for the chordwlse range indi-
cated. The region of greatest side load is encountered when the missile
wings are in the highest angular region.
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THEORETICAL FLOW FIELDS
Once a problem has been defined and shown to exist, it then becomes
desirable to have, or to formulate, procedures by which the individual
components of the system can be studied.
In the present instance, the chief difficulty appears to be in the
severe angular gradients that are generated by the airplane. The mathe-
matical models used to calculate these flow fields assumed a simulated
lifting surface (fig. 8), the appropriate airfoil-section singularity
distribution (by method of reference 6), and simple sweep theory (fig. 8).
The simulated lifting surface, shown in figure 8, approximated both the
spanwise and chordwise distributions of vorticity by discrete horseshoe
vortices. The spanwise vorticity distribution was represented by i0 horse-
shoe vortices and the chordwise distribution was represented by four vor-
tices of equal strength, the chordwise locations of which were determined
from the familiar two-dimensional circulation distribution shown in fig-
ure 8. The nonlifting (thickness) effects were determined from the
source-sink distribution that satisfied the two-dimensional airfoil-
section boundary conditions (ref. 6) and were corrected by simple sweep
theory (fig. 8) to account for wing sweep.
Typical results of these calculations compared with experiment are
presented in figures 9 and i0. Figure 9 presents the local angles of
attack and figure lO presents the local angles of sideslip for the one-
half semispan location (y/_= 0.5) of the swept-wing-fuselage combination.
%
%.--
The experimental data are shown as the symbols and the theory is shown
as the solid-line curves. As is seen, the agreement is poor for _ = -8 ° .
This disagreement is presumed to be due to the fact that the flow on the
suction side of the airfoil assumes characteristics that are nonpotential.
The agreement is good between theory and experiment (figs. 9 and i0) for
= 0° and for all positive angles of attack up to _ = 24 °, where theory
then overestimates the local angles of attack. This is rather surprising
from consideration of the nonpotential nature of the flow on the suction
side of the wing surface. Calculations made for the three-quarter semi-
span location have shown that theoretical values obtained by using the
theoretical span-load distribution overestimate the experimental values.
ESTIMATED MISSILE LOADS
With the flow-field characteristics known, the next step is to use
them, in conjunction with the missile component characteristics, to esti-
mate the airplane induced missile loads. This estimate has been made and
figures ii and 12 present sample comparisons of theory and experiment.
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Presented in figure ll are the estimated normal forces and normal-
force load centers. Experimental loads are again represented by the sym-
bols o The estimation obtained by using the experimental flow fields is
shown as the solid curves and the estimation by using the theoretical
flow fields is shown as the dashed curves. Good agreement in estimating
the normal forces is obtained by both estimates over the rear portion of
the chord, with evidence that theory gives values too low ahead of the
leading edge. The load centers are also seen to be well predicted.
In the case of the estimated side forces (fig. 12) both estimates
are low, although the side-force load centers are well predicted. The
reason for the lack of agreement for the side forces is not completely
understood.
The data that have been presented were obtained at low speed in
order to permit convenient examination of the nature of the complex flow
that exists around airplanes. The use of a missile as the store configu-
ration was for illustrative purposes, and the approach utilized should be
equally valid for other external stores, although such application has
not, at present, been adequately demonstrated.
The results of a brief theoretical study have indicated that the
effects of compressibility, for subcritical Mach numbers, are to generate
larger flow distortions and consequently larger induced missile loads,
although the flow structure remains similar to that of an incompressible
nature.
CONCLUDING REMARKS
In summary, these results have shown that the flow fields in regions
beneath the one-half semispan location of a swept-wing airplane model can
be calculated. These flow fields can then be used in first-order estima-
tions of the loads experienced by a missile while operating in these flow
fields.
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SOME EFFECTS OF CONFIGURATION VARIABLES ON STORE
LOADS AT SUPERSONIC SPEEDS
By Norman F. Smith and Harry W. Carlson
Langley Aeronautical Laboratory
SUMMARY
A large volume of data from several recent stores-research
programs has been examined and analyzed and is sampled and illustrated
in this paper. Comprehensive coverage of the important configuration
variables, obtained by measurements of separate forces and mcments on
stores in a large number of positions, is shown to give an improved
understanding of the factors affecting store loads.
INTRODUCTION
The many store and nacelle investigations which have been performed
to date have demonstrated the large and important performance and load
problems that can be incurred. Although these investigations have
yielded valuable information for the specific configurations tested,
they contributed little toward obtaining a basic understanding of this
interference phenomenon, particularly at supersonic speeds. This is
true because of the large number of configuration variables which
affect store loads. It is the purpose of this paper to discuss and
evaluate the effects of some configuration variables on store loads at
supersonic speeds.
In view of the fact that a very wide range of store locations are
in use or under consideration today, any treatment of the store problem
must cover a large number of store positions. A recent wind-tunnel
investigation, which will be the principal source of the data presented
in this paper, accomplishes this and, in addition, treats a number of
the configuration variables involved. Figure 1 shows the models and
test "grid" for this investigation in the Langley 4- by 4-foot super-
sonic pressure tunnel at supersonic speeds. The model store was
separately sting supported on a strain-gage balance which measured six
components. The half-model of fuselage, wing, or wing-fuselage combi-
nation was mounted on a four-component balance in the tunnel boundary-
layer bypass plate. The test grid through which the store _as moved
involved 8 fore-and-aft positions and ll spanwlse positions for a total
of 88 store positions at each of several store vertical heights. Not
a
2all these test positions represent practical store positions, of course,
but were included in order to make possible interference mapping of the
entire area, with an eye toward an improved understanding of the source
and distribution of the interferences. The angles of attack of only the
wing and fuselage were varied up to 4 °, the store remaining at 0° through-
out. Several store shapes and sizes and several wing and fuselage con-
figurations were investigated. (The delta wing is shown by dashed lines
in fig. 1.) All the data from the Langley 4- by 4-foot supersonic
pressure tunnel are for a store tested in the absence of a pylon.
With this equipment rather extensive work has been done; although
much has been learned, there are many questions yet unanswered,
particularly with regard to store loads. The data presented are the
first results obtained with this technique and are useful in themselves
as well as forming a guide for future work. A large volume of data has
been examined and analyzed and will be sampled and illustrated in this
paper. Store side force is used extensively because it has been shown
to be generally the important load from the standpoint of pylon or
support design. The other loads will be found in NACA reports on this
work (for example, refs. 1 and 2).
RESULTS AND DISCUSSION
Figure 2 shows the store side force in the presence of the wing-
fuselage combination at an angle of attack of 0° at M = 1.6. Force
data from about 30 store positions were used to make this contour map.
The lines show positions of the store midpoint for constant values of
store side-force coefficient. For the store position shown, for
example, the value of Cy is 0.04. The shaded areas signify regions
in which the store side force (for the store shown) is negative or
toward the tip_ whereas the unshaded areas signify regions in which the
store side force is positive or toward the root. Note that the store
slde-force coefficient changes rapidly from -0.08 to 0.12 in a fairly
short region of usable store positions and that the values change from
peak maximum to zero or less in less than one wing-chord length. The
value of Cy of 0.12 corresponds to the side force developed by the
isolated store at 4 ° of yaw. Note that the side-force values shown are
for the store only; these data are for conditions with no pylon present
except when specifically stated.
One of the first things to be considered in the problem of sorting
out the important variables and understanding their influence is the
matter of the relative contribution of the configuration components
themselves. The results of some of the configuration breakdown tests
are shown in figure 3- In this figure, the store side force and store
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normal force are plotted for an inboard, a midspan, and an outboard
station in the presence of the wing and wlng-fuselage combination. The
squares in the upper plots are the same data included in the contour plot
of figure 2. It can be seen from the Cy curves for the inboard sta-
tion that the contribution of both fuselage and wing to store side force
in this position is important, mutual interference probably further con-
fusing the effects. For the outboard station, the influence of the
fuselage (as shown by the difference between the curves) has diminished
but is still felt. In the case of normal force (lower half of fig. 3),
the influence of the fuselage appears to be relatively unimportant for
all store positions because the store lift in the presence of the wing-
fuselage combination is almost exactly equal to the store lift in the
presence of the wing alone. Data similar to these covering the other
forces and moments are presented in references 1 and 2.
It might be pointed out in passing that the magnitudes of the
variations in Cy and CN shown here are comparable with those measured
for the other forces and moments (the store drag, yawing moment, and
pitching moment). This condition applies to all the configurations hut,
since these effects are not fully understood, it is not known whether
this result is general.
In order to determine the more important variables involved in the
store-loads problem, it is necessary to eliminate sc_ of the less
important ones. One of these is vertical displacement between wing
and store. Shown in figure 4 is a plot of store side force against
store longitudinal position x for three spanwise stations: inboard,
midspan, and tip. The data with the circle symbols is for a large
space between wing and store and corresponds to the data previously
sho_ in the contour plot (fig. 2). The effect of decreasing the
vertical height is to increase the magnitude of the side-force varia-
tions, especially in the inboard position. Outboard, the effect of
vertical height is smaller, and the character of the curves is essen-
tially the same. The overall effect of vertical height is thus shown
to be small within the range tested.
Another minor variable, the effect of store size on side force, is
shown in figure _. Although the character of the Cy curves tends to
be similar, some shifting is in evidence and very much larger values of
maximum slde-force coefficient were measured for the small store than
for the large store. This phenomenon is explained by the fact that the
small store can become more completely submerged in a region in which
side force is generated (because of a pressure gradient or flow deviation
or both) in one direction, either inward or outward. The large store, on
the other hand, tends to extend through several such regions so that a
lower peak value of side-force coefficient results.
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It is significant to note that the slope of the curve of side-force
coefficient with angle of attack Cy_ (lower curves of fig. 5) is not
appreciably affected by store size. This phenomenon is not fully under-
stood, and it is not known whether this result applies outside the range
of sizes tested in this investigation.
From the data shown in figure 2 and similar data for _ = 2° and 4 °,
the slope of side force with angle of attack has been obtained and is
shown in contour-map form in figure 6. It can be seen that _le slopes
vary greatly with store location and that for some store locations the
slopes are so great that very high loads may be encountered at high
angles of attack for these locations. The store slde-force coeffi-
cient Cy_ increases toward the wing tip as would be expected from the
fact that the sldewash increases as the tip is approached and as the
llft is increased, large changes in Cy_ can also be experienced in
moving the store from the leading edge of the wing to the trailing edge
of the wing near the midspan. These data were taken by changing the
wlng-fuselage angle of attack, as mentioned earlier. The fact that the
store remained at _ = 0° affects the store normal force but not to
any appreciable extent the store side force. The effect of the small
change in vertical displacement between wing and store which occurs when
the wing-fuselage angle of attack is changed is, as has been shown pre-
viously, small and unimportant compared with the effects now being
considered.
This Cy contour map was prepared from data limited to an angle
of attack of 4 ° . For many conditions, angles considerably higher are
of interest and may, as suggested by the data shown here, be a design
or limiting condition for store loads. Some data from an investigation
in the langley 9- by 12-inch blowdown tunnel involving similar tests of
two store positions up to higher angles of attack provide some informa-
tion on this point. Figure 7 shows the variation of Cy with _ for
a store at midspan position up to an angle of attack of 12 °. Shown for
comparison are curves taken from the mapped data of figures 2 and 6 for
a comparable (midspan) store position and two others - one inboard and
the other near the wing tip. It will be noted from the configuration
sketches labeling the curves that configuration differences exist. The
configuration on which the high angle-of-attack data were obtained
involves a smaller store, a shorter fuselage nose, and a lower wing
taper. The effects of these differences are measurable but, as was
shown previously for the case of store size and the effect of the fuse-
lage, are not important for the comparisons made here. The side-force
data chosen from some of the mapped data shown previously for a compa-
rable store location agree well with the data from the blowdo_n tunnel.
This agreement lends credence to the extrapolation of the mapped data
to reasonably high angles of attack. The curves shown for the inboard
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and tip, however, are greatly different and show the important effect
of store position on the maximum slde-force loads which can be en-
countered. In the absence of _eq_a't_ mapped data at higher angles of
attack, it appears that the data available for a limited number of
store positions from the Iangley 9- by 12-inch blowdown tunnel might
be used as a guide for judicous extrapolation of the mapped data as
shown in figure 6.
Turning now to the effects of another variable, the wing plan form,
figure 8 shows a contour map of Cya for the delta wing for comparison
with the same data for the swept wing (fig. 6). The highest values are
obtained at the tip, as in the case of the swept wing, but the chordwise
variation of Cym is essentially zero in the case of the delta wing, in
contrast with the considerable variation shown for the swept wing.
These data, llke the swept-wlng data shown previously, are limited
to an angle of attack of 4 ° . Again, these data can be correlated with
the bl_own tunnel data on a similar delta-wing configuration. Fig-
ure 9 shows the variation of Cy with _ for this configuration (shown
shaded) up to _ = 12 °. Shown for comparison is a curve for the same
store position from the mapped data for the delta-wing configuration
tested in the Iangley 4- by 4-foot supersonic pressure tunnel. These
data agree well as to general slope and values of side force indicated
up to 12 °. Also shown in figure 9 are curves from the mapped data for
a store at an inboard position and at a tip position. Again, as in the
case of the swept wing, the effect of store position is shown to be
important. Extrapolation of the mapped data to higher angles of attack,
using the data from the la_4_ley 9- by 12-1nch blowdown tunnel as a guide,
also appears to be feasible in the case of the delta wing.
The foregoing data involve only the load on the store and do not
consider either the load on the pylon itself or the effect of the pylon
on the store loads. Unfortunately, little or no data exist at present
on pylon loads. Some information is available, however, on the effect
of a pylon on store loads. Figure l0 shows the data from the Iangley
9- by 12-inch blowdown tunnel for the. variation of store side force
with angle of attack, the space between store and wing being open and
this space bein_ filled with an unswept support pylon (as shown in the
sketch in fig. lO). The pylon is attached to the wing but does not
touch the store. It can be seen that the large store side force which
is produced as the angle of attack is increased is more than doubled
when the pylon is present. Since these large loads added to the unknown
but undoubtedly large load on the pylon are somewhat terrifying, it is
of interest to specuSate a bit as to whether these limited data are
showing a general situation,
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Since the store in this position is experiencing a highside load,
it is probable that the pylon is also in a region of high side load.
The pylon-store combination can be considered to be comparable to a
wing-tip-store configuration under lifting conditions. It has been
shown that at angle of attack a tip store experiences an interference
lift because of the presence of the wing which is dependent on the
angle of attack and on the wing plan form and may be influenced by other
factors. Location of the pylon in a region of lower side loads could be
expected to reduce the loads induced on the store and on the pylon. A
change in pylon plan form could also be expected to affect these loads.
From an examination of this and other limited data by using the
above assumptions, it is believed that the increment in side force due
to the pylon shown in figure lO is an extreme case. Further research
is needed on the effect of pylons and on pylon loads themselves.
All the previous figures have pertained to store or nacelle con-
figurations having no tail fins. The effect of tail fins on a large
store is shown in figure ll. In figure ll, the side force Cy and the
slope of side force with angle of attack Cy_ are plotted against store
chordwise position x for three spanwlse positions. The Cy curves
for stores with and without fins undulate in similar fashion, but the
peak value (both positive and negative) of Cy attained is larger for
the finned store in all cases. The actual value of Cy for any one
store position may be either higher or lower. These effects are the
result of the presence Of the fins in regions of strong crossflow or
pressure gradients.
Figure ll appears to indicate that the regions of inward and out-
ward force which exist are strong and relatively sharply defined. It
is apparent that the effect of adding fins to a store can be known only
if specific test data are available or if very detailed information on
the flow field is available.
The data presented herein are consequently being analyzed with the
aim of providing an improved understanding of the flow field. A useful
picture of the flow field has been formulated in the case of drag, where
simple buoyancy concepts were found to explain the drag interference
between components (ref. 1). The buoyancy concept was found inadequate
in deallngwlth other forces, however, because flow angularity is
important, if not predominant, in the production of these forces. Other
approaches are being attempted, based upon the large amount of mapped
force data available.
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CONCLUDING REMARKS
In recent research, sufficient coverage of important variables has
been included to give an improved understanding of the factors affecting
store loads. For a given wing plan form, store position and configura-
tion angle of attack have been shown to be the two most important param-
eters in the evaluation of store side force, and these two items are so
intertwined as to require careful consideration of both. The effects
of other variables such as store size, vertical displacement, and fins
have been illustrated.
The effect of a supporting pylon has been shown to be large and
important, although the factors governing the effects of pylons are not
fully understood and more work is needed on both the effect of pylons
and on the pylon loads themselves.
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AN INVESTIGATION OF JET EFFECTS ON ADJACENT SURFACES
By Walter E. Bressette and Maxime A. Faget
Langley Aeronautical Laboratory
SUMMARY
The steady pressure loads as well as the temperature change on
adjacent surfaces due to the presence of a propulsive jet at subsonic
speeds is shown to be insignificant. Whereas at supersonic speeds the
temperature effect might be expected to remain insignificant, the
steady pressure loads were shown to increase greatly on surfaces down-
stream of the propulsive jet exit.
INTRODUCTION
In the past few years an investigation has taken place in the
preflight blowdown tunnel at the Langley Aeronautical Laboratory to
determine the jet effects on surfaces located in the near vicinity and
downstream of a propulsive jet exit. The purpose of this paper is to
supplement information already published at Mach number 2.00 with
information obtained at other Mach numbers. The jet effects discussed
are the steady pressure loads produced on a flat-plate wing due to the
presence of a propulsive jet, the heating of the wing surface by the pro-
pulsive jet, and the fluctuating pressure frequency spectra superimposed
on the wing steady pressures from the propulsive jet.
SYMB01S
Dj
Dj.
A%
diameter of sonic exit
diameter of sonic throat
incremental normal-force coefficient,
total pressure at exit of nacelle
free-streamMach number
ANtotal
qSj.
AN
P
AP
Pw
Po
q
Sj.
Twing
Ws o
Ve
x
Y
incremental normal force,
(Normal force) jet off
wing pressure coefficient,
(Normal force)Jet on
Pw - Po
q
incremental pressure coefficient, PJet on - PJet off
wing static pressure
free-stream static pressure
overall acoustic pressure fluctuations
free-stream dynamic pressure
area of sonic throat
static temperature on wing
free-stream stagnation temperature
velocity at the nacelle exit
chordw_se distance on wing from nacelle exit (downstream
positive)
spanwise distance on wing from nacelle center llne
RESULTS AND DISCUSSION
Presented in figure 1 is a three-dimensional sketch of the test
setup showing a small-scale nacelle mounted below a flat-plate wing
at the exit of the preflight blowdown tunnel. The general airplane
configurations in the figure are the type of airplane configurations
that this test setup would apply to. The shaded areas on the configu-
rations are the areas most likely to experience the type of Jet effects
that are discussed in this paper.
Presented in figure 2 is a side view of the test setup showing the
small-scale nacelle, having a 5o boattail angle, mounted at 3.35Dj
below the flat-plate wing at the exit of the preflight blowdown tunnel.
Although more than one vertical position was tested in this investigation,
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a vertical position of 5.5_Dj was selected for this paper in order to
correlate the additional data with an exact position tha.t has already
been published at a Mach number of 2.00 (ref. 1). The nacelle at this
position was tested with two types of exit nozzles, a convergent nozzle
called a sonic exit and a convergent-divergent nozzle called a super-
sonic exit, both having the same size sonic throat.
Figure 3 shows the location from the nacelle exit of 47 static-
pressure orifices on the wing as well as the high-frequency pressure
pickup and a thermocouple plate with '24 thermocouples that was installed
in a similar wing.
The pressure field on the wing with nacelle Jet off is presented in
figure 4 and shows the nacelle wake which is responsible for the forma-
tion in the free-stream flow of a jet-off trailing wake shock wave. In
the jet-off operation, the pressure is negative downstream of the
nacelle exit because of the presence of the nacelle boattall angle and
rises to a positive pressure further downstream because of the inter-
section on the flat-plate wing of the Jet-off trailing wake shock wave.
In figure _ is presented a typical nacelle Jet-on pressure field
on the wing showing the propulsive Jet issuing from the exit of the
nacelle and flowing downstream below the flat,plate wing. In the Jet-on
operation, a shock wave (caRed the primary shock wave) forms at the
exit of the nacelle? and the impingement on the wing of this shock wave
is responsible for the formation of the first positive pressure in the
field. This positive pressure gradually falls off in pressure until a
second positive pressure rise occurs, which is less intense than the
first one. This second positive pressure rise is caused by the inter-
section on the wing of a second Jet-on shock wave (called the secondary
shock wave) that is formed in the propulsive Jet wake downstream of the
nacelle exit.
Presented in figure 6 is the axial pressure distribution downstream
of the nacelle exit for both jet on and Jet off at the same value of
Hj/p o for Mo of 1.40, 1.80, and 2.00. The first positive pressure
rise on the wing with jet on moves farther to the rear of the nacelle
exit with an increase in M o. This effect is the result of decreasing
the primary shock-wave angle when Mo is increased at a constant value
of HJ/Po.
Because all pressures on the wing vary with nacelle-exit Jet off
depending upon the general configuration of the nacelle, the pressure
on the wing also varies with the nacelle Jet on; but the increment of
pressure between Jet on and jet off, or the pressure on the wing due to
the presence of the propulsive jet, should remain the same. Therefore,
all discussion of pressures and loads that follow in this paper will be
in the form of incremental pressures and _ntal loads.
Shownin figure 7 is the increment_ pressure field due to the
nacelle jet wake for a sonic exit and a supersonic exit at the same
Hj/Po-
WhenJet-on and jet-off wing pressure data were combined to form
the incremental pressure data, positive incremental pressure resulted
immediately behind the intersection on the wing of the primary shock
wave. This positive incremental pressure gradually decreased until it
becamenegative in the vicinity of the intersection on the wing of the
jet-off trailing wake shock and it remained negative to the end of the
wing.
The primary shock-wave angle was lower in angle for the supersonic
exit than it was for the sonic exit. Therefore, the positive pressure
behind the shock wave as well as the area upon which it acts was reduced.
From an integration of these chordwise incremental pressure pro-
files, the spanwise incremental wing loading can be obtained. In fig-
ure 8 the relative spanwise incremental wing loading is presented for
a sonic exit with Hj/p o = 6 for Mo of 1.40, 1.80, and 2.00.
With an increase in Mo, the spanwise distance from the nacelle-
exit center line upon which the loads act is decreased. This is a
result of decreasing the primary shock-wave angle by increasing Mo.
Also shownis a subsonic test madeat Mo = 0.80 and Hj/p o = 3.37.
From this test, slight negative pressures on the wing were obtained.
From an integration of the spanwise wing loading, ACN can be obtained.
Figure 9 presents the variation of ACN with Hj/p o for a nacelle
sonic exit at Mo of 1.40, 1.80, 2.00, and 0.80. The value of ACN at
a constant value of Hj/p o in the supersonic range is decreased with an
increase in Mo; but with the ACN curves tending to increase with an
increase in Hj/p o and with present-day turbojet engines indicating
that a maximumvalue of Hj/po of 5 will be produced at Mo = 1.40,
of 9 at Mo = 1.8, and of lO at Mo = 2.00, then a nearly constant ACN
is indicated from this flat-plate-wing analysis for maximumcruising
operation.
In figure i0 is presented the variation of _CN with Hj/p o for
a nacelle sonic exit and a nacelle supersonic exit at Mo = 1.40. The _
value of ACN was reduced at all Hj/Po tested by using a nacelle
supersonic exit.
Presented in figure ll is the variation of the ratio of AN to
thrust with Hj/po for a nacelle sonic exit at all free-stream
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supersonic Mach numbers tested. As can be seen in the figure there is
little difference in the ratio of ZkN to thrust with a decrease in Mo,
and a mean lc_er value of 0.6 was obtained at a nacelle-exit pressure
ratio of 7- Although AN increased with an increase in Hj/Po ,
this figure shows that it did not increase as rapidly as the thrust
did.
In figure 12 is presented the axial temperature distribution down-
stream of the nacelle exit at Mo = 0.80 with nacelle jet on and nacelle
jet off. The ordinate of the curves is the ratio of the temperature as
measured on the wing during steady-state conditions divided by the free-
stream stagnation temperature. A nacelle Jet temperature of 1,500 ° F
with Hj/p o = 4 was obtained for the jet-on tests by burning hydrogen
in air at a low fuel-air ratio. The broken lines show the temperature
distribution with nacelle jet off. The solid lines show the temperature
distribution with the nacelle jet on at two vertical positions from the
wing, the higher one being at 1.TDj from the wing and the lower one being
at 5.35Dj from the wing. The maximum difference between jet-off temper-
ature and jet-on temperature is less than lO ° F indicating very little
heating due to the presence of the propulsive jet. It should be noted
that the hot exhaust gas in the propulsive jet wake did not penetrate
the free-stream flow to the wing surface in a distance of 6Dj downstream
of the nacelle exit.
Presented in figure 15 is the frequency spectra of _ that were
obtained at a point immediately behind the intersection on the wing of
the primary shock _ave, whereas Hj/p o was varied from 7 to 2 at
Mo = 1.80 for a nacelle sonic exit and a nacelle supersonic exit.
These data were preliminary and were obtained with a specially designed
pickup using a small-scale nacelle having a sonic throat of 0.72 inch
in diameter. These data show that _ is greater for the supersonic
exit than it _as for the sonic exit. Also, the range of pressures is
essentially in agreement with that obtained by Lassiter and Hubbard
(ref. 2), for a sonic Jet with no free-stream flow.
CONCLUDING REMARKS
B
The steady pressure loads as well as the temperature change on
adjacent surfaces due to the presence of a propulsive jet at subsonic
speeds is shown to be insignificant. Whereas at supersonic speeds the
temperature effect might be expected to remain insignificant, the steady
pressure loads were shown to increase greatly on surfaces downstream of
the propulsive Jet exit.
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AN INVESTIGATION OF LOADS ON AILERONS
AT TRANSONIC SPEEDS
By Jack F. Runckel and W. H. Gray
Langley Aeronautical Laboratory
_Y
Some aileron load characteristics for three thin wings varying in
sweep have been presented for Mach numbers from 0.80 to 1.09. For the
transonic Mach number range, shock effects exert, a large influence on
the loading, but the exact location of each shock for a specific wing
design cannot be catalogued at the present time. It is shown, however,
that the aileron loading, although greater in magnitude than at subsonic
speeds, nevertheless varies in as uniform a fashion as at subsonic speeds.
INTRODUCTION
Limited information obtained from unpublished data for investiga-
tions at the Langley Aeronautical Laboratory has indicated that loading
on flap-type controls may change in a nonuniform fashion in the transonic
range. The purpose of this paper is to present a few loading charac-
teristics of typical wing-aileron configurations which have recently been
obtained in the Langley 16-foot transonic tunnel.
SYMBOLS
A
b
C
CN
C r
aspect ratio
wing or aileron span
wing chord
average aileron chord
aileron normal-force coefficient
root chord
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M
N
P
x/c
y/b
A
k
Mach number
normal force
d
pressure coefficient
fraction of wing chord
fraction of aileron average chord
fraction of aileron span
angle of attack
aileron deflection
angle of sweepback
taper ratio
DESCRIPTION OF MODELS
The plan forms of the configurations tested are shown in figure 1.
Three wing-body combinations having unbalanced ailerons were investi-
gated: a 4-percent-thick unswept wingj a 4-percent-thick swept wing_ and
a 3-percent-thick triangular wing. The unswept wing had outboard ailerons
extending over 40 percent of the wing semispan with a chord of 2_ percent
of the wing chord. The swept wing had centrally located ailerons also
extending over 40 percent of the semispan with the aileron chord 30 per-
cent of the wing chord. The triangular wing had an outboard aileron of
37 percent semlspan extent with a constant chord of lO percent of the
wing root chord. Other characteristics of the configuration, including
the location of the inboard end of each aileron, are noted in figure 1.
Loads information on the ailerons of the unswept and swept wings was
obtained from two-component strain-gage balances located inside the wings.
Pressure-distribution measurements were, however, also obtained for the
undeflected-aileron case for the entire chord at each of three spanwise
stations on the unswept wing and six spanwise stations on the swept wing.
The loading on the triangular-wing aileron was determined from pressure-
distribution measurements at two spanwise stations over the aileron out
of the six available stations over the wing.
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DISCUSSION
Because shock formations occur at transonic speeds, it was reason-
able to expect that the formation and movement of the shocks would intro-
duce nonlinearities in control loads. The most predominant shocks for
the three representative wings with undeflected controls are illustrated
in figure 2 for what may be characterized as the Mach numbers for which
the shocks would be expected to exert the greatest influence over the
control area. The observations which follow would necessarily be modi-
fied somewhat for deflected flaps.
The flow-fleld shock is a normal shock and its rapid axial movement
across and off the wing with increasing angle of attack at a given Mach
number is responsible for a change in the pressure-distribution shape
from triangular to generally rectangular which will be shown to cause
some nonlinearities in loading characteristics. Examples of typical
pressure-distribution changes are illustrated in figure 2.
At moderate and high angles of attack the wing leading-edge and
trailing-edge shocks develop, but as they are relatively weak in the case
of thin wings and are restricted in movement to portions of the wing, one
would not expect them to cause severe loading changes. These latter
shocks may, however, induce high fluctuating loads and further studies
are being made of this aspect. Although there are similarities in the
shock patterns in the transonic range between different wing designs, the
exact location of each shock for a specific wing is unpredictable at the
present time.
Typical effects of Mach number and deflection on the aileron loading
characteristics of the three representative wings will now be discussed.
Several loading variations obtained on the aileron of the unswept
wing are shown in figure 5- Aileron normal-force coefficient is plotted
against angle of attack for three nominal control deflections, -lO °, 0°,
and l0 °. The characteristics at a Mach number of 0.8 which is repre-
sentative of the high subsonic speed variation are shown with the broken
lines, and the variation at a Mach number of 0.94 which is typical of
the transonic range is indicated by the solid line.
At a Mach number of 0.80 the aileron is ineffective in developing
normal-force load with change in angle of attack up to angles of about 8°
which represents the approximate maximum lift for the wing at this Mach
number. Above 8° the loading over the control changes from triangular
to trapezoidal in shape and the loading increases with angle of attack.
At a Mach number of 0.94 the aileron becomes effective in producing
increased loading with angle-of-attack change atmuch lower angles and
the increase in load is than at the lower Mach numbers.
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The rate of increase in loading at low angles of attack contrasted with
high angles of attack is directly related to the change in pressure
distribution from triangular to rectangular (fig. 2) which in turn is
influenced by the shock pattern. At transonic Mach numbers from 0.92
to 1.05_ the values of aileron normal-force coefficient lie very close
to those shown for 0.94 Mach number.
For the test speed range 3 which was from a Mach number of 0.70
to 1.05_ the spread in magnitude of load carried at the positive and
negative aileron deflections remains approximately constant with angle-
of-attack change.
Figure 4 shows similar information obtained with the 45 ° swept-wing
aileron. The nominal control deflections are now 15 ° and -15 ° instead
of i0 °. Again the Mach numbers illustrated are 0.8 and 0.94. Here again
the data shown for a Mach number of 0.94 is typical of the results
obtained at Mach numbers from 0.92 to 1.05.
There are several differences between this aileron and the unswept-
wing aileron. In the first place, the effect of Mach number on the load
carried by the aileron (compare the values of load coefficient at 12 ° angle
of attack) is not as great as that on the unswept-wing aileron. Secondly,
the spread in magnitude of load for positive and negative deflections does
not remain constant with angle of attack for the swept wing. It may also
be noted that the swept wing with 15 o aileron deflection carried about
the same unit load at the lower angles of attack as the unswept-wing
aileron with I0 ° deflection (fig. 3).
The loading characteristics of the outboard aileron on the trian-
gular wing are shown in figure 5. The aileron load variations with angle
of attack at Mach numbers of 0.80 and 0.98 are presented for nominal con-
trol deflections of 0 °, 15 °, and -15 °.
Several predominant characteristics of this control should be noted.
The magnitude of the unit load carried by the triangular-wing aileron for
the same control deflections is generally greater than that of the swept-
wing aileron; the transonic variation in aileron loading with angle of
attack is more uniform than at high subsonic speeds; the effect of Mach
number on the load carried by the aileron is greater at zero and positive
deflections than at negative control deflections.
Some variation of aileron center-of-load location with Mach number for
the three ailerons tested is shown in figure 6. Chordwise center of load
referenced to the average chord of the aileron _ and spanwise center of
load referenced to the span of the aileron b are plotted on the vertical
scales wlthMach number on the horizontal axis. The center-of-load loca-
tions for approximately comparable deflections for the three controls are
illustrated in this figure. An attempt has beenmade to indicate typical
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locations of center-of-load travel for constant angles of attack and
varying control deflection, and constant control deflection with changing
angle of attack. The center-of-load locations may, however, vary over
greater limits than those shown in the case where the load or moments
approach zero.
The chordwise center-of-load location of the unswept-wing aileron
generally remains between the 20- and _O-percent-aileron-chord locations
through most of the angle-of-attack range for all control deflections
tested. The spanwise center-of-load location is near the midspan of the
aileron.
The chordwise center-of-load travel of the swept-wing aileron is
somewhat greater than that for the unswept-wing aileron, generally
extending from the 20- to 60-percent-chord points for the deflections
tested. Again the spanwise center of load remains at about the center
of the aileron.
The chordwise center-of-load location on the aileron of the trian-
gular wing also generally lies between the 20- and 60-percent-chord sta-
tions and the spanwise location is usually somewhat more inboard than
for the other two ailerons, being near the 45-percent-span station of
the aileron.
CONCLUDING REMARKS
Some aileron load characteristics for three thin wings varying in
sweep have been presented for Mach numbers from 0.80 to 1.05. For the
transonic Mach number range 3 shock effects exert a large influence on
the loading 2 but the exact location of each shock for a specific wing
design cannot be catalogued at the present time. It is shown, however,
that the aileron loading, although greater in magnitude than at subsonic
speeds, nevertheless varies in as uniform a fashion as at subsonic speeds.
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SIMPLIFIED PRO_S FOR ESTIMATING FIAP-CONTROL
LOADS AT SUPERSONIC SPEEDS
By K. R. Czarnecki and Douglas R. Lord
Langley Aeronautical Laboratory
SUMMARY
An investigation has been made to determine the possibility of using
simplified procedures for the estimation of control loads at supersonic
speeds. The results of the investigation indicate that relatively simple
procedures are possible for the estimation of loadings on flap-type con-
trols at supersonic speeds for the case where no flow separation occurs
ahead of the hinge line. For tip-type controls, the simplified procedures
have been tested only in a few cases and need further develol_ent. For
controls with swept hinge lines, experimental data are lacking, but it
is anticipated that the procedures developed for the unswept hinge-line
controls will apply provided that there is no flow separation at the hinge
line or that the sweep angle is not too large. In general, the loadings
predicted by the simplified procedures are in better agreement with
experiment than is unmodified three-dlmensional linear theory.
INTRODUCTION
The estimation of comtrol loads at supersonic speeds from linear
theory or other available techniques has proved to be rather complicated
and tedious. In particular, there is a need for rapid methods of pre-
dicting control loads with reasonable accuracy for preliminary design.
The objective of this paper is to present such a technique. Of course,
it should be stressed that simplicity is often achieved only at a sac-
rifice in ultimate accuracy. Another restriction that has been imposed
in this paper is that the boundary layer on the wing is turbulent.
SYMBOLS
b wing span
c local chord
p static pressure
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Subscript s:
1
2
av
cr
PZ - p
pressure coefficient, q
dynamic pressure
free-stream Mach number
spanwise distance
angle of attack, deg
control deflection, deg
increment in section normal force on control
increment in section normal force on wing plus control
increment in section pitching moment due to load on control
increment in section pitching moment due to load on wing
plus control
constant
local
ahead of control hinge line
behind control hinge line
average
critical
TRAILING-EDGE CONTROLS
Basic Flow Types
In figures i and 2 are depicted two basic types of flow over a
flap-type control. Figure 1 shows a flow that adheres closely to the
airfoil surface. This type of flow occurs only at relatively low angles
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of attack and control deflection. Some theoretical and experimental
chord_rise pressure distributions characterized by this type of flow are
indicated in the lower part of figure 1. These results were obtained
at a Mach number of 1.61 on an essentially two-dimensional station on
a trapezoidal wing having a hexagonal section. The symbol P denotes
the usual pressure coefficient and x/c, the chordwise station in terms
of the local chord. The agreement between linear theory and experiment
is seen to be good except that experimentally the flow does not expand
as much around the corner just ahead of the control hinge line as is
indicated by theory and the load over the control is only about 70 per-
cent of the theoretical load.
The sketch in the upper part of figure 2 illustrates conditions
where the flow is separated up to the hinge line on the control low-
pressure surface and on the main wing ahead of the hinge line on the
side of the control high-pressure surface. Separated flows such as these
occur when the angles of attack and control deflection are large enough
to produce very strong shocks at the control trailing edge or hinge line.
These strong shocks cause the boundary layer on the wing or control to
separate. The plot in the lower part of figure 2 shows the corresponding
pressure distributions. Obviously, the agreement between theory and
experiment is not good; on the control upper surface, theory even indi-
cates a pressure lower than absolute vacuum.
In this paper it is impossible to discuss thoroughly all the types
of flow illustrated in figures 1 and 2. Experience has shown, however,
that separation from the control low-pressure surface occurs first, is
generally restricted to the control itself, and has a relatively small
effect on the control aerodynamic characteristics. Th_ chordwise pres-
sure distribution in such a separated-flow region is usually uniform
as indicated for the control upper surface in figure 2. Thus, for con-
ditions where flow separation does not occur ahead of the hinge line,
the control chordwise loadings closely resemble the uniform loading shown
for an unseparated-flow condition in figure 1 even though the loading may
be asymmetrical between the upper and lower surfaces. In this paper the
discussion of flap-type controls will be limited to conditions where flow
separation may be present on the control itself but does not occur ahead
of the control on the main wing.
%
Method of Approach
As was mentioned previously, within the limitations just described
the control chordwise loadings resemble the one shown in figure 1. The
crux of the situation lies in this uniform loading; for if this loading
is always a constant percentage of the theoretical value, the loading
per unit degree of angle of attack or control deflection can be readily
estimated from simple two-dimensional considerations by taking the proper
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proportion of the linear theory loading given by 4/VM 2 - i. This ratio
of experimental to theoretical loading is defined as K and, as indi-
cated by the results in figure l, is equal to about 0.7. Thns, if it
can be shown that effects of _ and 8 can be considered independently
of one another, that the span loading is uniform, and that the constant K
always remains about 0.7, then a simple procedure for estimating control
span loadings becomes available. Before proceeding with these discus-
sions, however, it is desirable first to indicate the manner in which the
limiting-flow conditions can be determined and the effect of Mach number.
Flow-Separatlon Parameters
In figure 3 are presented two criteria to aid in determining the
limiting conditions of flow separation ahead of the control hinge line.
At present, it is not known which is the better criterion. In figure 3
on the left, _pl/P2)c r relates the static pressures ahead of and behind
the hinge line for the initial appearance of separation. In figure 5 on
the right describes the pressure rise in terms of the local
r
dynamic pressure ahead of the shock required for flow separation. The
local flow Mach number ahead of the control surface is M 1. The experi-
mental data are from control tests on a trapezoidal wing at M = 1.61
and 2.01. The data are compared with the results compiled by Bogdonoff
and Kepler (ref. l) and by Lange (ref. 2). Agreement is only fair in
both cases. It is suggested that an average value indicated by the
present experimental results be used to determine the limiting control
angle. In general, for the usual type of control configuration with
sharp trailing edge, the limiting 8 will tend to approach 20 °. For
controls with thickened trailing edges and for controls operating at
free-stream Mach numbers at or below 1.6 at fairly high angles of attack,
where the local Mach number becomes low and shock detachment becomes
imminent for amall pressure-rise ratios as indicated by the plots in
figure 3, the limiting angles decrease.
Effect of Mach Number
Figure 4 shows the effect of Mach number on the chordwise pressure
distributions. The sketch at the top of figure 4 indicates that the
data were obtained on an essentially two-dimensional station on a trap-
ezoidal wing at Mach numbers of 1.61 and 2.01. The ordinate is the nor-
malized pressure coefficient and x/c, the station in terms of the local
wing chord. Two angle-of-attack and control-deflection conditions, as
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indicated, are shbwn. The results for the two test Mach numbers are seen
to be in very good agreement despite the fact that flow separation has
already occurred ahead of the control at M = 1.61 on the side of the
control high-pressure surface (indicated by the square and diamond sym-
bols ) and the control angle therefore is somewhat beyond the limit pre-
viously described. On the basis of other results it appears that this
type of correlation should be possible to considerably higher Mach n_nbers
than indicated here, perhaps to M = 5.5 or 4.0.
Spa/lwise Loadings
The use of the previously suggested uniform-loading procedure in
determining the span-load distributions for a full-span flap-type control
is illustrated in figure _ for a Mach number of 1.61. The control is
denoted by the shaded area in the sketch in the upper part of the figure.
The wing shown, incidentally, has 23 ° sweep at the leading edge, and thus
the control is influenced by conical flow across nearly the entire span.
In the plot on the left of figure 5 are presented the section normal-
force parameters for the load on the control due to _ against the semi-
span distance parameter Y-_-. On the right-hand side of figure 5 are
b/2
shown the section normal-force parameters for the load on the control due
to 8. The dashed lines indicate span loadings computed from linear
theory. The experimental points in the plot on the left-hand side of the
figure cover a range of _ from 0° to 15 °, whereas the experimental
points in the plot on the right-hsz_ side cover a 5 range from -20 °
to 20o. The solid lines represent the span loadings obtained by assuming
a uniform loading both chordwise and spanwise with a point value of
0.7 x _qM 2 - 1 for both the angle-of-attack and control-deflection
cases. A comparison of the results indicates that the experimental span-
wise loadings are in good agreement wlth_the span loadings computed sim-
ply on the basis of uniform loading and the a£orementioned point-loading
parameter. The agreement is considerably better than that between exper-
iment and the unmodified linear theory. It should also be noted that
the effects of the wing tip and control tip were relatively small and can
be neglected to a first order. For th_ case of uniform loading the center
of pressure for the complete control is predicted to be at the control
center of area; the experimental spanwise canter-of-pressure results are
in good agreement with this prediction.
Figure 6 shows the application of the simplified technique for estl-
mating span loadings to a partial-span control. The control is indicated
by the sketch at the top of figure 6. Ordinates and abscissas are as in
figure 5 except that the incremental wing-span loading parameter is used
to show the effects of control deflection on wing carryover. The flap
I @
section normal force is equal to the wing section normal force within
the span covered by the control when there is no flow separation ahead
of the hinge line, as is the case here. Linear theory, uniform loading
calculations, and experimental results are indicated by dashed lines,
solid lines, and experimental points, respectively. The agreement between
the uniform-loading span-load distribution and experiment is seen to be
again considerably better than that between unmodified linear theory and
experiment. The experimental spanwise center of pressure for the control
is also very close to the center of control area as predicted by uniform-
loading calculations.
Figure 7 has been prepared to illustrate how closely the spanwise
distribution of chordwise pitching moment due to the loads on the control
can be predicted. These results are for the same control configuration
shown in figure 6. The same line and symbol code applied except that the
ordinates in this figure are the increments in section wing pitching
moments contributed by the flap from the loading due to _ or 8. The
moments are taken about the center of the mean aerodynamic chord or about
the 0.564 root-chord station, as indicated in the sketch. Again, the
simple uniform load predictions are in good agreement with experiment;
thus, the experimental chordwise loadings are uniform and the experimental
control longitudinal center of pressure is near the center of control area.
For controls operating in a strongly conical flow field, such as
on a highly swept delta wing, the problem of estimating the spanwise con-
trol loading due to _ becomes more complex and the procedure must be
modified. This condition is shown in figure 8 for a full-span flap-type
control on a 60 ° delta wing at a Mach number of 1.61. For the loading
due to control deflection, the uniform-loading procedure presented in
previous figures still applies. The loading on the control due to %
however, increases across the span to a peak at about the 87-percent
semispan station. Inasmuch as the form of this loading is dependent upon
the relationship between the Mach line from the wing apex and the wing
leading edge and must be preserved, the following technique was evolved.
The chordwise loading at any spanwise station is assumed to be constant
and equal to the three-dimensional linear-theory value at the flap mid-
chord point multiplied by K = 0.7. The spanwise variation in loading
is thus introduced by the spanwise variation in the midchord point
loading.
The agreement between these constant-chord-load calculations and
experiment is good. Although the data are not shown, the agreement
between the calculated spanwise variation of pitching moment and experi-
mental results is equally good.
The exact region where the uniform-loading procedure should give
way to this modified procedure is difficult to define because of the
gradual transition from one type of loading to the other. In general,
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however, the modified procedure should be used when the Mach line from
the wing apex begins to approach the wing leading edge and the edge tends
to become sonic or subsonic.
TIP CONTROLS
Basic Problems
The problem of estimating loadings on tip controls is considerably
more complex than that of the flap-type control and the simplified methods
of estimating the loadings have not been as fully developed. Although
tip-control configurations generally are not afflicted with hinge-line
separation, they are affected by additional variables such as leading-
edge separation and shock detachment and are considerably more sensitive
to control section and wing-control parting-line effects. Consequently,
the chordwise loadings can change rapidly with changes in any one of
these variables and the loading often has no resemblance to that predicted
by linear theory. It appears, however, that, despite all these compli-
cations, it may eventually be possible to develop a relatively simple
procedure for estimating the loadings on at least certain types of tip
controls.
Typical Spanwise Loading
Figure 9 shows the results of some such simple calculations for a
half-delta tip control. The control is depicted by the shaded area in
the sketch of the wing. The ordinate is the section pitching moment due
to m or 5 taken about the middle of the mean aerodynamic chord or
the 2/5 station of the root chord. Linear theory is indicated by the
dashed lines and the uniform loading predictions by the solid line. The
first thing to notice is that a K-factor of 0.70 no longer always guar-
antees good agreement between the uniform-loading calculations and exper-
iment, as exemplified by the control-deflection case. In order to over-
come this deficiency, the constant K was modified to give a good fit
between calculated and experimental section normal-force parameters, which
are not shown here. The resultant values of K were 0.89 for the loading
due to m and only 0.44 for the loading due to 5. This large decrease
for the control-deflection case is to be expected because of the strongly
three-dimensional flow over a very low-aspect-ratio shape. The calculated
section pitching-moment parameters for these modified values of K are
in fair agreement with experiment for the loading due to 5 but tend to
be somewhat high for the loading due to _. Better agreement as regards
both magnitude and shapes of the curves can be obtained in the latter
case by assuming a trapezoidal rather than uniform chordwise loading.
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The assumption of uniform spanwise pressure appears to be reasonably ade-
quate, as does the assumption of no wing carryover of the control load
due to 8.
At present, these simplified procedures for estimating loads on tip
controls have been applied to only a limited number of cases. Indica-
tions are that the value of K may be dependent upon control configura-
tion and Mach number. Obviously, further analysis of available data must
be made before final recommendations can be given.
CONTROLS WITH SWEPT HINGE LINES
At present, there is a lack of experimental data on which to develop
simple procedures for estimating loadings on controls with swept hinge
lines. On the basis of available knowledge, however, it may be antici-
pated that the procedures described previously should apply provided
there is no hinge-line separation 3 the sweep angle is not too high, and
the normal component of the velocity at the hinge line is used.
CONCLUDING REMARKS
In conclusion, it may be stated that simplified procedures have
been developed for the e_timation of control loadings on flap-type con-
trols at supersonic speeds for the case where no flow separation occurs
ahead of the hinge line. For tip-type controls, the simplified proce-
dures have been tested only in a few cases and need further development.
For controls with swept hinge lines, experimental data are lacking, but
it is anticipated that the procedures developed for the unswept hinge-
line controls will apply provided that there is no flow separation at
the hinge line or the sweep angle is not too large. It might also be
mentioned that, in general, the loadings predicted by the simplified
procedures are in better agreement with experiment than the unmodified
three-dimensional linear theory is.
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LOADS ON _S DUE TO SPOILERS AT SUBSONIC
AND TRANSONIC SPEEDS
By Alexander D. Hammond
Langley Aeronautical Laboratory
Some of the results of several of the more recent investigations
made in the Langley 7- by lO-foot tunnels are presented to illustrate
the magnitude and distribution of the additional loads on wings resulting
from projection of spoiler-type controls. The results show that, although
there is no known pure theoretical method for determining the magnitude
or the point of application of the additional load due to spoiler pro-
jection on a given wing, wind-tunnel test data on wings close to the
desired configuration can be used to estimate with a fair degree of
accuracy the additional loads associated with spoiler-type controls.
INTRODUCTION
The spoiler is being used more and more on present-day aircraft for
lateral control. In order to illustrate the variation of the magnitude
and distribution of the additional loads on wings resulting from spoiler
projection with changes in angle of attack, speed, and geometry of the
wing and spoiler, some of the results of several of the more recent
investigations made in the Langley 7- by lO-foot tunnels will be
presented.
COEFFICIENTS AND SYMBOLS
C n
cN
%
section normal-force coefficient, Normal force
qc
wing normal-force coefficient, Wing normal force
qS
wing bendlng-moment coefficient,
Wing bending moment
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_cp
Y
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. P -p
resultant pressure coefficient, - q
u Z
aspect ratio, b2/S
wing span, ft
local wing chord measured in planes parallel to wing plane of
symmetry, ft
average wing chord, cr + ct, ft
2
flap chord, ft
Mach number
static pressure, lb/sq ft
free-stream static pressure, lb/sq ft
1 2 lb/sq ftfree-stream dynamic pressure, _V ,
wing area, sq ft
wing maximum thickness, ft
free-stream air velocity, ft/sec
chordwise distance from wing leading edge, ft
chordwise distance of center of pressure resulting from
control deflection from wing leading edge, ft
spanwise distance from plane of symmetry, ft
increment resulting from control deflection
angle of attack of wing, deg
control deflection
sweep angle, deg
taper ratio; ratio of tip chord to root chord, ct/cr
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0 mass density of air, slugs/cu ft
Subscripts:
cp center of pressure
d deflector
f flap
u upper wing surface
lower wing surface
DISCUSSION
In figure 1 are shown the model configurations and test conditions
for the investigations made in the Langley 7-by lO-foot tunnels. A
pressure-distribution investigation utilizing a 30° sweptback-wing--
fuselage model (model A) having an aspect ratio of 3, a taper ratio
of 0._, and NACA 6_004 airfoil section parallel to the plane of symmetry
was made at a Mach number of 0.26 for an angle-of-attack range from -4°
to 24 °. The right wing of the model was equipped with two of the more
co,non types of spoiler controls, a plain spoiler and a spoiler slot
deflector. These controls were tested for a range of spoiler projection
from 0 to 12percent of the local chord and a range of deflector projec-
tion from 0 to 9 percent of the local chord. The results of this inves-
tigation are unpublished.
Force tests were made on model B, an unswept semispan wing having
an aspect ratio of 4, a taper ratio of 0.6, and NACA 6_A006 airfoil sec-
tions parallel to the plane of symmetry, through a Mach number range from
0.62 to 1.20 for angles of attack from -4 ° to 20 °. Model B was equipped
with a plain spoiler and a spoiler slot deflector, extending from the
40- to the 97-percent-semispan stations; tests were made for spoiler pro-
jections from 0 to l0 percent of the local chord and for deflector pro-
jections from 0 to 7-5 percent of the local chord. The results of this
investigation are published in reference 1.
Force tests were also made on a series of unswept untapered semispan
wings, represented by model C, having aspect ratios from 1 to 6 and two
airfoil sections, NACA 6_A00_ and NACA 65A006, parallel to plane of sym-
metry. A plain flap-type spoiler projected to a height of 7.5 percent
chord was tested along the 40-, 60-, 80-, and 100-percent-chord lines of
the wings through a Mach number range from 0.6 to 1.1 at angles of attack
from -10 ° to 25°. These tests are also unpublished.
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The results of the pressure-distribution measurements taken at the
six spanwise stations on the right wing of model A are used to show, in
figure 2, the variation of the wing-section normal-force coefficient Cn
with spanwise position y/b/2 from the _-lng-fuselage junction to the
wing tip for the plain wing at angles of attack of 2° and 8° . The
spoiler was projected to 12 percent of the local chord and the deflector
was projected to 9 percent of the local chord. At both angles of attack
(2° and 8o), projection of the spoiler slot deflector considerably
decreased the loading over that portion of the wing span covered by the
control.
Inasmuch as the incremental loads due to spoiler projection, that
is, the differences between the plain-wing curves and the curves for
the spoiler slot deflector, are of primary interest, the incremental
loadings obtained from plots similar to figure 2 have been normalized
and replotted in figure 3 to show the variation of the incremental sec-
tion normal-force coefficient per unit incremental wing normal-force
_n c
coefficient with spanwise location from the wing-fuselage junc-
_CNCav
tion to the wing tip. The theoretical curve was obtained by the method
of DeYoung outlined in references 2 and 3 for flap-type controls having
the same span as the spoilers of model A on a wing having the same geo-
metric characteristics as the wing of model A. Since the spoilers are
deflected only on the right wing of model A, the theoretical curve is
the average between the curve obtained for symmetrically deflected flaps
and unsymmetrically deflected flaps from references 2 and 3, respectively.
The experimental points denoted by the circled symbols were for an angle-
of-attack range from -4 ° to 6° .
At the top of figure 3 are curves of the variations of the incre-
mental wing normal-force coefficient _C N and incremental wing bending-
moment coefficient AC B with angle of attack for the spoiler slot
deflector projected to heights of 12 and 9 percent of the local chord.
In the angle-of-attack range from -4 ° to 6° , there is an increase in
both the incremental normal force and bending moments with increase in
angle of attack although there is little change of the distribution of
this load with change in angle of attack and the experimental and theo-
retical span load distributions are in good agreement (fig. 3)- At
angles of attack above about 6° , there is separation in the flow over
the wing near the wing tip and the inboard end of the spoiler, and the
experimental distributions would not be expected to agree with theory.
The chordwise load distribution resulting from spoiler projection
will now be considered_ The results of the pressure-distribution meas-
urements made at the midsemispan station of model A have been used to
show, in figure 4, the chordwise resultant pressure distribution due to
two types of spoiler controls. Figure 4 gives the variation of the
I •
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incremental resultant pressure coefficient
tion _x/c expressed in terms of the local chord for plain spoilers
(denoted by solid curves) and for spoiler slot deflectors (denoted by
the dashed curves). These data were for an angle of attack of 0°. The
projection chosen for the two types of spoiler controls was such that
they gave approximately equal section normal-force coefficients. Because
of the load carried on the deflector itself (fig. 4), which is located
well back on the wing, the center of pressure for the spoiler slot
deflector is behind the center of pressure for the plain spoiler. Fig-
ure _ shows the variation of the center-of-pressure location of the sec-
tion incremental normal force _Xc---_Pwith span for a plain spoiler pro-
C
jected to a height of 12 percent chord and for a spoiler slot deflector
projected to heights of 12 and 9 percent chord on model A at an angle
of attack of 0°. The center of pressure for the spoiler slot deflector
lies along approximately the 43-percent-chord line across the wing span
and the center of pressure for the plain spoiler is from lO to 30 percent
further forward on the wing.
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Although there were no pressure-distributionmeasurements made on
model B to obtain the variation of the center-of-pressure location
across the wing span, the results of the force tests on model B have
been used to show (fig. 6) the variation of the center-of-pressure loca-
tion of the incremental wing normal force with angle of attack at Mach
numbers of 0.84 and 1.20. The spoiler was deflected to lO percent chord
(see solid curves); the spoiler slot deflector was projected to l0 and
7._percent chord (see dashed curves).
The results shown in figure 6 indicate that the center-of-pressure
locations of the incremental_ing normal force are about lOpercent
further forward on the wing for the plain spoiler than the center-of-
pressure locations of the spoiler slot deflector at all angles of attack
at the Mach numbers shown. There are variations in the centers of addi-
tional load with angle of attack; however, the trends of this variation
for the two types of spoilers are similar at the Mach numbers shown and
at the other Mach numbers investigated. It then follows that the results
of force tests on plain spoilers can be used to determine the center-of-
pressure location of the incremental normal force resulting from pro-
jection of spoiler slot deflectors.
Results of the investigation made on the unswept wings denoted by
model C can be used to show the changes in the chordwise position of the
center-of-pressure location with such variables as wing thickness, wing
aspect ratio, and spoiler chordwise position. The data for the aspect-
ratio-6, 6-percent-thick wing have been used to show (fig. 7) the varia-
tion of the center-of-pressure location of the incremental section nor-
mal force with Mach number at an angle of attack of 0° for spoilers
O
gin• °
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•" to 7.5 percent chord and located along the 40-, 60-, 80-, and
lO0-percent-chord lines and, for comparison, data on a 23-percent-chord
flap-type control are also presented (dashed curve).
As the spoilers move rearward on the wing, the center-of-pressure
location moves toward the wing trailing edge at all Mach numbers tested.
Although there is little variation in the center of additional load with
Mach number for spoilers located along the 80-percent-chord line, spoilers
located along lOO-percent-chord line have centers of pressure that are
located near the wing trailing edge at transonic Mach numbers as does the
plain flap-type control. In order to show the variation of the center-
of-pressure location with Mach number at other angles of attack, the data
for the spoilers located along the 80-percent-chord line have been plotted
on the right-hand side of figure 7 for angles of attack from 0o to i0 °.
At all Mach numbers investigated, the center-of-pressure location moves
toward the wing trailing edge with increase of angle of attack up to i0°_
and limited data indicate that the centers of additional load move back
toward the wing leading edge with further increase in angle of attack.
The trends shown for the aspect-ratio-6, 6-percent-thick wing of
the variation of the center-of-pressure location with Mach number are
similar to the trends found for other wings of this series. The varia-
tion of the center-of-pressure location of the incremental wing normal-
force coefficient with aspect ratio at an angle of attack of 0° is shown
in figure 8 for spoilers located along the 60-, 80-, and lO0-percent-
chord lines of the 4- and 6-percent-thick wings at a Mach number of 0.80.
The dashed curves are for the spoilers on the 4-percent-thick wings and
the solid curves are for the spoilers on the 6-percent-thick wings. At
all aspect ratios investigated, moving the spoilers rearward on the wing
moves the center-of-pressure location toward the wing trailing edge.
Although there is little variation of the center-of-pressure location
with aspect ratio for spoilers located along the 80-percent-chord line
on either the 4- or 6-percent-thick wings, the center-of-pressure loca-
tions for spoilers on the 4-percent-thlck wings are approximately 8 to
i0 percent further forward on the wing than are the center-of-pressure
locations for spoilers on the 6-percent-thickwings. In order to show
the variation of the center-of-pressure location with aspect ratio at
angles of attack other than 0°_ the data for spoilers located along the
80-percent-chord line on the 6-percent-thick wings have been plotted on
the right-hand side of figure 8 for angles of attack from 0° to i0 °.
At this Mach number there is very little variation of the center-of-
pressure location with aspect ratio at any angle of attack up to i0°,
although the center of pressure generally moves forward on the wing with
increase in angle of attack for the spoiler on wings having aspect
ratios from i to 5.
CONCLUDINGREMARKS
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It should be pointed out that there is no kno_rnpure theoretical
method for determining either the magnitude or the point of application
of the additional load due to spoiler projection on a given_ring. How-
ever, if force tests on configurations close to the desired configura-
tion are used to estimate the magnitude of the additional load and its
point of application, and if this load is distributed according to the
theoretical load distribution of flap-type controls of the same span,
the additional root bending moment and_ring twisting moment can be
determined in the subsonic and transonic speed range at low angles of
attack with a fair degree of accuracy.
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By Douglas R. Lord and K. R. Czarnecki
Langley Aeronautical Laboratory
SUMMARY
The available information concerning the loads associated with
spoilers at supersonic speeds has been reviewed toldthe effect of some
of the more important variables in the problem has been considered.
Although a large proportion of the data now available are fundamental in
nature, they lend considerable basic knowledge to the study of spoiler
loadings and permit some estimations to be made.
This paper presents typical data available for various spoiler
installations and presents an approximation method for estimating the
loadi_s caused by an unswept spoiler. Some preliminary data and discus-
sion are also presented for spoilers yawed to the main flow.
INTRODUCTION
At the present time there is available only a limited quantity of
experimental data concerning the loads associated with spoilers in super-
sonic flow. During the past few years, however, several tests of a fun-
damental nature have been made which give some insight into the loadings
caused by spoilers and enable a better understanding of the flow phe-
nomena involved. The majority of the data obtained to date are for
spoiler installations in what might be termed idealized conditions, and
the application of these results to three-dimensional lifting wings with
their attendant spanwise variations will undoubtedly introduce new com-
plications. The present results are, however, a vital first step in
understanding the flow characteristics and in developing methods for
predicting the spoiler loads for an actual installation. The purpose
of this paper is to present typical data from some of the most recent
tests and to discuss the conclusions which have been reached to date.
All data presented are for turbulent boundary layers.
SYMBOLS
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stream Mach number
local Mach number
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stream t pressure
P_ local static pressure
q stream dynamic pressure
5sep
Z
h
A
D
cd
H
Ch
PZ - p
pressure coefficient,
q
effective angle of flow separation ahead of spoiler
horizontal distance from top of spoiler to point of flow
separation
spoiler height
sweep angle
spoiler section drag
spoiler section drag coefficient, D/qh
spoiler section moment about base of spoiler
spoiler section hlnge-moment coefficient, H/qZ 2
MODELS AND TESTS
Figure 1 illustrates the testing techniques which have been used
in studying this problem. Although some of the tests were initiated as
part of shock--boundary-layer interaction programs, they are inherently
suited for studying the loadings ahead of spoilers. On each of the
sketches shown, the horizontal lines above and below the diagram define
the location of the tunnel walls. In the upper left sketch of the figure,
the two-dimensional step technique, used both at the David Taylor Model
Basin (ref. l) and at Princeton University (ref. 2), is shown. Orifices
ahead of and on the front face of the spoiler were used to determine the
loadings.
The collar-on-a-tube technique, illustrated in the top middle sketch
of figure i, was employed in tests in a _lowdown jet of the Langley Gas
Dynamics Branch (ref. 3). Here again, a single row of orifices was used
to obtain pressures along the tube and on the front face of the collar.
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1 ( 4)'"Tests were made in the Langley 9-inch supersonic tunne ref. on ""
a two-dimensional airfoil (as shown in the upper right sketch of fig. l)
in which spoilers of various heights were mounted at three chordwise loca-
tions on the airfoil upper surface. A single row of orifices along the
surface measured the pressures both ahead of and behind the spoiler.
The three techniques shown so far have been used primarily to study
the effect of spoilers placed normal to the flow. In order to study the
loadings caused by a spoiler in the yawed condition such as would be
encountered on a swept-wing spoiler installation, with the simplifying
condition of uniform flow ahead of the spoiler, the technique shown in
the lower left sketch of figure 1 was used in the Langley 4- by 4-foot
supersonic pressure tunnel. Spoilers of varying height, span, and deflec-
tion angle were mounted on a turntable in a flat boundary-layer bypass
plate. The turntable was instrumented with approximately 260 orifices
located so that, as the turntable was rotated to obtain various sweep
angles, rows of orifices were always so alined as to give detailed pres-
sure distributions in the stre_nwise direction. Pressures were obtained
ahead of and behind the spoilers as well as on the front and rear faces
of the spoiler itself.
In the lower rlght-hand corner of figure 1 is a plan view of the
three-dlmensional semispan-wing model which was tested in the 4- by 4-foot
supersonic pressure tunnel with various spoiler installations. A typical
location for a full-span spoiler is shown, in addition to the five rows
of orifices located across the wing span. Some of the variables inves-
tigated in these tests were spoiler height, span, chordwise location,
and sweep.
DISCUSSION
Unswept Spoilers
In figure 2 the typical loadings caused by an unswept spoiler in
supersonic flow are illustrated. In the left part of the figure the
pressure distributions ahead of and behind three spoilers have been super-
imposed. Two of the spoilers were vertical spoilers of different heights
and the third was a flap-type spoiler deflected 45° to the surface. As
has been previously demonstrated at subsonic speeds, when the loadlngs
are plotted as a function of distance from the top of the spoiler in terms
of the actual spoiler height above the surface, the loadings are nearly
identical. Further investigations have shown that this remains true with
reductions in spoiler height until the height becomes of the same order
of magnitude as the boundary-layer thickness.
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Since it was found that, at this Mach number, the spoiler caused the
flow to separate approximately _2 spoiler heights ahead of the spoiler
top, a simple approximation to the loading can be obtained, as shown,
by following these rules: First, drawing a line from the separation
point to the top of the spoiler determines the angle through which the
flow must turn and, therefore, the average pressure in the forward dead-
air region can be calculated. Further, from examining the pressure dis-
tributions 3 it appears that at the spoiler top the flow expands through
an angle approximately three times the value of the separation angle
just determined. By calculation then, it is possible to get the pres-
sure immediately downstream of the spoiler. It would ordinarily be
anticipated that this pressure would remain constant until the flow
impinged on the surface and again had to be turned to realine with the
stream. Experience has shown, however, that the compression takes place
in a gradual manner and is approximately completed at a point downstream
of the spoiler the same distance as the separation occurred upstream.
A straight line connecting the last computed pressure point with the
proper distance along the axis in the downstream direction, therefore,
completed the approximation.
On the right-hand side of figure 2 are shown the loadings on the
front and rear faces of the three spoilers depicted. The vertical spoilers
exhibit marked pressure increases on the front face near the bottom and
top of the spoiler which indicate stagnation of the local flow at these
points. The 45 ° spoiler has its highest pressure at about 80 percent of
its height, followed by a rapid expansion. These variations are caused
by the circulatory flow in the dead-air region ahead of the spoiler. On
the rear faces of the spoilers, there appears to be little effect of
spoiler height or deflection angle, and indications of any circulation
are lacking. At the present time, no technique has been obtained for
estimating the distribution of pressures along the front face of a spoiler_
however, the uniform pressure on the rear face may be approximated by
using the pressure obtained just after the expansion of the main flow
at the spoiler top.
If the experimental pressures are known on the wing surface izmedi-
ately ahead of and behind the spoiler, a good approximation of the aver-
age loads on the spoiler can be obtained by assuming that these pressures
apply uniformly over the adjacent spoiler faces.
Since, in the discussion of the technique used in estimating the
loadings caused by a spoiler, it was necessary to first know the extent
of the separated region, the obvious question which follows is how to
determine this distance. In figure 3 the separation distance from the
spoiler in terms of the height is plotted against Mach number. All the
data on this figure were determined from the tests discussed in figure 1.
The two-dimensional results are shown as symbols, whereas the results from
the only available three-dimensional tests are shown as a shaded area.
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":.The data for any one family of test points in _" "
Mach n_nber variation indicate a decreasing trend with Mach number. ""
From consideration of the scatter of the available results, it appears
that the assumption of a constant separation distance of _ spoiler
heights as shown by the dashed line would be satisfactory for estimating
loadings in the Mach number range from 1.6 to 3.0.
Effects of Sweep
Up to now, only unswept spoilers have been discussed. Figure 4
illustrates the changes in upstream influence of a spoiler caused by
increasing the spoiler sweep from 0° to 60°. In considering the effects
of spoiler sweep, a new phenomenon is involved: The flow not only must
be deflected by a shock from the surface to surmount the spoiler height,
but a new shock is necessary to turn the flow along the surface - thus
allowing the flow to move parallel to the face of the spoiler.
It can be seen from figure 4 that, for an unswept spoiler, there is
relatively little effect of the spoiler tips on the upstream influence
of the spoiler within its spanwise boundaries. As the spoiler is swept,
the curve of initial disturbance assumes the position of a detached shock
about the upstream tip of the spoiler.
This interaction is illustrated better in figure 5, in which the
effect of 45° sweep on the pressure distributions in streamwise rows at
two stations along the spoiler span is shown. The upper diagrams show
the loadings ahead of, behind, and on the spoiler at station l; whereas
the lower diagrams show the same variations at a station considerably
closer to the spoiler tip. At 0° sweep, the loadings are almost identical
at the two stations shown. When the sweep is increased to 45°, the com-
pression ahead of the spoiler occurs in two steps and is separated by
an expansion region. At station l, the change in sweep from 0° to 45°
increases considerably the upstream influence of the spoiler. At sta-
tion 2, nearer the tip, the initial compression occurs much closer to
the spoiler than it does at station l; however, the peak of the expansion
region appears to be about the same distance from the spoiler at both
stations. The final compression ahead of the spoiler is much greater
at station 2 and is also illustrated by the higher pressure along the
front face of the spoiler at this atation. The pressures in the region
downstream of the spoiler are generally more negative at station 2 for
this sweep condition.
Since the variation in loading along the span has been shown, it
follows that the integrated lift and pitching moment caused by the spoiler
will also vary spanwlse. Because of the limited number of stations across
the span and the relatively low spoiler span-to-height ratio for these
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tests, it is impossible to give a complete picture of the spanwise varia-
tions of lift and pitching moment caused by a swept spoiler. Indications
are, however, that when a spoiler having a sweep of 45 ° or greater is
used_ there is a strong tendency for reversal in lift and reduction in
pitching moment within approximately lO spoiler heights of the upstream
tip. These indications have been borne out by correlations obtained
between data from these tests and data from three-dimenslonal tests in
the Langley 16-foot transonic tunnel (ref. 5) on a 45° swept-wing--spoiler
combination in which the local wind velocities ahead of the spoiler were
supersonic.
In accordance with the discussion of the effects of spanwise loca-
tion on the changes with sweep, figure 6 shows the variations in spoiler
section drag and flap-type spoiler section hinge-moment coefficients
along the span for various angles of sweep. At 0° sweep, the drag and
hinge moments are constant along the span insofar as _as investigated.
As the spoiler is swept to 60 ° , the drag and hinge moment first fall off
on the downstream portion of the spoiler and then fall off all along the
span.
CONCLUDING Pd_&_RKS
Considerable information of a fundamental nature is now available
on the status of research on loadings caused by spoilers at supersonic
speeds. Estimations can be made very simply to determine the loadings
caused by unswept spoilers in uniform flow fields. The effects of sweep,
though understood somewhat 3 are still too complex to permit any simple
approximation techniques to be demonstrated. It is anticipated that
further analysis of the available information should clarify this problem;
however, detailed loading investigations of spoiler installations on
three-dimensional lifting wings will be needed for a complete solution
to the problem.
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LOADS AT SUPERSONIC SPEEDS
By S. Sherman Edwards
Ames Aeronautical Laboratory
INTRODUOTION
In order to develop loads on the vertical tail, it is necessary for
the airplane to be at an angle of sideslip. The purpose of the vertical
tail, of course, is to limit the sideslip angle to which the airplane yaws
and to balance the tail-off yawing moments which generally are unstable
at supersonic speeds.
The yawing motion of an airplane is considered in figure I. It might
be expected that the load on the vertical tail would be directly propor-
tional to its size. In reference 1 the importance of examining the motions
of the airplane in determining vertical-tail loads was discussed and the
sideslip angles associated with deficiencies in directional stability were
shown to lead to large vertical-tail loads. For example, a large tail on
the airplane (on the left in fig. l) may provide sufficient directional
stability so that the maximum sideslip angle to which the airplane yaws in
a given maneuver is limited to a small value. If the vertical-tail size
were reduced, the airplane would attain much larger sideslip angles in the
same maneuver as shown on the right in figure 1 and a larger load, there-
fore, could be developed on the smaller tail. The directional stability
is the important parameter determining the sideslip angles which will occur
in maneuvering conditions. This paper will consider, therefore, vertical-
tail loads in relationship to their influence upon the directional stabil-
ity of several supersonic airplanes. It will be confined, primarily, to a
general discussion of the aerodynamic interference effects which have been
observed to be contributing to deficiencies in vertical-tail effectiveness
with increasing angle of attack and increasing supersonic Mach numbers.
RESULTS AND DISCUSSION
The variation of the directional stability (or the yawing moment due
to sideslip Cn_ 1 with angle of attack at two Mach numbers for a swept-
J
wing airplane is presented in figure 2. The results for this model show a
substantial decrease in directional stability with angle of attack and also
with Mach number. In fact, a Mach number of 1.9 is well into the speed
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cont_b_t_o'n i_ the'_li_fe_e_'b_twetJ_ t_ data for the tail-off and com-
plete configurations. At both Mach numbers, the decrease in the yawing
moment due to sideslip with increasing angle of attack is caused by a
corresponding decrease in vertical-tail effectlveness. The magnitude of
the unstable yawing moment due to sideslip shown for the tail-off configu-
ration illustrates why an efficient vertical tail is needed. For this air-
plane, the decreased effectiveness of the vertical tail as the angle of
attack increases means that to avoid critical tall loads accompanying
directional divergence, the size of the surface must be larger than that
necessary at small angles of attack.
What are the aerodynamic conditions that combine to rob the vertical
tail on this model of its effectiveness as a stabilizing surface? The
effect of Mach number is explained adequately by the decreased lift effec-
tiveness of the vertical tail with increasing Mach number. There are, how-
ever, three possible explanations of the angle-of-attack effect. Sidewash
effects of the wing may be unfavorable. Examination of the increment in
Cn_ between the results for the body-tail and complete comfigurations
indicates, however, that the addition of the wing seems to increase rather
than decrease the vertical-tail loading at a given angle of sideslip. The
second possibility is that the sweepback of the vertical tail is effec-
tively increased with angle of attack and tends to reduce the effectiveness
of the vertical tail because it is known that the lift-curve slope decreases
with increasing sweepback. The magnitude of the decrease in vertical-tail
effectiveness is much larger than can be traced to this simple explanation.
The third possibility is indicated by a study of the body-tail results.
Note the marked decrease in the vertical-tail effectiveness with increasing
angle of attack. This decrease has been traced to an induced effect of the
fuselage in the lifting condition.
With regard to the third possibility, the nature of the induced flow
field in the tail region of this model is shown in figure 3 for the fuse-
lage alone at an angle of sideslip of 5° and two angles of attack. These
photographs were obtained by means of the vapor-screen technique in the
Ames I- by 3-foot supersonic tunnel No. i. The darkened spots on the
vapor screen near the tail of the body are caused by regions of concen-
trated vorticity associated with the fuselage loading. The spinning action
of the vortices forces moisture particles outward from the center of rota-
tion. Innermost areas of the vortices, therefore, are devoid of moisture
particles capable of reflecting light and hence these vortex regions appear
as dark spots on the vapor screen. Note that in figure 3 the upper vortex
appears to be in the plane of the vertical tail, the position of which is
shown in the sketch at the top of figure 2. As the angle of attack was
increased from 8° to 16 °, this vortex moved upward to approximately the
top of the vertical tail.
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In figure 4, a similar study of the swept wing in combination with
the fuselage is shown. The vantage point from which the vapor screen is
observed in this case is located inside the wind tunnel with the model
upstream of this point. The light screen is projected from the left in
these pictures; consequently, a shadow of the model is cast to the right.
In addition to the _Ning-tip vortices which appear, body vortex regions
in the vicinity of the tail locations are shown. Again, a strong vortex
appears in this case somewhat to the right of the plane of the vertical
tail. As the angle of attack is increased, this vortex seems to keep
approximately the same lateral location with respect to the position of
the vertical tail. Forward movement of the vapor screen to the mid-point
of the body shows that at this point one of the two body vortices is
located under the left wing; the other is above the wing. The marked
asy_netry in the body vortex flow, therefore, is readily apparent.
The manner in which these vortices influence the vertical-tail loading
is not known quantitatively. Several qualitative statements can be made,
however, regarding these vortices and their relationship to the vertical-
tail loads: (1) The vertical tail in sideslip is not lifting in a uniform
stream and both chordwise and spanwise variations in the loading caused by
localized vorticity should be expected. (2) The marked decrease in
vertical-tail load with angle of attack of the body-tail combination
appears to be related to the fact that, as shown in figures 3 and 4, the
vortex coming from the right side of the fuselage (looking forward) actu-
ally intersects the vertical tail and hence has maxlm_n influence. The
point of intersection moved almost to the top of the tail at the maximum
angle of attack so that the induced effects would be expected to decrease
at larger angles. (3) The vertical movement of this vortex (that is, the
one from the right side of the fuselage) is somewhat restricted by the
presence of the wing; it seems, also, to have moved away from the verti-
cal tail. Consequently, its influence is diminished and the complete con-
figuration has slightly more directional stability throughout the angle-
of-attack range.
The effect of an unswept wing upon the results presented in figure 2
is shown in figure 5- This wing had the same span and aspect ratio as
the unswept wing. (See fig. 2. ) The vertical tail also was changed to
an unswept design; however, results for this tail when tested on the
original swept-wing model shoved an almost identical variation of the
vertical-tail effectiveness with angle of attack and with Mach number as
that of the original swept tail. The effect of the vortices that were
observed in the vapor-screen tests therefore must have been about the
same for the two tails when the fact that the height, area, and chord at
the fuselage juncture was kept the same is considered. In figure 5 the
data for the unswept-wing model show that the directional stability
is maintained and actually increases at moderate angles of attack. The
high level as compared with the original airplane is caused by the fact
that it was necessary to shift the center of gravity forward slightly
el
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to accommodate the more forward position of the unswept-wing center of
pressure. For both configurations, the same static margin at a Mach num-
ber of 1.5 was maintained. It was estimated that the effect of the
straight wing was negligible on the tail-off results shown in figure 2;
therefore, it was concluded that the maintenance of directional stability
with angle of attack was caused almost entirely by an increase in the
vertical-tail effectiveness at high angles of attack.
Again, vapor-screen tests provided an explanation for the results.
The vortex coming from the right side of the fuselage looking forward (see
fig. 4) was pronouncedly infll_nced by the unswept wing. In the presence
of this wing, this vortex was much more diffuse in nature, tended to cling
closer to the fuselage, and was even farther away from the vertical tail
than the position shown in figure 4. The increased effectiveness of the
vertical tail on this airplane at large angles of attack, therefore, is
attributed to a reduction in the influence of the fuselage vortices.
A different type of interference effect upon vertical-tail effective-
ness has been observed for configurations similar to that shown in fig-
ure 6. The increment in the Cn6 parameter between the tail-off and
complete-model results shows again in this case a decrease in the vertical-
tail contribution to the directional stability with increasing angle of
attack and increasing Mach number. Although the possibility of vortices
associated with the lift of the fuselage forward of the wing is not dis-
counted in this case, it is believed that the major factor contributing
to this result is the unusually far forward location of the vertical tail.
More specifically, as the angle of attack of this model is increased, the
stream following the wing-leading-edge shock wave expands to higher than
free-streamMach numbers across the top of the wing. The vertical tail on
this model is in this higher Mach number region. The reduction in the
load on the vertical tail caused by the decreased dynamic pressure asso-
ciated with this expansion reduces the directional stability of the air-
plane as the angle of attack increases.
Most of the vertical tail of the swept-wing model previously dis-
cussed is downstream of the flow region influenced by expanding flow above
the wing at Mach numbers lower than 1.9; therefore, a similar type of
interference effect was not mentioned as a major contributing factor to
the vertical-tail loads. At higher speeds, of course, this effect would
become of increasing importance for that configuration.
Another interference effect differing from those previously discussed
was observed for the model shown in figure 7- Notice that the increment
in Cn_ between the tail-off results and the curve for the complete model
shows a nonlinear variation of the tail contribution to the directional
stability with Mach number. This nonlinearity disappeared when the nacelles
were removed or when the outboard nacelles were placed on pylons below the
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wing. Expansion waves from the nacelles impinge upon the vertical tail in
this arrangement and cause both chordwise and spanwise variations in the
loading on the vertical tail and a general decrease in its effectiveness.
The nonlinear increase in effectiveness with Mach number is caused by the
rearward movement of pressure waves from the nacelles along the vertical
tail. This effect causes the directional stability of the complete model
to approach the nacelles-off results at a Mach number of 1.9. An important
consideration for an airplane having nacelles in this position from the
standpoint of vertical-tail design would be the sudden loss of thrust in
one of the outboard engines. This condition could result in large differ-
ences in the pressure waves impinging on the two sides of the vertical tail
and could cause large sideslip angles and large loads on the tail.
SLMMARY OF RESULTS
t
In summary, it is pointed out that a deficiency in directional sta-
bility permits the airplane to develop large angles of sideslip and hence
large vertical-tail loads. The tail-off yawing moments for each of the
models considered were markedly unstable. The vertical tail on the swept-
wing model provided adequate directional stability at low angles of attack;
however, vorticity associated with the lift of the fuselage decreased the
vertical-tail effectiveness as the angle of attack increased. When the
wing on this model was changed to an unswept design, the effectiveness of
the vertical tail was maintained with increasing angle of attack. This
result was believed to be caused by the fact that the unswept wing altered
the position of vortices originating from the fuselage ahead of the wing
and caused a decrease in the adverse sidewash at the vertical tail.
For the triangular-wing model, a decrease in vertical-tail effective-
ness with angle of attack also occurred; this decrease was caused by the
location of the tail in a region of reduced dynamic pressure associated
with expansion of the flow over the wing. For both airplanes, large ver-
tical tails are necessary to avoid directional divergence and hence exces-
sive tail loads.
An interference effect of a different nature influenced the vertical-
tail loads on the model with nacelles located on the wing. In this case,
pressure waves from the nacelles impinged on the vertical tail. At mod-
erate supersonic Mach numbers, these waves influenced the vertical-tail
loads in sideslip and caused a nonlinear variation of the directional
stability with Mach number.
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A DISCUSSION OF RECENT WIND-TUNNEL STUDIES RELATING
TO TKE PROBLEM OF ESTI_fl_TING VERTICAL- AND
HORIZONTAL-TAIL LOADS
By Richard E. Kuhn, Joseph M. Kallissy, Jr.,
and Ralph W. Stone, Jr.
Langley Aeronautical Laboratory
SUMMARY
Some of the effects of angle of attack, sideslip, Mach number, and
airplane configuration on the vertical-tail loads and, to a lesser extent,
horizontal-tail loads have been discussed. In addition, the division of
load between the exposed vertical tail and the fuselage has also been con-
sidered. It has been shown that at low angles of attack, in both the sub-
sonic and supersonic speed ranges, adequate predictions of the vertical-
tail loads can be made. At angles of attack at which the flow begins to
separate from the wing and fuselage, however, large rolled-up vortices
appear in the flow in the region of the tail asseWoly and large changes
in both vertical- and horizontal-tail loads result.
It has been shown that the effects of these vortices on the tail
loads can be calculated if the strength and position of all vortices are
known. For practical configurations with their complex fuselage shapes,
however, it appears that, at present, some type of flow-visualization
studies to indicate the vortex positions and some indication of the loads
on the fuselage to estimate the vortex strength are necessary in order to
estimate the tall loads.
INTRODUCTION
When an airplane is disturbed from equilibrium (as discussed in
refs. 1 and 2), loads are developed on the tail surfaces of the airplane
and usually act to oppose the motion of the airplane, tlmt is, tend to
bring the airplane back into equilibrium. The designer is interested in
estimating these loads throughout the attitude range expected for the
airplane in connection with both the stability of the configuration and
the structural design of the tail surfaces themselves.
The present paper examines some recent wind-tunnel data on loads on
vertical and horizontal tail surfaces of complete configurations in order
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to point out some of the factors influencing the loads at high angles of
attack. The data and discussion presented are limited to sideslip angles
of the order of 4° or 5° .
SYMBOLS
CN
CB
N
B
q
P
V
M
Sv
Sh
bv
bh
z
L
F
c_
normal-force coefficient, N/qS v
Bbending-moment coefficient,
vertical-tail normal force, ib
Sh b h
2 2
root bending moment of horizontal-tail semispan, ft-lb
dynamic pressure, pV2/2, ib/sq ft
mass density, slugs/cu ft
free-stream velocity, ft/sec
Math number
area of exposed vertical tail, sq ft
area of horizontal tail, sq ft
span of exposed vertical tail, ft
span of horizontal tail, ft
distance from fuselage-vertical-tail Juncture to center of
load on exposed vertical tail, ft
lift on wing; or lift on fuselage alone, lb
effective span of wing; or effective diameter of fuselage, ft
circulation, sq ft/sec
local section lift coefficient
local chord
Cav average chord
RESULTSANDDISCUSSION
Vertical-Tail Loads at LowAngles of Attack
t
Procedures and data that can be used in estimating the loads on most
tail configulrations at both subsonic and supersonic speeds and at low
angles of attack are available in the literature. References 3 to 13,
for instance, present studies relating specifically to tail assemblies,
and references such as 14 and 15, which relate to the lift-curve slope of
lifting surfaces, can also be used provided the end-plate effect of the
fuselage is properly accounted for. A comparison between the experimental
and calculated vertical-tall normal-force coefficient at low angles of
attack is presented in figure i. The data presented were obtained by
subtracting the measured side force on the model with the vertical tall
removed from the measured side force on the complete model. Thus the
results shown represent the total tail load which included both the nor-
mal force carried on the vertical tail and the additional increment of
normal force that the vertical tail induced on the fuselage. The data
were obtained from tests of the models at sideslip angles of the order
of 4° .
In the supersonic speed range, the calculated variation, from refer-
ence ll, is in very good agreement with the experimental data which were
obtained from an unpublished investigation. A rather complete discussion
of the procedures for calculating the forces on the tail assembly of a
complete configuration at supersonic speeds is included in reference 16.
References 14 and 17 were used for the calculations in the subsonic
speed range. In making these calculations, the effective aspect ratio of
the vertical tall was increased by the empirical relationship presented
in reference 17 to account for the end-plate effect of the fuselage. The
end-plate effect of the fuselage can also be treated by procedures such
as those outlined in references 18 to 21. The experimental data shown at
subsonic Mach numbers were obtained from reference 22. It should be
remembered that the coefficients presented in the present paper are based
on the exposed area of the vertical tail rather than on the area extended
to the fuselage center line as is used in many of the references.
w
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Vertical-Tail Loads at High Angles of Attack
Experience has indicated that the methods of calculation used at low
angles of attack do not hold throughout the angle-of-attack range because,
at high angles of attack, the vertical tail is operating in the disturbed
flow field from the wing and fuselage. Any attempt to calculate the tail
loads at high angles of attack should be based on an understanding of the
flow at the tail.
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Flow field at tail.- At subsonic speeds, an idea of the nature of
the flow at the location of the vertical tail can be obtained by means
of the tuft-grid technique as discussed in references 23 and 24. The
setup used in obtaining tuft-grid pictures is illustrated in figure 2.
The tail surfaces are removed from the model and Replaced by wires to
indicate the location of the vertical tail and three possible horizontal-
tail locations. The tuft grid is mounted immediately behind the model and
is made of closely spaced vertical and horizontal wires with a tuft tied
at each intersection. The camera views the tufts from a point on the axis
of the tunnel far downstream of the model. If the flow is disturbed, as
by a vortex trailing from a wing tip_ the tufts will follow the local flow
direction and a projection of the tuft will be seen. The orientation of
the tuft will give an indication of the local sidewash and downwash.
A tuft-grid picture of the flow behind a model at an angle of attack
of lO ° and a sideslip angle of 25 ° is shown in figure 3- The model was
painted black so as to make the tufts easier to see, and as a result the
model itself is rather indistinct. The heavy white lines are the wires
which indicate the location of the vertical tail and three possible
horizontal-tail locations. The picture shows the system of vortices from
the wing and fuselage. The fuselage vortex was found to originate at the
nose of the fuselage.
In this case, a high sideslip angle was chosen so as to make the
fuselage vortex more distinct. At smaller sideslip angles, the vortex
would be less intense but would also be much closer to the vertical tail.
Fuselage vortices have also been shown to exist at supersonic speeds, as
shown in references 25 to 27. For these investigations the vapor-screen
technique was used to obtain a picture of the flow.
The presence of these vortices at both subsonic and supersonic speeds
is not surprising because their strength depends on the crossflow velocity
(component of velocity perpendicular to the fuselage axis), and as long as
the crossflowMach number remains subcritical the strength of the vortices
and their position would be expected to be relatively independent of Mach
number effects.
The effect that a single vortex can have on the distribution of load
on the vertical tail is illustrated in figure 4. Above the vortex, the
sidewash from the vortex increases the local angles of attack on the ver-
tical tall and thus increases the load. Below the vortex_ the reverse is
true, and the load is decreased.
Method of calculation.- Any procedure for estimating the effects that
the vortices from the wing and fuselage have on the vertical-tail loads at
high angles of attack should take into account the effects of all the vor-
tices trailing from the wing and fuselage. It is necessary to know both
the position and strength of each vortex.
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The system used in this paper (fig. 5), although somewhat arbitrary,
was deduced from inspection of tuft-grid and vapor-screen pictures and was
selected from among the arrangements tried because it appeared to give
reasonable agreement with experiment. It Is presented here as an example
of the type of vortex system which exists behind some configurations; how-
ever, it may not hold for all configurations.
A vortex from each wing was assumed to trail strea_wise from the
quarter-chord line of the wing. For the calculations in this paper, their
lateral positions were judged by inspecting measured span load distribu-
tions on a wing of similar plan form. If vapor-screen or tuft-grld plc-
tures of the flow behind the configuration in question are available, it
would, of course, be preferable to use the positions indicated In these
pictures. For the case of the wing vortices, tuft-grid or vapor-screen
pictures at the Mach number in question will probably be necessary to
locate accurately the vortices because the stall pattern on the wing and
thus the positions of the vortices usually changes appreciably wlth Mach
number. The strength of the vortices was determined from the vortex-llft
equation
e
L = pV'_'7.
where F is the vortex strength and _ Is the effective span of the wlng
over which the lift is assumed to be acting.
Two vortices were assumed to be shed by the fuselage and to be posi-
tioned as shown in figure 5- They were assumed to trail streamwise from
the nose to the point of maximum fuselage cross-sectional area, from which
point they were carried back parallel to the axis of the fuselage. This
positioning was purely arbitrary but is seen to give reasonable agreement
between calculated and measured vertical-tail loads for the configurations
investigated. The radial positions of the vortices were determined by the
orientation of the crossflow velocity, which is a function of both angle
of attack and angle of sideslip, as shown in figure 5- The strength of
the fuselage vortices was also determined on the basis of the above vortex-
lift equation where, in this case, L is the combined components of the
fuselage-alone lift and side force in the crossflow direction and the
distance factor _ was assumed to be the fuselage diameter.
For this paper, measured winglift and measured lift and slde-force
data on the fuselage alone were used in computing the vortex strengths.
Other papers which relate to the position and strength of vortices
trailing from wlng and fuselage shapes are listed as references 23 to 34.
Comparison of calculated and experimental total tail loads.- Acom-
parison of the vertical-tail loads calculated by this procedure with
measured loads for a hlgh-wlng and a low-wlng model is shown in figure 6.
The data presented represent total tail loads as obtained from the differ-
ence between tail-on and tail-off tests. The agreement between the calcu-
lated and measured data indicates that these variations of total vertical-
tail load apparently do result from a system of vortices similar to that
assumed, although the strength and/or position of the vortices assumedfor
the high-wing configuration apparently were not exactly correct.
For these.calculations, the effect of the vertical position of the
wing on the sidewash at the vertical tail was accounted for by the proce-
dure of reference 35. References 36 to 38 also give information relative
to the effect of wing position on the sidewash at the vertical tail and
thus on the tail loads.
As might be expected, the fuselage vortices were found to have the
greatest effect on the vertical-tail loads. It would be expected, then,
that the shape of the fuselage could also have a significant effect on
the sidewash at the tail and thus on the tail loads.
The effect of fuselage shape on the vertical-tail loads is illustrated
in figure 7. These data also represent the total tail load as obtained
from the difference between tail-on and tail-off tests. Note the extreme
variation of tail load for the square-fuselage configuration. This extreme
variation is probably due to an appreciable increase in the strength of
the vortices shed from the fuselage resulting from the square corners of
the fuselage. The corners in this case were not sharp but had a radius
of about 10 percent of the fuselage width. Lift data on the square fuse-
lage alone were not available to use in estimating the strength of the
fuselage vortices. It was necessary then to estimate the lift of the
square fuselage, and this was done by increasing the viscous lift of the
round fuselage by the ratio of the drag of a square rod to that of a round
rod perpendicular to the wind. The positions of the vortices were assumed
to be the sameas those for the round fuselage.
The designer seldom has such simple fuselage shapes to deal with,
however. A practical fuselage usually provides space and protuberances
for such things as air intakes for the engines, radar domes, and the
canopy for the pilot. The variation of total tail load with angle of
attack for such a complex fuselage shape is also shown in figure 7.
Fuselage-alone data were available for this configuration, but apparently
there are other factors affecting the strength and/or position of the vor-
tices at the intermediate angles of attack that were not considered.
The low value of vertical-tail load per degree of sideslip at high
angles of attack, of course, does not necessarily indicate low overall
tail loads because this low level also indicates that the configuration
would have poor directional stability and under these conditions large
sideslip angles might be expected. As a result, the tail loads at the
high angles of attack may be more critical than at the lower angles of
attack.
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Division of load.- The data presented in figures l, 6, and 7 repre-
sent the total vertical-tail load as determined from the difference between
tail-on and tail-off tests and include both the load on the exposed part
of the vertical tail and the load that the tail induces on the fuselage.
These data are primarily of interest in connection with the stability of
the airplane. For structural design the designer also would like to know
the division of load between the fuselage and the exposed vertical tail.
Recently two models have been instrumented with strain-gage balances in
order to obtain some information on the breakdown in load between the
exposed tail and the fuselage. One of these models is shown in figure 8.
The strain-gage balance installed in the fuselage measured the load on the
exposed part of the tail and the root bending moment about the dotted line.
The model could be equipped with two alternate horizontal-tail configura-
tions, one on the fuselage center llne and one on top of the vertical tail
in a T-configuration.
The division of load between the exposed tail and the fuselage for
this model with the horizontal tail in the low position is shown in fig-
ure 9. The effect of relocating the horizontal tail from the low to the
high position is shown in figure lO, and the effective position of the
center of pressure of the load on the exposed vertical tail is presented
in figure ll. This is referred to as an effective position of the center
of pressure because it was obtained by dividing the measured root bending
moment by the measured normal force, and, in the case of the high-
horizontal-tail configuration, the measured root bending moment of the
vertical tail included the rolling-moment couple that the horizontal tail
imposes on the vertical tail. These data (figs. 9, lO, and ll) were
obtained from tests at sideslip angles of +-4° .
The calculated division of load between the exposed tail and the
fuselage was obtained by calculating the span load distribution over the
vertical tail by the procedure of reference 6 and integrating the loading
over the appropriate part of the tail span. Contrary to the method of ref-
erence 6 3 wherein the entire fuselage load is estimated, the present paper
deals only with the load induced on the fuselage by the vertical tail.
The calculations were made, therefore, by assuming that the vertical tail
was at an angle of incidence equal to the angle of sideslip and that the
fuselage was at zero sideslip.
At the higher angles of attack the local angle-of-attack distribution
over the vertical tail was modified by the sidewash from the system of
vortices assumed (fig. 5) and the calculated load distribution was modified
by a strip-theory analysis. The resulting modified load distribution (sim-
ilar to fig. 4) was then integrated again over the appropriate percentage
of tail span to obtain the division of load (fig. 9). The calculated
center-of-pressure travel was also obtained from these calculations
(fig. ii). Again the agreement is good, and in particular the calculated
center-of-pressure variation indicates that the assumed vortex positions
are approximately correct
Placing the horizontal tail atop the vertical tail (fig. i0) effec-
tively increases the aspectratio of the vertical tail and thus increases
the load on the vertical tail. The estimated increment of vertical-tail
load shownwas obtained from reference 39 and was added to the angle-of-
attack variation throughout the angle-of-attack range. Additional informa-
tion on the effect of the horizontal tail, in any position, on the vertical-
tail loads can be found in references 3, 4, 6 to 9, and 40.
The effect of Machnumber in the transonic range on the division of
load is illustrated in figure 12. The instrumentation of this model was
similar to that for the model shownin figure 8. In general, the effects
of Machnumberare small, with the exception of the data for an angle of
attack of 13°. References 14 and 17 were used in making the calculations
shown. In making these calculations the effective aspect ratio of the
vertical tail was increased (ref. 17) to account for the end-plate effect
of the fuselage.
Horizontal-Tail Loads
Examination of tuft-grid pictures, such as figure 3, indicates that
the horizontal tail can also be significantly affected by the system of
vortices trailing from the wing and fuselage. In figure 3, the fuselage
vortex is in a position to have serious effects on the load on a horizon-
tal tail placed in the middle position. At higher angles of attack, the
wing vortices can also have serious effects, because as the angle of
attack is increased the wing tips begin to stall, and as the stall pro-
gresses the trailing vortices from the wing move in and approach the tail.
If, in addition, the airplane is at an angle of sideslip, one tip of the
tail moves toward the vortex. The effect that a single vortex can have
on the load distribution on the horizontal tail is illustrated by the
calculated load distributions in figure 13. The vortex has the greatest
effect on the load distribution when it has moved inboard from the tip
of the horizontal tail. Inboard of the vortex, the local angles of
attack are decreased and the load is reduced. Outboard of the vortex
the local angles and the load are increased.
Similar effects are shown in the experimental load distributions and
root bending-momentcoefficients shown in figure 14. The measured load
distributions were obtained with the horizontal tail set at zero inci-
dence. Note the rapid increase in the difference between the root bending-
momentcoefficient of the right and left semispans of the horizontal tail
at the highest angles of attack (M = 0.8). This trend is apparently due
to the effects of the trailing vortex from the right wing as shownby the
measuredspan load distribution.
At a Machnumber of 0.98 these large changes in load are apparently
not present in the angle-of-attack range tested, because at this Mach
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number the stall pattern of the wing has changed and the trailing vor-
tices from the wing have not moved in. References 31, 32, 41, and 42
also deal with the problem of asymmetric loads on the horizontal tail or
the effects of trailing vortices. There are other factors, such as the
fuselage vortices and the load that the vertical tail induces on the hori-
zontal tail, that are affecting the measured load distribution shown in
figure 14. These factors were not considered in the calculated load dis-
tributions shown in figure 13.
CONCLUDING R_gARKS
Some of the effects of angle of attack, sideslip, Mach number, and
airplane configuration on the vertical-tail loads and, to a lesser extent,
horizontal-tail loads have been discussed. In addition, the division of
load between the exposed vertical tail and the fuselage has also been con-
sidered. It has been shown that at low angles of attack, in both the sub-
sonic and supersonic speed ranges, adequate predictions of the vertical-
tail loads can be made. At angles of attack at which the flow begins to
separate from the wing and fuselage, however, large rolled-up vortices
appear in the flow in the region of the tail assembly and large changes
in both vertical- and horizontal-tall loads result.
It has been shown that the effects of these vortices on the tail
loads can be calculated if the strength and position of all vortices are
known. For practical configurations with their complex fuselage shapes,
however, it appears that, at present, some type of flow-visualization
studies to indicate the vortex positions and some indication of the loads
on the fuselage to estimate the vortex strength are necessary in order to
estimate the tail loads.
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A REEVALUATION OF Gb_T-LOAD STATISTICS FOR
APPLICATIONS IN SPECTRAL CALCULATIONS
By Harry Press
Langley Aeronautical Laboratory
INTRODbL"TION
During the last 20 years, a considerable body of statistical data
on the gust and load experience of airplanes in transport operations
and in special flight tests has been collected by the National Advisory
Committee for Aeronautics. These data have, in the past, for simplicity
been reduced on the basis of simple airplane gust-response theory and
the so-called "effective gust velocities" determined. In the last few
years, it has been considered desirable to redefine these gust velocities
in order to account more fully for the variations with altitude in the
airplane response to gusts. The term "derived gust velocities" (ref. l)
has been applied to these redefined values and the conversion of the gust
data into this form is now largely completed (see, for example, refs. 2,
3, and 4). Some new results obtained in the conversion of thunderstorm
gust data into this form, which are of current interest, are included
in the appendix of this paper. The gust data in this form have been
analyzed in detail, and the airplane gust experience for various types
of operations and for various flight altitudes and weather conditions
have been established (ref. 9)- These results are finding useful appli-
cation in the calculation of gust loads for arbitrary flight plans.
Even more recently, it has been desirable in many gust-response
problems both to account explicitly for the continuous character of
atmospheric turbulence and to account in greater detail for the airplane
dynamics. For this purpose, the techniques of generalized harmonic
analysis or spectrum analysis appear particularly appropriate and they
are finding increasing application (refs. 6 to 16). The application of
these techniques to the gust-load design problem requires detailed
information on the spectral characteristics of atmospheric turbulence.
The purpose of this paper is to describe the information available on
the spectral characteristics of atmospheric turbulence and, in particular,
to adapt the large amount of statistical data on gust loads already avail-
able into a form suitable for use in spectral calculations. First, the
available measurements of the spectrum of atmospheric turbulence will
be reviewed. Then, a technique for the reevaluation of the gust statis-
tics is outlined and some results obtained by the application of this
technique are presented.
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SPECTRAL CHARACTERISTICS OF ATMOSPHERIC TURBULENCE
Figure i contains a summary of most of the available airplane meas-
urements of the power spectrum of atmospheric turbulence. The first of
these measurements was made by Clementson at the Massachusetts Institute
of Technology (ref. 6) and subsequent measurements were made by the
National Advisory Committee for Aeronautics (refs. lO and ll), the Douglas
Aircraft Company, Inc. (ref. 12), and Summers at the Massachusetts
Institute of Technology (ref. 13). The curves shown represent the various
power spectra and were obtained under different weather conditions. The
abscissa is the frequency argument g which has the dimensions of radians
per foot and is equal to 2_ divided by k, the gust wavelength. (The
data shown cover a range of gust wavelengths from about lO feet to
3,000 feet.) The ordinate is the power density normalized to the power-
density values at 2 = 0.01. This normalized ordinate is used in order
to facilitate comparison of the various spectral shapes.
The spectra in all but one case are for the vertical component of
the turbulence. In one case marked by the letter H, the spectrum is for
the horizontal or longitudinal component of turbulence. Examination of
these results indicates that the spectral shapes appear relatively con-
sistent_ in all cases, the power decreases rapidly with increasing fre-
quency. In fact, in most cases, the spectra appear inversely proportional
to the square of the frequency. This spectral shape of l/g2 is in
reasonable agreement with theoretical results obtained for the spectral
shape at the higher frequencies in the theory of isotropic turbulence.
At the lower frequencies, the situation is not so clear_ few measurements
being available for frequencies of _ < 0.005. Some additional measure-
ments obtained at the Cornell Aeronautical Laboratory (ref. 16) do cover
these lower frequencies and indicate a flattening of the spectrum in this
frequency region.
In addition to these variations in spectral shape, the various meas-
urements also differed in turbulence intensity. The individual root-mean-
square values are estimated to vary from roughly 1.5 to perhaps 4 feet
per second, which, as will be seen, represent the relatively lighter
levels at atmospheric turbulence.
Another source of information on the spectral characteristics of
atmospheric turbulence is the measurements made by meteorologists at
the lower altitudes from towers. A large number of such spectral meas-
urements have now been obtained. A few representative measurements from
reference 17 are shown in figure 2 and were obtained at an elevation of
about 300 feet and for various conditions of average wind speed V as
shown in figure 2. These measurements extend to lower frequencies (longer
gust wavelengths) than the available airplane measurements. At the higher
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frequencies these results approximate the same 1/22 form character-
istic of the airplane measurements. In addition, at the lower frequen-
cies, a definite tendency toward a flattening of the spectra can be noted.
The variation in the spectrum intensity with wind speed should also be
noted.
Because of the general characteristics of these spectral measure-
ments, it has been convenient in theoretical studies to use the following
analytical expression for the turbulence spectrt_n
(1)
where 2 = _/h and k is the gust wavelength. This expression has
been useful in wind-tunnel studies of turbulence and, as will be seen,
has the general chsracteristics of the measured spectra of atmospheric
turbulence. The equation has two parameters, the mean-square gust
velocity g_ which describes the overall intensity; and the so-called
scale of turbulence L which, in a rough sense, can be considered to be
proportional to the average eddy size. Curves for this expression are
shown in figure 3 for values of L of 200, 600, and 1,000 feet. At
higher frequencies, these curves all approach a shape of 1/2 2 but differ
in the frequency at which the flattening occurs. For increasing values
of L, the curves flatten out at lower frequencies. Comparison of these
curves with those of figures 1 and 2 and other measurements of the spec-
trum for atmospheric turbulence has suggested that representative values
of L for atmospheric turbulence are at least several hundred feet to
over 1,000 feet.
For design purposes, the overall gust experience in operations is
of concern. Presumably, the overall experience consists of various
exposure times to each of the spectra shown in figures 1 and 2 as well
as to other spectra associated with different weather conditions. It
thus appears important to determine the proportion of flight time spent
under these various conditions of turbulence. In the remainder of this
paper, some results derived from available gust statistics on this prob-
lem will be described. The basic approach used is described in detail
in reference 14 and will only be outlined for present purposes.
a
4RELATIONS BETWEEN PEAK COUNTS AND SPECTRA
It will be recalled that available gust-load statistical data are
normally given in the form of counts of acceleration peaks exceeding
given values. It is therefore necessary to relate such peak counts to
the spectra of the turbulence. For this purpose, it appears necessary
and reasonable to make some simplifying assumptions. First, it will be
assumed that the turbulence for a given weather condition is a Gaussian
process. This assumption implies that the turbulent velocity fluctua-
tions and also the airplane response for linear systems have a normal
or Gaussian probability distribution; this distribution appears from
available measurements to be a reasonable approximation. The Gaussian
character for the turbulent velocity fluctuations for a given weather
condition will be used as a building block to construct the operational
load history which covers many weather conditions and, in the overall,
is far from a simple Gaussian process. Secondly, it appears necessary
to make some simplifying assumptions on the form of the power spectrum
of the gust velocity. On the basis of the available measurements, it
appears reasonable to assume that the spectral form is given by equa-
tion (i). These assumptions and available relations between peak counts
and spectra for the Gaussian case provide the basis for the analysis to
be presented.
Homogeneous case.- For a Gaussianprocess y(t), the number of peak
(maxima) values N(y) per second exceeding given values (for large values
of y) is given by the following relation (ref. 18)
(2)
where
Y a random variable
_O frequency, radians/sec
¢(_0) power spectrum of y
root-mean-square value of y
When this relation is applied to the acceleration history of an airplane
in homogeneous turbulence, the spectrum of normal acceleration for a
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linear system is, in turn, related to the spectrum of atmospheric tur-
bulence by the relation
each) = CU(_)T2(_) (3)
where Sa(_) and CU(m) are the power spectra of the normal accelera-
tion and vertical gust velocity, respectively, and T(m) is the ampli-
tude of the airplane acceleration response to unit sinusoidal gusts
encountered at frequency _. Equations (2) and (3) thus relate the
number of peak accelerations per second exceeding given values to the
spectrum of the turbulence. When these relations are applied to an air-
plane in flight through turbulence of a given spectrum (which in the
present application can be considered to be given by equation (1)), the
number of peak accelerations per second exceeding given values of accel-
eration a, as illustrated by the sketch on the upper left of figure l,
may be expressed as
B
N(a) : Noe -a2/2Ga2 (4)
where
1
No =
_0 ® _T(m) W2(m) clx-_
112
(4a)
When equation (1) is substituted for _m) in equation (4a), the
quantity No may be seen to depend upon the value of L, the scale of
turbulence, and the airplane transfer function but is readily seen to
be independent of the turbulence intensity or root-mean-square gust
velocity. Thus, for a given airplane and a given value of L, N o is
a constant independent of turbulence intensity. The quantity No has
the dimensions of a frequency and can be considered to be a character-
istic frequency of the airplane response to the given turbulence. In
addition, the number of peaks N(a) is seen from equation (3) to depend
also on the acceleration level a and the root-mean-square accelera-
tion qa which, as will be seen, depends directly on the turbulence
intensity.
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Composite case.- So far_ the turbulence has been assumed to be
homogeneous and Gaussian. Nowj if the airplane is assumed to fly for
given flight times tl, t23 and t3 through turbulence of different
intensities but of the same spectral form_ the acceleration histories
for each flight time would differ in intensity or in root-mean-square
acceleration value as indicated by the sketches on the lower left of
figure 4. Equation (4) may be extended for this composite case in order
to obtain the overall average number of peaks exceeding given values
as follows :
N(a) = NO
[tl -a2/2Gal 2 t2 -a2/2(_a2 2 t3 -a2/2Ga32
whe re
tT = tI + t 2 + t3
Equation (4) is essentially a sum of terms of the form of equation (4)
tl t2 t3
weighted by the relative exposure times m, m, and
½
Continuous case.- If the airplane is now assumed to encounter tur-
bulence of all intensities (continuous variations in the root-mean-square
gust velocity) but of the same spectral shape (fixed value of L for
present applications)_ equation (4) may be extended for the continuous
case to yield the following relation
I
e
m
_0 _ e-a2/2ga2 dN(a) : N o f(ga) ga (6)
In this case the sum of the terms of equation (5) becomes a continuous
integral. The expression for the continuous case contains the same char-
acteristic frequency No_ which is independent of the turbulence intensity#
the same exponential term as the earlier expressions but# in addition_
contains the function f(ga). This function is the counterpart of the
tl t 2 t3
ratios _, _, and t_ in equation (5) and is the probability
iI
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distribution of aa which can be considered to define the proportion of
total flight time spent at values of _a between _a and _a + d_a-
A sketch of f(_a) is shown in figure 5- The total area under the curve
is, of course, equal to one with the percentage of the total time between
any two values given by the area under the curve between the two values
as indicated by the hatched area.
Equation (6) relates the probability distribution of the root-mean-
square acceleration to the overall number of peak accelerations per sec-
ond. Since gust-load statistical data are usually summarized in the form
of number of peak accelerations per unit time (or distance) exceeding
given values, this relation may be used to determine the appropriate dis-
tribution of the root-mean-square acceleration f(_a) from the available
data without recourse to the reevaluation of the original records.
For a given airplane, the root-mean-square acceleration is also
simply related to the root-mean-square gust velocity. This relation may
be expressed simply as
u
=a = A=U (7)
where _ may be considered a transfer functionbetweenroot-mean-square
gust velocity and root-mean-square acceleration and for a given case is
a constant depending upon the gust spectrum and the airplane response _
characteristics. For the gust spectrum used in the present analysis, A
is given by the following integral
7
m +  eL2 me( )d n
(i + n 2)2 ]
1/2
(8)
The value of A for this case is seen to depend only upon the value
of L and the airplane transfer function. Thus, the root-mean-square
values of acceleration for a given airplane and a given value of L
may be used directly to determine the root-mean-square gust velocities.
Equation (7) may be applied directlyto determine the distribution
of root-mean-square gust velocity for a given distribution of root-mean-
square acceleration. The relation between these distributions is given
by
8 i!!ii:i!:!:: ii
= (9)
where _a = Aa U. Thus, the final result desired, the distribution of
the root-mean-square gust velocity, may be obtained by the solution of
equation (6) for f(_a) and the application of equation (9).
These relations can, of course, also be used to calculate the number
of peak loads for a given operation, if the probability distribution of
the root-mean-square gust velocity f(_u ) is known. In terms of the
distribution of root-mean-square gust velocity, the number of peak
accelerations per second exceeding given values is given by
fo" 2/2 2 %N(a) = No ?(O'u)e -(_a) (io)
where N O is given by equation (4a). Thus, in this approach, the prob-
ability distribution of the root-mean-square gust velocity is the fun-
damental quantity and takes the place in spectral calculations of the
counts of gust peaks u_ed in the discrete gust calculations.
SOME RESULTS OBTAINED IN THE REEVALUATION OF GUST DATA
In this section, the results obtained by the application of the
relations derived in the preceding section to available statistical data
on gust loads are presented. Three principal problems are encountered
in such applications and involve the choice of an appropriate value of
the scale of turbulence L, the determination of the airplane accelera-
tion transfer function for gusts T(_) (or more particularly, the value
of _), and the determination of the value of the characteristic fre-
quency N o . The value of L chosen for present purposes was 1,O00 feet
which, on the basis of available data, appears to be a reasonable estimate
for an average value for atmospheric turbulence. In the determination
of the airplane transfer function and the values of A for the various
airplanes involved, the airplane accelerations were assumed to be due
entirely to the vertical gusts and the airplane was assumed to respond
in vertical motion only (no pitch, rigid-body condition). A justifica-
tion for this restriction to the one-degree-of-freedom response for this
purpose is given in reference 14. Finally_ it was found simple and
expedient to obtain good estimates of the characteristic frequency No
directly from the flight records of acceleration for the various airplanes
in accordance with the method gi 14.
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Variation with t_pe of operation.- In reference 14, the foregoing
techniques were applied to derive estimates of the distribution of root-
mean-square gust velocity f(_u) from data for eight transport opera-
tions. As might be expected, little difference was noted in this distri-
bution for similar types of operation. A distinctive difference was noted,
however, between the results for a feeder-line low-altitude operation and
the normal higher altitude transport operations, as might be expected.
The results obtained for the feeder-line operation and one of the more
normal transport operations are compared in figure 6 in order to illustrate
the type of variations in the distribution. The feeder-line operation
consisted of short-haul, low-altitude flights over the rough terrain in
the _estern part of the United States and was known to spend much time
in rough air. The other operation was a four-engine transcontinental
operation mostly flown at moderate altitude and was known to be a rel-
atively smooth operation. In each case, the results are shown for a
range of values of eU from 0 to 20 feet per second. Since the individ-
ual gust peaks in rough air of a given root-mean-square value can be three
or four times the root-mean-square value, the results shown cover peak
gust velocities up to perhaps 80 feet per second.
The curves both indicate a rapid decrease in the probability with
increasing root-mean-square value. It is clear that the transcontinental
operation includes more time at very low values of _U, less time at the
moderate values of _U, and perhaps more time at the very large values
of _U" However, since the proportion of flight time between given root-
mean-square values is given by areas under the curves, the significant
areas are distorted by the logarithmic plot and direct comparison of the
curves is made difficult. For this reason, the significant points obtained
from these curves are summarized in the table on the upper right-hand
side of figure 6. The table gives the percent flight time for the two
operations in smooth air (_U _ 1 foot per second), and in moderate to
severe rough air (_U _ _ feet per second). The table clearly indicates
that the transcontinental operation is a much smoother operation with
almost twice the percentage time of the feeder-line operation in smooth
air and only about one-eighth the percentage time in moderate to severe
turbulence. At the very high values of root-mean-square gust velocity,
there is some indication that the transcontinental operation may encounter
very severe turbulence, associated with the more violent thunderstorms,
more frequently than the feeder-line operation. The time above 20 feet
per second is small, however, being only about 1/100,OOO of the total
flight time.
The description of the gust experience in this form is directly
applicable to load calculations for other airplanes in similar types of
operation by reversing the procedures used in obtaining these results.
However, direct application of these results would only apply to opera-
tions having the same type of flight plan. In order to obtain results
i0
that are more flexible and applicable to arbitrary flight plans, it
would be desirable to determine the variations in these distributions
with altitude, weather condition, and perhaps geography. Efforts in
this direction are being made.
Variation with altitude.- In order to arrive at some rough estimates
of the variation of _(_U) with altitude, use was made of the summary
of gust statistics given in reference 5. Figttre 6 of reference 5 pre-
sents estimates of the average gust experience at various altitudes
that are representative of contempory types of transport operations. In
order to estimate the associated distributions of root-mean-square gust
velocity, these results which are in terms of derived gust velocities
were_ for convenience, first converted to accelerations by using the char-
acteristics of a representative transport airplane. The charts of ref-
erence 14 were then used to estimate the appropriate distribution form
and scale value for the root-mean-square gust velocity. It was found
that, for each altitude bracket, the number of peak accelerations for
the various altitude brackets could be approximated by the following
distributions for _(GU) :
i -_U/I. 8
= -- e
1.8
for the altitude bracket of 0 to i0,000 feet,
^ l - _# °UI0"34f( u) = e
2(0.34) 2
for the altitude bracket lO,O00 to 40,000 feet, and
,.f(gU) = 1 e
2(o.31)2
for the altitude bracket 40,000 to 50,000 feet. These distributions
are shown in figure 7-
The results in figure 7 indicate that, except for the lowest
altitude bracket, little difference exists in the distribution of gU
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at the higher altitudes. Perhaps the most important points, which are
obscured by the logarithmic scale, are the relatively large amount of
time spent at essentially smooth air (_U < 1 foot per second) at the
higher altitudes and the relatively large amount of time spent in mod-
erate to severe turbulence (qU > _ feet per second) at the lowest
altitude bracket. The time spent above _ feet per second for the lowest
altitude bracket is roughly five times as great as that for the higher
altitude bracket.
It should be remembered that these results are in terms of true
gust velocity. If equivalent gust velocities which are more directly
related to the airplane response are used, the decrease in turbulence
intensity with altitude would, of course, be even more pronounced than
is indicated here.
As a check on the consistency of these results, the acceleration
histories were calculated for two hypothetical operations, a moderate-
altitude transport operation and a high-altitude operation perhaps rep-
resentative of jet transport operations. In the calculation of the value
of _, theoretical results for a single degree of freedom (vertical
motion only) (ref. 9) were used. The results obtained in this manner
were roughly equivalent to those obtained by discrete gust calculations
which would be expected for this slngle-degree-of-freedom case.
The method of application of these results to the calculation of
load histories for arbitrary flight plans is parallel to that used for
the discrete gust case described in reference _-A The sequence of steps
involves: (1) The appropriate distribution of f(gu) is selected for
each altitude bracket. (2) The values of A are determined for each
significant portion of the flight plan in accordance with equation (8).
(3) Each of the distributions of _(gU) are transformed in order to
obtain the associated distributions of acceleration f(ga) by the
relation
A
w
where
(4) The values of N o are determined in accordance with equation (4a)
or directly from flight records as described in reference 14. It should
be noted that the value of for the one-degree-of-freedom
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case treated in reference 9 and therefore the results obtained in that
analysis cannot be used for this purpose without somemodification.
For a rigid airplane_ the value of No appears to be larger but of the
sameorder as the period of the longitudinal short-period oscillation.
(5) The distributions of _a and the values of No are then used in
equation (6) to derive the numberof peak accelerations per second or
per mile for each condition. (These calculations can be facilitated
by the use of charts such as given in ref. 14.) (6) The results obtained
in step 5 are then weighted in accordance with the flight distance in
each condition and then summedfor all conditions in order to obtain
the overall acceleration history.
Variation with weather condition.- In the preceding discussion, the
variation in the gust experience with flight altitude was considered.
Another breakdown of the gust experience which may be useful in some
problems is the variation in gust experience with weather conditions.
Figure 8 shows estimates of the variations in _(eU) that have been
obtained for several types of turbulent weather conditions. The curve
labeled "clear air turbulence" was based on data obtained in flight
through clear and turbulent air at the lower altitudes. The curve labeled
"cumulus clouds" was based on data obtained in flight under moderate con-
vective conditions such as represented by bulging cumulus clouds. Finally_
the curve labeled "thunderstorms" was based on data obtained in flight in
the immediate vicinity and within severe thunderstorms. The distributions
obtained appear to have the same general form but are seen to vary widely
in intensity. A simple measure of the relative intensity of the turbu-
lence for these conditions may be obtained by comparing the root-mean-
square values at the lower probability levels. It will be noted that,
at these probability levels_ the values for the cumulus and thunderstorm
conditions are roughly twice and three times the values of qU for the
clear-air condition.
It has been estimated that contemporary transport operations spend
about l0 percent of their flight time in this clear-air turbulence con-
dition, 1 percent in the cumulus condition, and perhaps 0.05 percent
in thunderstorms. These results may therefore find some application in
evaluating the effects on the overall load experience of operational pro-
cedures which would tend to modify this weather experience. For example_
the introduction of airborne radar for weather avoidance may be expected
to reduce the exposure time to the severe turbulence conditions of thunder-
storms. Also 3 high rates of climb and descent through the lower and more
turbulent altitude layers may cause a drastic reduction in the lO percent
of the flight time attributed to clear-air-turbulence conditions and
thereby cause a marked reduction in the overall gust experience.
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P CONCLUDING REMARKS
The foregoing analysis has served to demonstrate that the gust
statistics may, under reasonable assumptions, be converted into a form
appropriate for spectral-type calculations. The significant and funda-
mental quantity, for this purpose, appears to be the probability dis-
tribution of the root-mean-square gust velocity. The results obtained
in defining the variations of this function with type of operation,
flight altitude, and weather condition provide at least a starting basis
for their application to response calculations in arbitrary operations.
These results should serve to supplement the discrete-gust techniques
in current use and be particularly appropriate in problems requiring a
more detailed accounting for the airplane dynamics than is possible by
discrete-gust techniques.
Q
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APPENDIX
VARIATION WITH ALTITUDE OF DERIVED GUST
VELOCITIES IN THUNDERSTORMS
Because of the current interest in the gust standards for the higher
altitudes, some results obtained on the variatlonwith altitude of the
intensity of turbulence in thunderstorms are appended to this paper.
The available data on gust velocities in thunderstorms have, in the past
(ref. 19), been presented in terms of effective gust velocities. As a
result of the recent redefinition of the gust-response factor and the
gust velocity (ref. l) in order to account more fully for variations
in the airplane response with altitude, it was of interest to determine
what effect these changes might have on the indicated variation of turbu-
lence intensity with altitude. The gust data obtained from the 2 years
of flight operation of the U. S. Weather Bureau Thunderstorm Project
and the earlier XC-35 airplane investigations have consequently been
reevaluated and the "derived gust velocities" determined for each flight
altitude. These data were summarized in order to obtain the average
flight miles required to exceed given derived gust velocities for each
of the flight altitudes. The overall results obtained on the variation
of the turbulence intensity with altitude are summarized in figure 9.
As a simple measure of the relative intensity of the turbulence at the
various altitudes, the quantity used for the abscissa is the gust veloc-
ity exceeded once, on the average, in a given number of flight miles.
The actual number of miles used for each of these sets of data shown in
figure 9 was varied in order to obtain velocities that were of about
the same magnitude for the three sets of data. The actual numbers used
were about 100 miles for the Thunderstorm Project data and 25 miles for
the XC-35 airplane data. The variations in gust velocity with altitude
for other values of flight miles were essentially similar.
The solid points on the left-hand side of figure 9 are for the
effective gust velocities U e whereas the unshaded points on the right-
hand side are for the corresponding "derived gust velocities" Ude. At
the highest altitude (32,000 feet), two points each are shown for the
U e and Ude values. In each case, the point on the left represents
all the flight data for the XC-59 airplane tests for this altitude.
These results, however, cover some flight time in clear air and cirrus-
cloud conditions, as indicated in reference 19. The points on the right
were, therefore, obtained by considering only the data associated with
thunderstorms. These points were based on 94 miles of flight test data
out of the total of ll7 miles flown in this altitude range.
Faired lines are shown in each case but because of the small amount
of data and the uncertainty of the restu[ts at the highest altitude,
the faired lines are dashed _eet. It may be seen that the
q
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Ude values are in the overall about _0 to 60 percent higher than the
corresponding U e values at each altitude, the amount of increase
varying somewhat with altitude - the smallest increase being at the
highest altitude. Thus, the principal effect of the conversion is a
substantial increase in the gust velocities. The variations with alti-
tude have also, as can be seen, changed somewhat, with the Ude results
showing a tendency to decrease with altitude above 20,000 feet.
m
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A DISCUSSION OF GUST LOADS AS INFLUENCED BY
THE STABTTITY OF THE AIRPLANE
By Clarence L. Gillis
Langley Aeronautical Laboratory
INTRODUCTION
Studies of aircraft motions in rough air, and the resulting loads,
have received continuing attention at the NACA. The material presented
herein does not represent one integrated study of such problems, but
very briefly describes recent progress on several phases of the problem,
which can generally be considered as dealing with the effects of airplane
stability, both static and dynamic. Effects of changes in airplane char-
acteristics, flight conditions, the addition of auxiliary damping, and
the inclusion of more complete airplane dynamics and gust inputs are
being investigated.
All of the studies included herein have utilized the method of
generalized harmonic analysis to investigate loads in continuous rough
air. Since many other recently published investigations (refs. 1 to 4)
have used the same method, it is assumed that the method is fairly well
known and requires no further explanation.
DISCUSSION
Previous limited experience (ref. l) indicated that the normal-
acceleration loads in rough air would be affected to only a small extent
by the airplane static stability in the usual range, but would be greatly
affected by the damping. Further extensive analytical studies are in
progress to ascertain the validity of these conclusions over wide ranges
of airplane stability characteristics and flight conditions.
A typical chart resulting from this study is shown in figure 1. The
study is being made utilizing five nondimensional parameters involving
turbulence scale, airplane geometry, damping and frequency, a mass param-
eter, and a root-mean-square acceleration ratio. For illustration pur-
poses these have been converted to dimensional quantities in figure 1.
The data shown are for an airplane having a wing loading of 48 lb/sq ft,
a chord of lO ft, and a wing plan form represented by the lift-curve
slope of 5.0 per radian. The flight conditions are 400 mph at sea level
and a turbulence scale, defined by the symbol L in the input spectr_n,
: .. :'::.':
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of 1,O00 ft. The values plotted are root-mean-square normal acceleration
for a root-mean-square vertical gust velocity of lO ft/sec. They are
shown as a function of damped natural frequency of the short-period mode
for various values of the time to damp to one-half amplitude. Note that
the frequency scale is logarithmic. The handling-qualities requirement
of damping to one-tenth amplitude in one cycle is shown by the long-
dashed line with values to the left being satisfactory. The calcula-
tions include values in the unsatisfactory region but these are not shown
in the figure for simplicity. It might be noted that when the damping is
small a frequency of 0.2 cps represents a static margin of about 1 per-
cent _ whereas a frequency of 1.O cps represents a static margin of
about 30 percent _ for this airplane. Thus, for purposes of this dis-
cussion, the region around a frequency of 0.5 cps is of primary interest.
The results show that variations in static stability have relatively
small effects on the normal accelerations whereas variations in time to
damp have much larger effects. The same trends occur for all values of
mass parameter included in the study and for all turbulence scales except
the smallest.
The short-dashed line in figure 1 is the acceleration calculated for
vertical motion only (ref. 2), and of course is independent of the sta-
bility. For well-damped airplanes the effect of adding freedam in pitch
is to obtain an alleviation of normal accelerations, but for poorly damped
airplanes the accelerations are amplified. The study showed that this
effect becomes more pronounced as the mass parameter and turbulence-scale
parameter increase.
Experimental data have been obtained, by means of rocket-propelled
models flown in continuous rough air 3 which confirm these conclusions,
at least qualitatively, and indicate the validity of the calculation
method for several configurations (refs. 5 and 6). Shown in figure 2
are experimental and calculated root-mean-square normal accelerations
for three swept-wing configurations over a Mach number range from about
0.8 to slightly over 1.O. These tests were made at essentially sea-level
altitude so that this Mach number range includes a corresponding velocity
range. All models had the same wing, and one was tailless, one had a
conventional tail, and one a canard surface. The results shown have been
corrected to the same wing loading and the same turbulence intensity.
Shown also are the stability characteristics in terms of undamped natural
frequency (dashed lines) and time to damp to one-half amplitude. The fact
that the frequency for the tailless model is roughly twice as great as for
the other two models means that the static margin is roughly four times as
great; however, there is little difference in the general level of meas-
ured or calculated normal accelerations. It might be noted that in addi-
tion to the expected increases in calculated accelerations with Mach number
caused by the increased velocity and lift-curve slope, the curves follow
rather faithfully the changes in damping with Mach number, including the
more rapid increase for the taillesS model than for the other two, and the
downward hook at high Mach tailless and canard models.
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Within the scatter of the experimental data, it can be said that
the calculated and measured results are in fair agreement. The scatter
is caused primarily by the inherent statistical errors resulting when
only small data samples are available for analysis. In figure 3 are
shown results for a tailless delta-wing model. This model had cruciform
wings, and accelerations were measured normal to each set of wings.
Making use of the ass_nption of isotropic turbulence, the accelerations
measured in both planes over any given time interval can be considered
together in the data-reduction procedure, which effectively doubles the
sample size and increases the statistical reliability. Calculated dsmping
and frequency are shown as obtained from wind-tunnel oscillation test data
and the blank space around M = 1.O is caused by lack of pitch-damping
data in this region for the small amplitudes required. A sharp reduction
in pitch damping above a Mach number of 0.9 is reflected in increased
damping time and root-mean-square acceleration. The experimental data
again show fair agreement with the calculated curves except for the
highest point which indicates a greater rise at a lower Mach number than
the calculated curve. This one test point is the average value obtained
over a time interval while the model was decelerating from a Mach number
of about 0.95 to 0.8_ and thus includes the accelerations experienced at
the higher Mach numbers where the damping is poor. Lack of suitable
turbulence conditions at Wallops Island delayed the rocket-model flight
test intended to obtain some experimental data at Mach numbers up to 2.0
on this configuration for comparison with the calculations shown.
Since the results discussed so far indicate that the short-period
damping is of primary importance in determining the root-mean-square
normal accelerations, the question arises as to how much benefit might
be derived from adding auxiliary damping to the airplane by means of an
automatic control system. An analytical investigation of this problem
has been conducted (ref. 7) and the results are shown in figure 4. A
large swept-wing airplane was used for the calculations, which were made
at Mach numbers of 0.9, 1.O, and 1.1 at sea level using transonic wind-
tunnel data on this configuration. Again, this change in Mach number
includes a corresponding change in velocity. The calculations used two
degrees of freedom of the rigid airplane and included the dynamics of
the control system. The control system was actuated by signals propor-
tional to pitching velocity as obtained from a rate gyro. The results
are shown as root-mean-square values of normal acceleration, pitch angle,
and elevator deflection. Introducing the auxiliary damping resulted in
a reduction of about 25 percent in normal accelerations and about 75 per-
cent in pitch angles. The indications are that even if all the pitching
motion were removed only a little additional reduction in load could be
realized. These reductions in normal acceleration and pitch angle were
accomplished with root-mean-square elevator deflections varying from 0.3 o
at a Mach number of 0.9 to about 0.8 ° at a Mach number of 1.1. The rather
small elevator deflections required at M = 0.9 suggests the possibility
that any flexibility or play in the elevator control system which
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permitted uncontrolled motions of this order of magnitude could result
in significant increases or decreases in load depending on the pl_ase
relation between this motion and the airplane motion.
The subject of lateral motions and the resulting loads on airplanes
in continuous rough air have received less attention in the past than
have longitudinal motions. Some work is underway, however. Figure 5
illustrates an experimental and analytical investigation that has been
made of the vertical tail loads on a jet-bomber-type airplane. This
airplane has lightly damped directional oscillation characteristics.
The power spectral density of the tail loads is plotted for one particu-
lar set of flight conditions. The calculations considered two degrees
of freedom, yawing, and sideslipping, but neglected rolling effects.
It was assumed that the vertical tail was the only component producing
any lift or moment. The calculations (solid line) indicate a very sharp
peak at the natural frequency which is characteristic of lightly damped
systems. The experimental power estimates also show a peak at the nat-
ural frequency but this peak is much less sharp owing to the necessarily
finite width of the effective filter applied to the experimental data in
the data-reduction process. When the calculated curve was modified to
include the effects of the experimental filter, as indicated by the
dashed curve, the agreement between experiment and calculation was con-
siderably better. It will be noted that the calculated root-mean-square
load is about 20 percent less than the experimental value. This is due
to the fact that the input turbulence scale was derived from fluctuating
airspeed measurements, and theoretical considerations indicate that for
the turbulence scale and the frequency range of importance here the
lateral gust velocities which produce these tail loads will be about
20 percent greater than the longitudinal gust velocities which were used
to obtain the input for the calculations.
Neglecting the rolling motion was apparently a valid approximation
for the case just shown. For more recent and future airplane designs,
which generally will have higher roll-to-yaw ratios, it may not be
justifiable to neglect rolling motions. Complete three-degree-of-freedom
lateral-response calculations will be required and a method for accom-
plishing this is currently being investigated.
CONCLUDING R_4AEKS
In summary, a number of investigations are underway, both experi-
mentally and analytically to investigate effects of stability, flight
conditions, and configuration changes on gust loads resulting from both
longitudinal and lateral motions. With respect to normal accelerations,
calculations indicate that, except under unusual conditions, static
stability has only a small effect on loads, whereas dynamic stability has
@@ @@Q • • • O• @ ••0 • •@@ @ @@• ••
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a relatively large effect, which produces load alleviation for well-
damped airplanes and load amplification for poorly damped airplanes.
Experimental results obtained to date confirm these conclusions. Methods
of predicting the lateral motions and loads are under investigation but
little experimental data are available as yet. What data are available
indicate good agreement with calculated results and also emphasize the
importance of damping, as in the longitudinal case.
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REDU_'_fION OF HYDRODYNAMIC IMPACT LOADS
FOR WATERBORNE AIRCRAI_f
By Emanuel Schnitzer
Langley Aeronautical Laboratory
SUMMARY
Recent NACA research aimed at the reduction of water loads on both
hull and hydro-ski-equipped seaplanes is presented. It is shown that
hull loads can be reduced byproper trim programming from elevator
action and by use of high dead rise. For the hydro-skl-equipped sea-
planes, loads are shown to be reduced by a decrease of ski beam or
length and by mounting the ski on either conventional shock struts or
on a new type of frequency-discrimlnatlng shock strut.
o
INTRODUCTION
The rough-water loads problem is one of the chief factors limiting
greater use of the seaplane. Various means exist for reducing these
loads such as control techniques, hull modifications, and auxiliary
devices, particularly hydro-skis. This paper summarizes recent NACA
research in these fields of water-load reduction. Earlier loads work
on l%vdro-ski-equipped seaplanes has been reported and is summarized in
reference 1 along with a fairly complete reference bibliography. The
water-loads investigations covered in this paper are divided into two
general groups, the first applying to the hull-type seaplane and the
second, mainly to the hydro-ski-equipped seaplane. Under the heading
of hulls, attitude control by elevator action and variations in bottom
cross section (namely, dead rise) are considered. Under hydro-skls,
beam loading, that is, hull loading based on the beam or width, plan-
form proportions, and types of shock-strut mountings are considered.
The shock mountings include the translating- and trimming-ski types and
a frequency-discriminating oleo called the low-pass shock strut. A
list of references is included which contains the published part of the
material in this paper (refs. 2 to 4) and a bibliography of related work
(refs. _ to 29).
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Attitude Control
Model experiments.- The loads encountered in a _ater take-off or
landing depend on the manner in which the airplane attitude or trim is
varied during the run. Inthe past pilots have exerted some trim con-
trol during water operations. Recently, an attempt has been made to
evaluate the amount of load alleviation possible by the use of various
forms of such trim programming. In figure 1 is shown the effect of
three different types of trim control# namely# fixed elevators, fixed
trim, and automatically controlled elevators, on hull loads experienced
in landings. These results were obtained in an experimental program
conducted in the Hydrodynamics Division with a model flying boat landing
in oncoming_aves. All the experimental waves discussed in this paper
were approximately slnusoidal in shape and occurred in a single train.
The same critical wave condition was used throughout this trim-control
investigation. Each point plotted gives the relative maximum vertical
acceleration experienced during one landing and thus represents several
impacts# since each landing or take-off consists of a series of bounces
from wave to wave. Relative values of the vertical acceleration are
shown on this and succeeding figures because the magnitudes of the loads
do not necessarily represent those encountered in open-sea operations.
The trends, however_ are thought to be similar. The first cluster of
points at the left represents recommended Navy practice for the average
pilot in which the elevators are held fixed with the nose high. The
spread of the data in this figure results from contacting at different
positions on the waves at various flight conditions. The second cluster
of points representing the fixed-trim condition, which to date has only
been realized in laboratory tests, shows a possible reduction of 40 per-
cent below the fixed-elevator case when the highest values of accelera-
tion are compared. Possibly the fixed-trim condition could be achieved
in practice by means of water elevators or vertical rockets. The short
horizontal lines represent the acceleration levels exceeded during l0 per-
cent of the landings. These levels are believed to give more realistic
comparisons from a statistical point of view and are seen to yield the
same qualitative conclusions obtained by comparing maximum accelerations.
The third cluster of points represents an attempt to approach, as closely
as possible, the fixed-trim condition in an actual flying boat by means of
automatic elevator control. The control mechanism utilized for this test
consisted of a combination of a trim-displacement control, which actuated
the elevators to oppose a change in attitude, and a gyro-rate control,
which actuated the elevators to oppose a trimming velocity of the flying
boat. The elevator deflection speeds approximated conventional auto-
pilot control rates. This control system gave a reduction In maximum
vertical acceleration of 20 percent below the flxed-elevator case as
sho_n, and an even greater reduction in angular acceleration of _0 percent
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(not shown). We may conclude from this material that proper programming
of take-off and landing attitudes of flying boats can substantially
reduce maximum water impact loads.
Narrow-bod_ trimmin_ theory.- It may be of some interest to note
that there are theoretical methods available for determining the effects
of different kinds of trim control on loads. In order to study trim-
control techniques, the trimming case must first be defined accurately.
During a seaplane take-off or landing the flight conditions of the air-
plane as it leaves one wave greatly influence the contact conditions
on the next wave; thus the complete time history of the motions during
any impact must be known. Previously, fixed-trim theory (ref. i) was
available for calculating maximum impact force, which was extended
for the wide-float case to the entire time history (ref. 2). More
recently, a quasi-steady trimming theory was developed to cover impact
and planing of narrow hulls or hydro-skis undergoing pitching rotation.
This theory is based on a dynamic-camber concept in which a pitching flat
plate immersed in a streaming fluid is assumed to be replaced by a fic-
titious cambered plate fixed in space, for which the degree of camber
at any instant is related to the pitching velocity of the original flat
plate. In order to evaluate the effects of trimming motion during impact,
this new theory is compared with the fixed-attitude narrow-body theory in
figure 2. This figure shows a sample load time history of a rough-water
impact of a large narrow flying boat. The solid line represents the
dynamic-camber theory, and the line of long dashes represents the fixed-
attitude theory. It appears from this figure that for the case considered
the maximum accelerations are in close agreement, whereas during the
remainder of the time histories the disagreement is increased. It should
be borne in mind, however, that the angular motions are substantially
different for the two theories. This means that, for a single impact
for which the initial conditions are known, approximate calculations of
maximum load by means of the fixed-attitude theory might suffice. How-
ever, since an actual seaplane landing involves the interplay of air and
water forces through a sequence of impacts, any of which can be the worst
one, calculations of complete time histories of water landings where the
integrated effects of all the variables are critical, or in which pitching
motion is important, will require the more exact theory which takes into
account th_ effects of angular rotation. The line of short dashes repre-
sents an intermediate type of approximation which ignores the effects of
rotation on the load distribution but extends the fixed-attitude theory
by taking into account the velocity vector contributed by the pitching
motion. This theory is probably adequate for a fairly large range of
condition.
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Cross Section
The degree of load alleviation attainable by sharpening up the
bottom of the hull, that is, increasing its dihedral or dead rise in
nautical terminology, is now considered. Although high dead rise, while
reducing impact loads, is accompanied by increased water drag during
take-off, this drag penalty is partially offset by the increased thrust
available with modern engines.
The results of an experimental investigation of effects of dead
rise are shown in figure 3. Tests were made with a dynamic scale model
of a high-speed flying boat landing on waves 4 feet high and ranging
from 180 feet to 320 feet in length. The data obtained in this investi-
gation were cross-plotted to yield the relative values of maximum
landing acceleration for a constant hull width or beam. From this fig-
ure we may observe that, for the range of wave length used, the maximum
load decreases almost linearly with increasing dead rise_ at least up to
dead-rise angles of 60 ° for flying boats in free flight. This downward
trend of load with increasing dead rise follows theoretical and experi-
mental predictions based on fixed-trim landings in smooth water. It
should perhaps be noted that some indications of directional instability
for the 60° case occurred at low trims and are being investigated further.
The effect of wave length is seen to decrease at the higher dead rises
for the constant wave height tested, and_ as may have been expected from
geometric considerations involving the ratio of hull to wave length_ the
intermediate wave length of 250 feet is seen to give the highest loads.
It may be concluded from these tests, therefore, that the high dead rises
are very effective in reducing rough-water loads and in addition possess
satisfactory hydrodynamic qualities with respect to spray and stability.
HYDRO-SKIS
Beam Loadlng
The next topic under consideration is the study of load alleviation
by means of hydro-skis. The first hydro-ski parameter considered is the
beam-loadlng coefficient usually denoted by CA . This parameter is some-
what similar to wing loading in that it relates the weight of the air-
craft to the dimension of the body. In the aerodynamic case, the entire
area of the wing is significant because it is always completely immersed
in the fluid_ whereas, in the hydrodynamic case, beam loading relates
the aircraft weight to the hydro-ski beam only because the wetted length
of the ski bottom varies throughout the impact.
The effect of beam loading on water loads is illustrated in fig-
ure 4 which was constructed from the results of several hundred landings
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of flat rectangular plates in the Langley impact basin. The flat plate
was selected since it was believed to approximate the hydro-ski which
usually has a fairly low dead rise. The sketch at the top of the fig-
ure identifies the model mass m, beam b, trim T, initial fllght-path
angle 7, resultant velocity V, and water density p. The ranges of
variables tested include beam-loading coefficients from 1 to 134, trim
angles from 3° to 4_ °, and flight-path angles from 2° to 22 °. When these
data are plotted in the nondimenslonal form shown in this figure, all the
data condense within the envelope included by the shaded area. If dead-
rise data were plotted in this figure, these data would probably group
below the flat-plate data, the degree of separation depending on the
dead rise and possibly also on the beam loading tested. From this plot
we can see that the impact lift coefficient CL can be approximated by
a simple linear function of the product of the flight-path angle at con-
tact W times the cube root of the beam-loading coefficient CA. Since
an increase in beam loading is associated with either an increase in
weight or a reduction in beam, it is evident that, when the nondimensional
parameters are defined, the maximum impact force varies directly with the
beam and the cube root of the weight. Thus, it turns out that higher
beam loadings reduce impact accelerations although they are usually
associated with more severe spray conditions. The spread of the data
in the envelope results principally from the effect of trim. We may
conclude from the wide ranges of the variables tested that for load
estimation the trim effect can be neglected, the effect of flight path
can be taken as a linear function, and the beam-loading effect can be
closely represented by the cube-root function.
In order to estimate maximum impact force from this plot a straight
line has been faired through the data, the equation of which yields the
impact lift coefficient. (Note that 7 is expressed in degrees in this
equation. ) The maximum impact force can be calculated from the equation
for FMA X also given in the figure. With this information the designer
can approximate for his particular airplane the impact-load reductions
possible through manipulation of weight, beam, and flight-path angle.
Plan Form
Reductions in impact acceleration can be achieved for the hydro-
ski by increasing its beam loading as has been demonstrated. Another
parameter investigated was the proportioning of the hydro-ski plan form_
The plan-form investigation was carried out in the Langley tank no. 1
with a dynamic model of a hydro-ski-equipped flying boat. In these tests
the model was landed on waves having a height of 4 feet and 4 different
lengths. The initial conditions of impact were made as nearly alike as
practicable.
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Figure 5 illustrates the effect on loads of variations of the _ydro-
ski plan form pictured, where each point represents a considerable num-
ber of landings. The values plotted represent the accelerations exceeded
for the ski in lO percent of the landings relative to the acceleration
for the hull alone. Only the length and width of the skis have been
varied. The effect of ski length on loads is obtained directly from the
line connecting the three skis of equal beam identified by the solid
points. The load is seen to increase with ski length. Even though the
beam of the hull was equal to the beam of the ski on the extreme left
of figure 5, use of skis is seen to reduce greatly the load. The effect
of beam can also be seen on this plot if the two models of almost equal
length are compared; the narrower ski gives the smaller load as predicted
by the previous figure on beam loading. From figure 5 the general con-
clusion drawn is that the smaller the ski length, or beam_ the lower the
load. Since too small a ski allows the hull to contact the water and
receive large subsequent impacts, a compromise must be made between the
ski area and the length of the strut supporting it. Too long a strut
creates a take-off problem with respect to drag loads.
Theoretical considerations show that the beam should be more power-
ful than the length as a load-controlling parameter. The data shown here
tend to substantiate the theory if the three upper hydro-skis at the left
of the figure which have the same plan-form area are considered. From these
three points the load is seen to decrease even if the ski length increases.
Since the increase in length for a given ski area must be accompanied by
a proportional decrease in beam, the conclusion that the beam has the
main effect on loads is verified.
J
Shock Mountings
Translatin_ ski.- Water loads have been shown to be reduced by the
use of hydro-skis. How additional load reductions could be achieved by
mounting hydro-skis on shock struts has also been demonstrated in the
past by means of theoretical calculations (ref. 3). Since that time,
landing tests with dynamic scale models have been made in the tanks to
verify these calculations for the translating type of shock mounting,
as shown in figure 6. These experimental results are presented in ref-
erence 4. With this type of mounting, the ski is not permitted to trim
relative to the seaplane during the impact. Figure 6 presents a typical
load time history of one of these impacts for a rough-water landing of a
large jet hydro-ski seaplane. The theory is represented by the lower
solid line and the corroborating experimental data, by the circled points.
As a matter of interest the load for the same seaplane landing at the
same initial conditions but with the shock strut locked out of action is
presented by the upper solid line. For this case the load reduction
achieved by the shock strut is 40 percent.
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Trimming ski.- In addition to the translating type of mounting,
several other methods of shock-mounted hydro-skis have been considered.
In one of these methods, the hydro-ski was allowed to trim relative to
the aircraft during compression of the shock strut. A computational
method has been evolved by utilizing the dynamlc-camber theory mentioned
earlier in this paper, which enables the loads on these trimming hydro-
skis to be calculated. A typical load time history computed by this
method is presented in figure 7 by the lower line, which represents a
rough-water landing of a fighter aircraft equipped with pivoted shock-
mounted hydro-skis. Comparisons were not made with the translating-ski
case because the time histories are drastically different and depend
on the values selected for the many independent parameters.
In order to estimate roughly the load reduction achieved by this
pivoted-ski arrangement_ the load for the same aircraft landing at the
same initial conditions but with the shock strut locked out of action
is presented by the upper line of figure 7- The load reduction for the
pivoted ski is seen to be about 26 percent with the rate of application
of loading somewhat reduced. Notice that area on this slide is propor-
tional to vertical impulse or momentum change. Since the area under the
trimming ski curve is smaller than for the fixed-ski curve it may be
concluded from this figure_ and probably also from complete time his-
tories for the preceding figure, that the vertical rebound velocity is
reduced by the shock-strut action, which results in much milder initial
conditions for the next impact. From a practical point of view, the
pivoted-ski mounting has the advantage of keeping the bending moments
_hich may produce serious frictional loads out of the shock strut.
Low-pass shock strut.- When a conventional oleo strut is used with
the types of shock mountings considered, load reductions can be expected
during rough-water operations as long as the bumps or waves encountered
by the aircraft are long and smooth. For short steep bumps, however_
especially at high speeds, conventional oleos tend to become quite rigid
and transmit the full shock loads to the aircraft. In order to over-
come this difficulty, a new type of filter-action oleo, the lo_-pass
shock strut, was conceived. This strut tends to filter out the rapidly
applied loads from steep bumps _hile acting as a conventional oleo for
smooth hills or swells.
In figure 8 simplified versions of the conventional oleo at the
left and the lo_-pass strut at the right are compared. Usually, the
conventional oleo is equipped with a fixed metering pin whlch can vary
the size of the orifice in the piston only as a function of the strut
telescoping displacement. Thus_ when the lower end of the strut is
forced upward_ the rate of flow of fluid up through this orifice, which
regulates the applied force, is controlled only by the strut telescoping
displacement. Since the load developed in the strut is proportional to
the square of the telescoping velocity, the steeper the slope of the
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bump encountered by the landing gear, the more rigid the strut becomes,
until for very steep bumps it is practically a rigid bar. The low-pass
strut, on the other hand, has a movable metering pin which varies the
orifice size as a function of the rate of loading and which is actuated
by a special frequency-sensitive piston in the control cylinder shown at
the top of the strut. For very steep bumps, however, the rapid increase
of pressure in the lower cylinder is communicated through the large-
diameter tube at the left to the under side of the control piston. This
piston snatches the metering pin upward by opening wide the orifice,
allowing the strut to telescope easily, and thereby reducing the load.
For slowly applied loads of either small or large magnitude, the metering
pin remains in the equilibrium position shown so that a conventional
fixed orifice strut is approximated.
In order to assess the effectiveness of the low-pass strut as
applied to seaplanes, the results of theoretical calculations which have
been made for a hydro-ski seaplane operating in rough water are shown in
figure 9.
This figure is concerned with the loads experienced during high-
speed operation on a complex sea made up of small steep waves superposed
on large swells. Both wave trains are sinusoidal in shape and oriented
in the same direction. The hydro-ski is assumed to penetrate the water
so that the actual waves can be considerably higher than the magnitudes
shown in the lower figure, which represents the hydro-ski motion only.
The upper figure shows that the conventional shock strut develops large
loads for the high-frequency waves or in the region of the steep wave
fronts, whereas the low-pass strut greatly reduces these loads.
CONCLUSIONS
The various methods which have been shown to be effective in
reducing water loads are as follows:
For the flying boat,
Trimming restraint by elevator control
Increased bottom dead rise
For the hydro-ski,
Reduction of the beam
Reduction of length
Shock mounting on conventional oleos for slowly applied loads and
on low-pass shock struts for all rates of load application.
All these methods, either singly or in combination, can be used to effect
load reductions during water operations.
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IANDING CONDITIONS FOR IARGE AIRPIANES IN ROUTI_CE OPERATIONS
By Norman S. Silsby and Eziaslav N. Harrin
Langley Aeronautical Laboratory
SUMMARY
q
4_
o
Measurements have been obtained by means of a specially developed
photographic method of landing contact conditions of some commercial
transports, the Boeing KC-97 tanker, the Boeing B-47 Jet bomber, and
the Convair B-36 bomber. From these measurements, vertical velocities
and airspeeds at contact have been evaluated and a brief statistical
analysis of the results, including the effect of horizontal gusts on
the landing conditions for the transports, has been made.
The analysis indicates that one out of 1,O00 landings will equal
or exceed a vertical velocity of 3-5 fps and 4.7 fps for the nongusty
and gusty conditions, respectively, or an increase of about 25 percent
due to gustiness. It appears likely, however, that on the average the
curves for the condition without gusts represents the more probable
condition. The relative frequency of occurrence of gusts to no gusts
was found to be 1 to 20 for a 5-year period at the Langley Air Force Base.
The values of vertical velocity likely to be equaled or exceeded
once in 1,O00 landings of routine operations of tankers and bombers were
5-5 fps for the KC-97 tankers, 6 fps for the B-47 jet bombers, and
7 fps for the B-36 bombers. These results are comparable to the trans-
port probability curve for the condition without gusts, which indicated
that an average vertical velocity for all transports of about 3.5 fps
would be equaled or exceeded once in 1,O00 landings.
The analysis of airspeed at contact indicated that one out of 1,000
landings will equal or exceed an airspeed of 50 percent above the stall
for the B-36 airplane, 60 percent above the stall for the transports,
and about 70 percent above the stall for the B-47 airplane.
INTRODUCTION
In order to aid in the development of more rational landing-loads
design requirements and procedures, the National Advisory Committee for
Aeronautics has been conducting a project to obtain statistical measure-
ments of landing contact conditions for various types of airplanes
during routine daytime operations. The technique for obtaining the
statistical measurements emp[ developed photographic
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method which requires no instrument installation in the aircraft and
permits rapid data reduction together with good accuracy. (See ref. 1.)
Previous preliminary results on some landing contact conditions
obtained by this method were presented for commercial transport airplanes
during routine daytime operations at the Washington National Airport
(ref. 2). The project has been continued, and the number of measure-
ments has been increased to what appears to be a sufficiently large
sample in order to allow some separation of data for investigating the
influence of certain factors on the contact conditions (ref. 3). In
addition to the data for the transports, measurements have been obtained
for Boeing B-47 jet bombers and Boeing KC-97 tankers at Barksdale Air
Force Base and for Convair B-36 bombers at Carswell Air Force Base,
which were obtained with the cooperation of the Strategic Air Command.
RESULTS AND DISCUSSION
The measurements in most cases included vertical velocity, forward
speed, bank angle, and rolling velocity at the instant before landing
contact. The discussion will be confined to vertical velocity and
forward speed since these quantities have the most direct influence on
the vertical and drag loads produced in the landing gear.
Effects of Gusts
One factor which was believed to be important in its effect on the
contact conditions was the turbulence of the air. Figure 1 shows the
results obtained by separating the center-of-gravity vertical-veloclty
data for the transport airplanes according to whether the wind was gusty
or not gusty. The gusty condition is defined by the U. S. Weather Bureau
as sudden intermittent increases in speed with at least a lO-mph varia-
tion between peaks and lulls, the peaks reaching at least 18 mph and the
average time interval between peaks and lulls usually not exceeding
20 seconds. The figure shows curves of the probability of equaling or
exceeding given center-of-gravity vertical velocities obtained by
fitting Pearson Type III probability curves to the measured data.
The mean vertical velocities VV were 1.22 fps without gusts and
1.50 fps with gusts, and this difference is statistically significant.
Comparison of the gusty and nongusty condition indicates that for a
given number of landings the vertical velocity likely to be equaled or
exceeded is about 2_ percent greater for the condition with gusts than
for the condition without gusts. The values of vertical velocity likely
to be equaled or exceeded in 1,O00 landings are 3.5 fps and 4.7 fps for
the nongusty and gusty conditions, respectively.
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Inasmuch as the tests were conducted during clear weather conditions,
the gust effect shown is due to gust intensities occurring in clear air
at the ground and does not include the extreme gust intensities associ-
ated with squalls and other storm conditions. On the average, the high
relative frequency of occurrence of gusts and no gusts, indicated by the
number of landings for the two conditions during the tests, was much
greater than would normally be expected. An analysis of the hourly
sequence reports of the U. S. Weather Bureau at langley Air Force Base
for a 5-year period indicated that the relative frequency of occurrence
of the gusty condition was about 1 to 20. Thus, over a long period of
time, for instance, the llfe of a given airplane, the solid curve for
the condition without gusts is the one to be considered as representative
of the condition likely to be encountered about 95 percent of the time
and the dashed curve for the gusty condition, the other 5 perceht. The
number of landings are given for the probability curves as an indication
of their reliability. A comparison of the probability curves of vertical
velocity determined from the data of the first 60 landings for all air-
planes, and then successively for 126, 243, and 478 landings as more
landings were photographed, indicated that possibly on the order of
200 landings are required to establish a probability curve which will
have a practical degree of reliability.
Comparison of Vertical Velocities at First and Second Contacts
Although the vertical velocity of the center of gravity of an air-
plane generally characterizes the severity of the landing, most landings
are not symmetrical and the load produced in the landing gear is depend-
ent on the vertical velocity at the landing gear itself. A theoretical
study contained in reference 4 indicated that there could be substantial
differences in the vertical velocity of the first gear truck to contact
and in subsequent contacts by the other trucks depending on the attitude
and angular velocities of the airplane, on the amount of lift, and on
the configuration and inertia characteristics.
One factor involved is the ratio of the semitread to the rolling
radius of gyration. Presented in figure 2 is a comparison of the
vertical-velocity probability curves obtained from the measured data
for the first and second truck contacts for the transport landings,
separated into four-engine and two-engine categories, since the values
of the ratio of semitread Yt to rolling radius of gyration k X of
0.7 to 0.8 for the four-engine airplane and 1.O to 1.2 for the two-
engine airplane are appreciably different for these airplane types.
The theoretical analysis of reference 4 indicated that, other factors
being the same, the ratio of vertical velocities for the second wheel
to contact to the first wheel to contact should vary approximately as
this parameter Y__t
kx" Thus, for the four-engine airplane, the vertical
CONCLUDINGREMARKS
The statistical analysis of the transport landings indicated that
the gusty wind condition had a significant effect in increasing the
vertical velocity likely to be equaled or exceeded in a given number of
landings. Oneout of 1,000 landings will equal or exceed a vertical
velocity of 3.5 fps and 4.7 fps for the nongusty and gusty conditions,
respectively, or an increase of about 25 percent due to gustiness. It
appears likely, however, that on the average the curves for the condi-
tion without gusts represents the more probable condition. The relative
frequency of occurrence of gusts to no gusts was found to be i to 20
for a 5-year period at the Langley Air Force Base.
The values of vertical velocity likely to be equaled or exceeded
once in 1,000 landings of routine operations of tankers and bombers were
5.5 fps for the KC-97 tankers, 6 fps for the B-47 jet bombers, and 7 fps
for the B-36 bombers. These results are comparable to the transport
probability curve for the condition without gusts 3 which indicates that
an average vertical velocity for all transports of about 3.5 fps would
be equaled or exceeded once in 13000 landings.
The analysis of airspeed at contact indicated that one out of
l_000 landings will equal or exceed an airspeed of 50 percent above the
stall for the B-36 airplane, 60 percent above the stall for the trans-
ports, and about 70 percent above the stall for the B-47 airplane.
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VERTICAL AND DRAG GROUND-REACTION FORCES DEVELOPED
IN LANDING IMPACTS OF A IA/_E AIEPIANE
By Richard H. Sawyer
Langley Aeronautical Laboratory
SUMMARY
Tests were conducted on a large bomber-type airplane to determine
the ground reactions imposed on the landing gear under actual landing
conditions. The program covered landings made at vertical velocities
up to 8.5 feet per second and forward speeds at contact from 95 to
120 miles per hour. Landings were made on both wet and dry concrete
runways. Results are presented of the effects of vertical velocity
at contact and the effects of runway surface condition (wet and dry)
on the vertical and drag ground reactions obtained during the landing
impact.
INTRODUCTION
In recent years, considerable interest has arisen in the problem
of obtaining a more rational understanding of the ground-reaction forces
applied to the airplane in landing and taxiing because of structural
failures that have arisen from these forces. Prediction of the dynamic
structural forces causing these failures is possible by use of existing
dynamic-analysis methods, but the methods require knowledge of the
forcing functions, that fs, of the ground-reaction forces. At present,
only a limited amount of reliable experimental results defining the
ground-reaction forces under actual flight conditions or under condi-
tions duplicating flight conditions is available.
An experimental investigationhas therefore recently been conducted
on a large bomber-type airplane to obtain information, applicable to
large airplanes, on the ground reactions imposed on the landing gear
under actual landing conditions. The investigation included study of the
interrelations of the ground reactions, as well as the relationship of
the ground reactions to landing-approach conditions and to landing-gear
andairplane characteristics.
The results presented in the phase of the investigation reported
herein are limited to the effects of vertical velocity and the effects
of surface condition (wet and dry) on the vertical and drag ground
reactions obtained during the Landing impact.
TESTSANDINSTRUMENTATION
The test program covered landings of a large bomber at vertical
velocities ranging up to 8.5 feet per second and forward speeds at con-
tact from 95 to 120 miles per hour with various drift and roll attitudes
at contact at two airplane weights. Most of the landings were madeon
dry concrete, but in one flight six landings were madeon a runway wetted
downby fire hoses to simulate a heavy rain.
A complete list of the quantities measuredfor the purpose of
defining both the landing-approach conditions and the impact and spin-
up phenomenais tabulated, as follows:
Approach
Center-of-gravity acceleration
Airspeed
Pitch attitude
Pitching velocity
Roll attitude
Rolling velocity
Yawangle
Yawing velocity
Drift angle
Pilot's control motions
Impact
Wheel vertical reaction
Wheel drag reaction
Truck side reaction
Truck yawing moment
Truck vertical velocity
Tire deflection
Wheel rotational velocity
Oleo displacement
Nose-gear trail angle
The present paper is limited to the vertical and drag ground-reaction
results obtained on the main wheels of the landing gear.
Figure 1 illusSrates the general arrangement of one of the dual-
wheel main landing-gear trucks of the airplane with one of the wheels
removed. The weight of the airplane for these tests was approximately
lO0_O00pounds_ necessitating a tire pressure of about 75 pounds per
square inch in the 56-inch-diameter tires. The shock strut shownhas
an overall telescoping action of 12 inches. Also illustrated is the
instrumentation pertinent to the results given in this paper. The
dynamic vertical and drag reactions imposed on each wheel during the
landing impact and wheel spin-up were obtained from measurementsmade
with the strain gages and linear accelero_2ters shown. As a check, the
drag reaction was also obtained on one wheel (from consideration of the
torque applied to the wheel by the drag reaction) by meansof measure-
ments of wheel rotational acceleration and measurementsof tire deflec-
tion with the trailing arm shown. The trailing arm included instrumenta-
tion to give the vertical velocity of the truck at instant of contact.
The rotational speed of each wheel was determined by a tachometer
fastened to the outer brake shoe and geared to the wheel.
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RESULTS AND DISCUSSION
Vertical and Drag-Reaction Time Histories
Figure 2 illustrates a time history of the vertical and drag reac-
tions on one wheel experienced in a landing at a vertical velocity of
9.9 feet per second on dry concrete. The upper curve shows the buildup
of the vertical reaction during the impact and its decay as the wheel
starts to rebound. The two lower curves show the buildup of the drag
reaction as the wheel is spinning up, the sudden decay of the reaction
to about zero as the wheel fully spins up and the oscillatory nature
of the reaction as the wheel springs forward and rearward after spln-up.
The good agreement throughout the spin-up of the results from the two
methods of measuring the drag reaction is shown. Following spin-up,
the drag reaction from the strain-gage linear accelerometer measurements
is not believed to be as reliable as that from the angular accelerometer
tire-deflectlon measurements because of nonlinearities and hysteresis
effects due to the axle arrangement which were amplified by the rapid
changes in the drag reaction. It is interesting to note that spin-up
of this relatively large wheel for the impact shown was completed in a
little over 0.1 second corresponding to about one-thlrd of a revolution
of the wheel.
Wet and Dry Surface Conditions
Figure 3 shows a comparison of time histories (similar to the one
shown in figure 2) for landings on both wet concrete and dry concrete
at vertical velocities VV of 2. 5 and }.} feet per second. Several
basic effects can be observed from this figure. An increase in the
maximum vertical load with increase in vertical velocity for both wet
and dry conditions is evident. For the lower vertical velocity, the
maximum vertical load is about the same for the wet-runway condition
as for the dry-runway condition. At the higher vertical velocity, the
maximum vertical reaction is slightly higher for the dry condition
than for the wet condition; however, this result was not consistently
obtained, as will be shown later. For the wet-runway condition, it is
evident that the coefficient of friction between the tire and runway
(the instantaneous ratio of the drag reaction to the vertical reaction)
is less than that for the dry condition. As would be expected from
impulse-momentum considerations, the time to reach maximum drag reaction
is greater and the value of the maximumdrag reaction is less for the
wet condition than for the dry condition. The maximum drag load for the
wet condition is decreased both by the lower coefficient of friction and
by the delay of the maximum drag load to a time where the vertical load
has decreased.
• •@•
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Maximum Vertical Reactions
In figures 4 and 5, the effect of vertical velocity on the maximum
vertical reactions measured for a number of landings is shown. Fig-
ure 4 shows the maximum vertical reactions measured on a truck (the sum
of the loads on both wheels of a truck). Results are given for both
left and right trucks for landings on dry and wet concrete. Examina-
tion of the results showed no apparent effect of the sequence of impact;
that is, for a given vertical velocity of a truck the resulting verti-
cal reaction was about the same whether the truck was the first or
second to make contact. Inspection of the results obtained from the
landings on wet concrete shows no consistent effect of the greatly
reduced friction coefficient present in these tests on the maximum
vertical reactions. This last result is in contrast to results reported
in reference i which showed, for the bomber airplane used in those tests,
an appreciable reduction in the maximum structural vertical load when
the structural drag force was reduced by prerotation of the wheels,
apparently because of reduced friction in the shock strut. The rather
high values of the maximum vertical reaction shown at low vertical
velocities apparently result from the fact that a vertical reaction
averaging about 24,000 pounds had to be developed, because of the air
pressure in the strut and the strut static friction, before the tele-
scoping action of the shock strut started. Thus, up to this 'breakout"
force, the variation of the maximum vertical reaction with vertical
velocity apparently had a rather steep slope determined by the load-
deflection characteristics of the tires. The breakout force was about
the same for both wet and dry conditions; consequently, this force was
apparently _uaffected by the lower drag reaction in the wet condition.
For correlation with the experimental results shown in figure 4,
some values of the maximum vertical reactions have been calculated by
use of the method described in reference 2. To date, for the assumed
case of a rigid airRlane in a symmetrical landing but with use of the
actual tire and shock-strut characteristics of the airplane, the calcu-
lated results obtained show the same trend with vertical velocity as the
experimental results but with values i0 to 15 percent higher.
For comparative purposes, design limits for the test airplane
reduced to the weight used in these tests are shown. The upper limit
represents the maximum vertical load for the case of zero drag load
while the lower limit is for the case of drag load equal to the verti-
cal load.
In figure 5 the maximum vertical reaction measured on the first
wheel of a truck to make contact is shown - for example, in a landing
in which the left truck contacts first, the results shown are for the
left outboard wheel and the right inboard wheel. The dashed curve shown
is one-half the value of the faired truck reaction (fig. 4). It can be
seen that, if an average is considered, the maximumvertical reaction
on the first wheel of a truck to contact is somewhatgreater than one-
half the value for the truck 3 and therefore the average maximumverti-
cal reaction on the other wheel of a truck is less by the sameamount.
Although all factors which cause the differences in reactions on the
two wheels of a truck are not yet understood, it is believed that
the differences for the most part arise from factors which affect the
roll angle of the truck with respect to the ground, so that one wheel
makescontact first and has a greater tire deflection and consequently
a greater reaction than the other throughout the impact. Examination
of the airplane roll attitude at contact indicated that, if an average
is taken, a roll attitude of about 1° existed in such a direction as
to cause this effect. This roll attitude used with the known force-
deflection characteristics of the tires gave computed differences in
the reactions of the wheels of about 2,_00 pounds at low vertical veloc-
ities and about 4,500 pounds at the higher vertical velocities. These
computed values# however_ account for only about one-half the differ-
ences in the reactions on the two wheels.
e
Variation of Coefficient of Friction
_ne variation of the coefficient of fricSion with the instantaneous
skidding velocity of the wheel during the spin-up period is shown in
figure 6. The spin-up occurs from right to left, the highest skidding
velocity occurring at the instant of impact and zero skidding velocity
occurring when the wheel attains the fully rolling condition. Results
are shown for a typical landing on dry concrete and for a typical
landing on wet concrete. In each case the highest skidding velocity
shown by the data is about 3 percent less than the horizontal velocity
at initial contact because the measured loads for a small interval
after contact are so small that errors in the measurements are signifi-
cant in computing the friction coefficient. At skidding velocities
near zero, data is not presented because the sudden decay of the drag
load at this time prevented accurate determination of the coefficient
of friction. In figure 7, the variation of the same quantities for
both wet and dry conditions are shown for a number of landings as
shaded regions. These regions represent the overall variation of the
faired values of the individual landings. The variations in the
results among landings is believed to be caused primarily by differences
in the condition of the runway surface - for example, in the dry condi-
tion the presence of skid marks, oil, dirt, etc., and in the wet condi-
tion by these same effects and the amount of water present on the lum-
way. The friction coefficient for the dry condition is seen to increase
from values of 0.36 to O. 50 at nearly full sliding to 0.68 to 0.85 at
incipient skidding. For the wet condition, the values of friction
coefficient range from 0.10 to 0.20 at nearly full sliding to 0.28
to 0.47 at incipient skidding. Results are also shown from impacts
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with forward speed and from impacts with both forward speed and reverse
rotation of a small wheel on dry concrete in the Langley Impact Basin
(ref. 3)- The results agree well with the present results near spin-up,
but the trends with skidding velocity appear to be in disagreement,
probably as a result of the effects of different impact conditions,
especially different slip ratios_ where the sllp ratio is defined as the
ratio of the skidding velocity to the forward speed of the wheel. The
ratio of the maximum structural drag load to the structural vertical
load obtained in the bomber landing tests of reference 1 attained
values as high as 0.8, although the majority of the results were con-
siderably lower_ probably because the runways used in these tests were
still partly covered with a camouflage material consisting of sawdust
spread on an asphalt binder.
The present results indicate that, for landings on dry concrete,
the maximum drag reaction will be of the order of 80 percent of the
vertical reaction at spin-up. It also appears that, for estimation of
the variation of the drag reaction during spin-up for use in dynamic-
analysis methods, consideration should be given to the variation of the
coefficient of friction from the full-slidlng value to the incipient-
skidding value. The considerably lower values of the coefficient of
friction on the wet concrete surface suggest the possibility of reducing
drag loads in the landing impact by artificial lubrication of the tire
or runway during the wheel spin-up period.
SUMMARY OF RESULTS
a
The principal results presented are summarized as follows:
I. The maximum vertical reaction on a truck, or on the first wheel
of a truck to make ground contact, appeared to be primarily a function
of the truck vertical velocity and to be unaffected by the sequence of
impact.
2. The maximum vertical reaction was apparently unaffected by the
greatly reduced friction coefficient present in the landings on wet
concrete.
3- The first wheel of a landing-gear truck to make contact was
found to have a maximum vertical reaction somewhat greater than that
of the other wheel of the truck. The difference in the reactions on
the two wheels of a truck is believed to arise primarily from factors
which affect the roll angle of the truck, which causes one wheel to
have a greater tire deflection and, consequently, a greater reaction
than the other throughout the impact.
qm
4. The coefficient of friction between the tire and the runway for
both dry and wet surface conditions was found to increase considerably
as the wheel progressed from the full-slidlng condition to the incipient-
skidding condition in the wheel spin-up process.
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ON SPECTRAL ANALYSIS OF _Y ROUGHNESS AND LOADS
DEVELOPED DURING TAXIING
By John C. Houbolt, James H. Walls, and Robert F. Smiley
Langley Aeronautical Laboratory
SUMMARY
The application of the techniques of generalized harmonic analysis
to the airplane taxiing problem is considered in a cursory manner in
this paper. Some previous results on runway roughness are reviewed, and
some results obtained from taxiing tests of a large airplane are given.
It is indicated that an extrapolation by elementary means of results
from low taxiing velocities to higher taxiing velocities would lead to
conservative results. 0leo-strut friction is shown to be a very important
factor in the taxiing problem. With regard to the load-prediction phase
of taxiing loads by spectral techniques, much additional work is required,
especially with respect to the treatment of the transfer functions.
INTRODUCTION
The purpose of this paper is to review some previous runway-roughness
measurements and to present some results obtained from taxiing tests of a
Boeing B-29 airplane. Besides the results themselves, the chief concern
is a preliminary evaluation of how well the techniques of generalized
harmonic analysis apply in the analysis of the taxiing problems. There
is no intent in the paper to make a comprehensive study of the problem or
even to evaluate in detail some of the points covered. This paper is to
be regarded as being introductory in nature.
RUNWAY-ROUGHNESS STUDIES
A brief review of an earlier runway-roughness study is given in this
section. Measurements of elevation were made by means of a surveyor's
level and rod on two runways at Langley Field, Va. The spacing of the
measurements was taken as 2 feet. These measurements and the power spec-
tra of roughness obtained from them have been previously published in
reference 1. The power spectra are reproduced in figure 1 where the
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ordinate Ch(Q) is the power _c_r_" o_-runway elevation h and the
abscissa Q is a spacial frequency which is inversely related to the
length L of the harmonic components as indicated in the figure. The
curve labeled "smooth" applies to one of the Langley runways in routine
use. The curve labeled "rough" applies to a runway which is now used
only for parking.
From these results three significant points may be drawn: (I) The
use of power-spectral analysis seems to be a very concise way of pre-
senting runway characteristics and gives at a glance the manner in which
the roughness is distributed to the various frequency components. (2) A
means is suggested for establishing a criterion for judging the severity
of runway roughness. Thus, it is conceivable that, by compiling the
spectra of many different satisfactory runways, a spectrum may be estab-
lished within whose limits all new runways must be built or all old
runways maintained in order to insure satisfactory operation. And (3) as
an extension of the second point, a "design spectrum" might also con-
ceivably be established which provides the basis for a rational require-
ment in the design for taxi loads.
It is realized at present that the question of whether a runway is
rough is largely a subjective one; it depends on pilot interpretation,
his experience, what type of operations are being performed, and other
considerations. From the information that could be gathered, it is
judged that the rough runway dealt with in reference i is a borderline
case. Thus_ tentatively the experimental spectrum for this runway might
be regarded as an upper limit of acceptable roughness, or as a lower
limit of runways which are too rough.
P
LOAD PREDICTION AND RESULTS OF TAXIING STUDIES
The problem of predicting loads in an airplane from spectra of
roughness is now considered. For the airplane with pneumatic tires,
nonlinear struts, and many degrees of freedom, the problem is extremely
difficult_ in fact, it is not known whether a solution is possible.
However, the remainder of this paper does present a few observations
pertinent to a solution of this problem which have been gathered largely
from taxi tests with a Boeing B-29 airplane. By way of introduction,
consider what elementary theory would predict. As a first approximation,
the runway-roughness spectrum may be expressed by a simple expression of
the form Ch(_) = C/_ 2, where C is a constant. In terms of the fre-
quency argument _ = V_, where _ is frequency in radians per second,
the roughness spectrum would be Ch(_) = CV/_ 2. If a linear system is
assumed, then the following input-output relation applies
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where ¢o(_) is the output spectrum and T(_) is the amplitude of the
frequency-response function. With the previous approximate input expres-
sion, the output would be
s
Now, if the further assumption is made that T is independent of air-
plane velocity when expressed in terms of the frequency argument m,
it is seen that the output spectrum should be linearly proportional to V.
This suggests that the mean-square output, which is the area under the
output spectrum, is proportional to V.
This relation was tested by means of the B-29 taxi tests and the
results are shown in figure 2, where _a2 is the mean-square value of
center-of-gravity vertical acceleration. It is seen that the results
marked dropoff in the mean-square acceleration for high velocities; an
explanation for this is offered in the subsequent discussion.
Next, the distribution of mean-square acceleration to the various
frequency components is considered. Figure 3 shows the B-29 output
spectra, in terms of the spectrum of center-of-gravity vertical accel-
eration, plotted as a function of frequency _ in radians per second.
Curves are shown for three different velocities. First, note the rather
pronounced peaks in the spectra. These peaks may be identified with
certain natural frequencies. The first peak is associated with the
vibration of the airplane on its tires; the second, with fundamental
wing bending; and the third, with fuselage bending. Next, note that at
the higher frequencies there is an orderly increase in the spectra height
with velocity, consistent with the result derived on an elementary basis.
At the lower frequencies, however, where there is the most power, there
is first an increase and then a decrease as the velocity increases. As
was previously mentioned, the areas under these curves equal the mean-
square accelerations. It can, thus, be seen that the area would not
increase linearly with velocity; but more specifically it can be seen
that the departure from linearity is due largely to the dropoff of the
spectra at high velocities in the lower range of frequency, where the
roughness is most severe.
An explanation of why this dropoff occurred can be made by examining
the behavior of the main oleo struts, which is shown in figure 4. This
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fig_ _%r.e_t2_;o_'ce_•o_c_ll _ aces of oleo-strut motion which
show two important points: (i) At i0 mph, there is no strut motion; and
(2) at other velocities, strut motion is only in the form of random step
functions, the number and severity of these step functions increasing as
the velocity increases. Both these points indicate the presence of a
very sizable friction force in the struts. In fact, at i0 mph, the
taxiing loads evidently never exceeded the friction force; and, therefore,
the airplane behaved like a flexible structure on elastic tires only. At
higher taxiing speeds the strut releases momentarily and then seizes as
the taxiing loads occasionally exceed the friction force, and the number
of such occurrences increases with velocity as might be expected. This
inherent load-limiting action seems to account for the dropoff in the
output spectra at the higher velocities. To see this erratic behavior
take place, however, is somewhat disconcerting, since it appears that
such factors have to be included in the treatment of the problem.
In the treatment of this problem by spectral techniques, the deter-
mination of the frequency response or transfer function is of primary
interest. It has been suggested that perhaps the frequency-response
function of the airplane could be deduced from the response that is
obtained by taxiing over rectangular bumps, thereby obviating all the
assumptions and restrictions that would have to be made in attempting to
derive these functions analytically. Therefore, some taxiing runs over
rectangular planks were included in the B-29 taxi tests. Figure 5 shows
three of the time histories of center-of-gravity acceleration that were
obtained. It is noted that these curves resemble the damped I0 cps sine
wave which is shown also for comparison. This i0 cps frequency is very
much higher than the predominating characteristic frequencies that are
present in the output spectra of figure 3, which were on the order of 2
to 3 cps. The impulsive loads received from the planks evidently excite
a very high frequency component which completely dominates the lower
frequencies of concern in continuous roughness studies. In addition,
there was a very pronounced oleo movement in these tests. Thus, not only
are different frequencies excited but also the system behaves differently
than it does in the normal taxiing operations. There is, therefore, no
point in trying to derive the frequency-response functions from these
impulse responses, since there is essentially no low frequency power
coming through. The conclusion drawn is that presumably a more appro-
priate type of test would be to taxi over a corrugated surface having
long wavelengths.
The final aspect in this paper deals with the computation of the
frequency response or transfer function. As yet it is not known whether
it is possible to pursue the course of action where an equivalent linear
system is found which will yield results characteristic of the actual
system, or whether it is necessary to go to a more involved nonlinear
treatment. Many of the remarks made thus far concerning the several
structural degrees of freedom and the erratic behavior of the oleo as
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characteristics - suggest some of the factors that undoubtedly have to
be included in this consideration. As an example of another factor which
has to be included, figure 6 presents theoretically derived transfer
functions for the case where the airplane is considered rigid and the
landing struts are replaced by linear undamped springs. The point to
note is that the transfer function at 80 mph is slightly different than
at lO mph, thereby indicating a slight velocity dependence, which is
contrary to the assumption made in the elementary consideration at the
beginning of this paper. Thus_ velocity is another factor which must be
considered. The manner in which velocity enters is connected with the
bumps and valleys of the curves in figure 6. The first two peaks are
associated with a structural type of resonance; the other peaks, however,
are associated with a geometric type of resonance. These later peaks
correspond roughly to the condition where the wavelengths of the ground
roughness are direct multiples of the distance between the main and nose
landing gears. For these conditions, both main and nose landing gears
rise and fall together; hence, the individual effects of the two gears
on the center-of-gravity acceleration are additive. The later valleys
on the curves correspond roughly to those ground wavelength conditions
where the motions of the two gears are the most out of phase, such that
the main gear is rising when the nose gear is falling. Hence, one gear
tends to .................. center-of gray acceleratlon,
,_.JI'ULtL,LLI_C: IJU_J_b..LV_C: -- WltJ-.l__: U£-_ UU_L_.I
one tends to produce negative acceleration - the net center-of-gravity
acceleration being the difference of these two accelerations as compared
to the sum for the case where the two gear motions are in phase.
CONCLUSIONS
From an investigation of runway roughness and loads developed during
taxiing of a large flexible airplane, the following conclusions are
presented:
i. The use of spectral techniques seems to be a rather concise way
of presenting the characteristics of runway roughness.
2. An extrapolation by elementary means of results from low taxiing
velocities to higher taxiing velocities would lead to conservative results.
3- Oleo-strut friction is an important factor in the behavior of
airplanes while taxiing.
4. With regard to the load-prediction phase of taxiing loads by
spectral techniques, much additional work is required, especially with
respect to the treatment of the transfer function.
6i. Walls_ James H., Houbolt; John C., and Press; Harry: Some Measure-
ments and Power Spectra of Runway Roughness. NACA TN 3305, 1954.
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W_-_L BUFFETING LOADS
Wilber B. H_n, A. Gerald Rainey, and Thomas F. Baker
Langley Aeronautical Laboratory
SUM_Y
m
Comparison of the buffet loads measured on wlnd-tunnel models with
loads measured in flight indicates that, during the course of the
regular wind-tunnel testing program on a model, a simple strain-gage
measurement can be made which can be used to predict the wing buffet
loads on the airplane. The comparison is made for airplanes with swept
and with unswept wings. The relation between buffet loads on a model
and buffet loads on an airplane in flight is discussed frnm the stand-
point of the input-output relationships of generalized harmonic analysis.
The analysis of buffet load measurements on a statistical basis is
outlined.
INTRODUCTION
In several of the wind tunnels, experiments have been under way
to see whether some simple measurement could be made, preferably in
the course of the regular wind-tunnel testing program, which would
predict the buffeting loads encountered on the airplane. This paper
is in the nature of a progress report on this investigation.
In a study of this sort it has been necessary to find a measure
of the loads which despite the fluctuating character of buffeting would
permit comparison of model and airplane results. The instrumentation
has been based on electrical straln-gage bridges mounted at the wing
root of both model and airplane. Statistical procedures have been
used in the data reduction and some of the quantities used are illus-
trated in figure 1.
SYMBOLS
admittance of elastic system
wing span
• ... -.-
c "" "'" "" "'JhSr_l "" "" " "
CL
CL_
CM
CN
f
q
t
T
Cn
L2(e)
P
V
Y
Yg
Fs
S
S1
$2
M1
Mml
lift coefficient
effective slope of lift curve under condition of
separated flow
bending-moment coefficient
normal-force coefficient
frequency
dynamic pressure
time
time interval
section normal-force coefficient
power spectral density function of buffet force
static atmospheric pressure
airspeed
spanwise coordinate
location of straln-gage station
a structural factor
area
effective area in bending
effective area in bending
mass of wing
effective mass of wing in bending
normalized shape of first bending mode
effective moment of wing mass outboard of straln-gage
station "
7Subscripts:
L
M
@@@ @ @@@ @@@ @g@@ • • ••• ••
@@ •@ • @ • • • •• • • •• t 8
• • @•• • • @@ •• •• ••• • • • • •
standard deviation, or root-mean-square value
ratio of damping to critical damping
circular frequency
shear
moment
ANALYSIS OF FLUCTUATING DATA
The wavy line in figure 1 is a portion of a straln-gage record
taken during buffeting. Maximum peak-to-peakvalues have been used
in the past as a measure of magnitude, but this measure suffers from
a number of disadvantages. If the fluctuations YB are taken as
variations about the mean line (dashed), a number of studies under
constant conditions of lift and Mach number both in wind tunnels and
in flight show that the fluctuations are _]]v distributed.
In other words, buffeting is a particular type of a random process,
a Gaussian process. For such a process a natural measure and one
_rhich is of a much more stable nature than a peak-to-peak value is
the root-mean-square value or the standard deviation _. In the
tunnels, this measure is easily obtained from a strain-gage output
with standard electrical techniques. In flight, buffeting is fre-
quently encountered during maneuvers, and the buffeting intensity may
change with flight condition. For the analysis of flight records,
where as here the maneuver component is changing, it has been found
feasible to separate the two components by using numerlzal methods
(see ref. I), break the buffet component into a series of short
intervals of say 1/2 second, determine the root-mean-square value over
each as defined by the formula, and use it as a measure of intensity.
Fllght-load data obtained in this way have been used for comparison
with the wind-tunneldata.
SCALING OF BUFFET LOADS
For comparison of flight and model loads, some sort of scale factor
is required. For dynamic analyses, the complexity of this scale factor
would depend upon the complexity of the dynamic systems involved.
Although airplanes exhibit cemplex vibration patterns, there are indi-
cations that, in some instances at least, simplification is permissible
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for the analysis of buffeting. Sho_nin figure 2 are frequency anal-
yses of the wing-root bending moments obtained on three different air-
planes: the Douglas X-3 with unswept wing, the Douglas D-558-II with
swept wing_ and the Convair Yd_-92A with delta wing. The ordinate is
the power spectral density of the wing bending moment as obtained by
Tukey's numerical procedures (see ref. 2) or the equivalent electrical
techniques. Each spectrum is characterized by a single large peak and
is similar to the response of a lightly damped single-degree-of-freedom
system. In each case this peak is that associated with first symmetri-
cal wing bending. Other modes are excited but to a very much lesser
extent and it appears that a dynamic analysis based on a single degree
of freedom should at least take care of first-order effects.
A simple basis for scaling buffet loads, and one which has been
frequently used for the analysis of buffet data may be termed the static
analogy. Just as static forces such as lift or bending moment are
defined by dimensionless coefficients CL and CM in the equations
T,: C_qS (1)
M : CI_qb_S (2)
2
the root-mean-square shear _L or root-mean-square bending moment
could be expressed by similar buffeting coefficients
_M
_L = CLBqs (3)
.D
b
_M: cMsq [ s (4)
The dynamic analysis of buffeting has been considered in some
detail in references 3 to 5. The method_ that of generalized harmonic
analysis_ is illustrated in some detail in reference 5 which has pro-
vided the basis for the present study. The input force_ the admittance
of the elastic system 3 and the aerodynamic damping all vary with fre-
quency. Yift fluctuations associated with the separated flow over the
wing are expressed in terms of their frequency content by means of a
spectrum which is a function not only of frequency but of reduced fre-
quency _c/V,
c (T)L2(_) = q2c2 cV n (9)
The admittance is that for a single-degree-of-freedom system_
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A2(_)= 1 (6)
The damping expressed in terms of critical damping is aerodynamic of
the sort which is proportional to the angle-of-attack changes induced
by the velocity of the bending vibrations and is specified by an effec-
tive slope of the lift curve CI_ which is also a function of reduced
frequency
_ qc (v)
These relationships may be used to compute the root-mean-square
bending moment at the wing root
C _ic
In this expression (eq. (8)), the manyparameters which enter have been
grouped in several related te__ma. The first term in brackets includes
the principle physical characteristics of the wing (natural frequency,
spas, chord, and mass). The operating conditions are represen+_d by
the square root of q. The quantity FS is a dimensionless structural
factor which reduces the actual values of wing area, mass, and mcment
arm to their effective values in the vibrating system. For a wing with
spanwlse chord distribution c(y) the area S and two effective
areas S1 and S2 are given by the expressions
b/2
s = -b/2c(yldy (9)
_b/2
Sl: / c(y)wl(y)_y (io)
_'-b/2
:[b/2
S2 O-b/2c(y)wl2(y)dy (ii)
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where wl(y ) is the shape of the fundamental wing-bending mode (taken
as unity at the wing tips, y = _b/2). For a spanwise mass distribu-
tion m(y), the wing mass Mw and an effective mass M1 are defined
by the integrals
b/2
M_ = -b/2 m(y)dy
(12)
_b/2
Ml= d_b/2 m(y)wl2(y)dy
(13)
The effective moment of the mass outboard of the point yg
the strain-gage station is located is
g
(y - yg)m(y)wl(Y)dy
at which
and the structural factor F S is given by the equation
_ Zml .I_Sl2 Ml (15)FS b V S2s
_le second term in brackets (eq. (8)) represents the magnitudes of the
input spectrum and the damping at the particular value of reduced fre-
quency corresponding to the fundamental bending frequency_ the average
chord, and the flight speed.
One simple basis for dynamic scaling is evident in equation (8).
For both an airplane and its model, the factor FS, depending primarily
on plan form and mode shape would be the same. If the reduced fre-
quency of the model in the tunnel can be arranged to be the same as
the flight value, the second term in brackets would also be the same.
Thus in the ratio of the root-mean-square bending moment in flight to
that of the model, the primary factor is the group of parameters
included in the first bracket.
o
On the other hand, a more elaborate study could evaluate the
reduced frequency function (second term in brackets) and it could be
used as the basis for scaling. This parameter has been used in the
flutter-tunnel study described subsequently.
One important distinction between the static and dynamic bases
for scaling lies in the forms q and _. An example of the use of
statistical procedures for the analysis of flight buffeting loads
which appears to discriminate neatly between the static and dynamic
case is provided by a recently completed analysis of some buffeting
data on the North American F-86A, some of which are shown in figure 5-
CORRELATION OF BUFFET LOAD WITH FLIGHT CONDITION
P
P
Shown on the left-hand side of figure 5 are the values of CN
and Mach number during a typical gradual turn into buffeting. The
circles represent conditions at successive one-second intervals. Also
reproduced are half-second samples of an oscillograph record of a wing-
rootrstrain-gage bridge sensitive in this case primarily to shear. The
arrows run to the average flight condition during the samplej the
numbers I0 to _40 are the values of root-me_-square _^ _ "_o
a strong correlation between values of _ and CN for this maneuver,
as indicated by the plot on the right. This maneuver was performed at
55_000 feet. Similar data exist for a number of runs at this altitude
at M = 0.8 and also at 45,000 feet. For wing-root bending moments,
there are data at 20,000, 55_000, and 45,000 feet, some of which are
shown in figure 4, where a comparison is made between _le buffet loads
at three different altitudes at M = 0.8. The root-mean-square bending
moment is plotted against the static pressure on a log-log scale. The
values and trends shown here_ which are for a CN of 0.69, are typical
of those obtained with both shear and bending moment at other values
of CN. Straight lines with slopes proportional to p and _ have
been placed on the plot. Since Mach number is constant, these lines
are also proportional to q and _. The agreement shown with the
relationship confirms for a swept wing at transonic speeds the indi-
cations from an unswept wing reported in reference 5 and lends strong
support to the validity of the dynamic approach to buffet scaling.
COMPARISON OF WIND-TUNNELAND FLIGHT-TEST RESULTS
In figure 5 some buffet loads are given for a 1/16-scale model of
the Douglas D-558-IImeasured in the Lsm_ley 7- by lO-foot tunnel.
Shown are results for four different Mach numbers. The root-mean-
square bending moment measured near the wing root at the 50-percent
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chord line has been measured with a strain-gage bridge and is plotted
against lift coefficient. Circles represent runs made at the start of
a general program on the model; squares represent a check run made at
the middle of the general program_ both show a good order of consistency.
Straight lines have been faired through the data to represent what
appear to be three typical characteristics. A low-level portion at low
lift showing no change with lift occurs first; then there is a sharp
increase with lift; and at the higher M_ch numbers there is a further
change in slope at still higher values of lift.
The low-level portion is believed to be associated with the resid-
ual tunnel turbulence. These tests were made following the installa-
tion of screens in the tunnel, a change which considerably improved the
dynamic response of models although no change in static aerodynamic
characteristics was noted. The increase in level is similar to that
noted in flight on the F-86A. The change in slope was not noted on the
F-86A tests but it occurs at values of llft which are higher than those
reached in that study.
An important difference between the loads measured on the model
in buffeting and those on the airplane is apparently associated with
the model support system. The model was sting supported, the actual
connection between sting and model being a six-component strain-gage
balance. A frequency analysis of the model wing-root bending moment
in buffeting is shown in figure 6. For the model as for the airplane,
the bending moments in buffeting are largely associated with response
in the first symmetrical wing bending mode, in this case centered on
196 cps, but another mode, which is a rocking motion of the model as
a whole about the balance, is also present at about 80 cps. This
physical restraint of roll by the balance represents a constraint and
a vibrational mode which have no real counterparts in the buffet response
of the airplane. The meter used to record the wing-root strain-gage
output recorded the mean square of all components above about 5 cycles
per second. Frequency analyses (of which figure 6 is typical) have
been made of a few oscillograph records obtained during the tests at
M = 0.9. These analyses indicate that roughly one-half of the mean-
square bending moment is associated with the symmetrical bending mode.
That is, on a square-root basis, the data of figure 5 at M = 0.9 are
roughly 30 percent high when comparison with flight is contemplated.
It also appears that a simple correction could be made or a high pass
filter could be used to separate the symmetrical bending mode. Suffi-
cient data are not now available, however, to adjust these data at all
_ch numbers so that, for an extension to flight-test conditions, the
faired lines were used to represent the wind-tunnel data, the low-level
portion being ignored.
Shown in figure 7 is a comparison of the model loads (fig. 5)
scaled to the D-558-II airplane and compared with the root-mean-square
2V
i
l
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bending moments measured in two gradual turns into buffeting at the
average M_ch numbers shown. The reduced frequencies of both model and
airplane are nearly the same; the lines represent the 1/16-scale-
model loads scaled to the flight conditions on the basis of the dynamic
analysis incorporated in equation (8). The agreement between the
scaled and flight data is considered to be encouraging.
In connection with figures 5 and 6, it was stated that the wind-
tunnel data at M = 0.9 _ere of the order of 50 percent high because
of the presence of model response in modes (especially the rocking mode
at 80 cps) which have no counterpart in flight. The shaded area on the
right-hand side of figure 7 is used to indicate where the model tests
would fall if a simple correction were made for this effect. This
comparison with flight loads is considered to be promising, especially
when coupled with the results of a study under way in the Langley
flutter tunnel shown in figures 8 and 9-
In figure 8 the ordinate is the value of root-mean-square bending
moment in buffeting expressed in terms of the reduced frequency buffeting
parameter discussed in connection with the dynamic analysis
I _'_vj I
IcL
The abscissa is the reduced frequency _l_/V where _l is the fre-
quency of fundamental bending and E_ the average chord. These tests
'_ere run on a family of related unswept -wings of the same geometry and
airfoil section which differed only in stiffness and natural frequency
and thus in the product _l _ shown. Each point represents a value of
reduced frequency corresponding to a different speed. These data are
for an angle of attack of 12°; data have been obtained for a number of
different angles of attack. The variation with reduced frequency is
typical. It is well represented by a mean line at higher values of
_l_/V; the separation at lower values is believed to be a M_ch number
effect and is the subject of further investigation involving tests in
both air and Freon.
These tests were made on semispan models rigidly mounted on the
tunnel wall. The lowest identifiable frequency in the strain-gage
output is that of fundamental bending and the bLtffeting should there-
fore be comparable to that in flight. A comparison with flight has
been made by using the data of figure 9 and that of other angles of
attack; the range of reduced frequencies covered in the comparison is
indicated by the mean line. The wind-tunnel data were used to estimate
the buffet loads on the X-5 airplane. The results are shown in
m
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figure 9. The circles represent values of root-mean-square bending
moment measured during a i g stall at constantly decreasing airspeed
plotted against angle of attack. The change in M_ch number during the
run is indicated by the arrows. The wind-tunnel results have been
scaled on a dynamic basis. The comparison again is considered to be
promising.
CONCLUDING REMARKS
The present study has summarized the available data on the use of
model tests as an indicator of the magnitude of buffet loads. The
strain-gage technique, applied to both an unswept and a swept configu-
ration, appears promising, and its use appears to be indicated in those
wind tunnels with suitable flow characteristics.
Statistical concepts provide a valuable guide in the analysis of
flight-test data and scaling of the wing loads on a simple dynamic
basis, which employs the methods of generalized harmonic analysis_
appears to be feasible.
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A STUDY OF THE RESPONSE OF PANEL5
TO RANDOM ACOUSTIC _CITATION
By Robert W. Hess, Leslie W. Lassiter,
and Harvey H. Hubbard
Langley Aeronautical Laboratory
SUMMARY
f
m
An application is made of the method of generalized harmonic analysis
to the problem of prediction of stresses in airplane-skin panels due to
excitation by jet noise. The concepts of the theory are reviewed briefly
and some of the significant parameters are evaluated in the tests.
Measurements of stresses in some panels due to random acoustic excitation
are presented and are found to be in general agreement with calculated
results.
INTRODUCTION
It is well known that jet noise has in ms_ny instances caused fatigue
failures of airplane-skin panels in proximity to the jet-engine exhaust
stream. These failures have been mainly on the fuselage or the wings,
depending on the type of engine installation. Some configurations having
the engine exits relatively far aft have also experienced damage to
panels in the tail assembly.
Very few data are available which would permit a designer to esti-
mate dynamic stresses in panels exposed to a given random excitation.
As a result, "ad hoc" modifications, such as an increase of Skin gage
or the addition of stiffeners or both_ have frequently been necessary
after construction of the airplane in order to alleviate fatigue problems.
Thus, there is serious need for a means of predicting in the design stage
the dynamic stresses of a panel subjected to a given random excitation.
In reference l, the techniques of generalized harmonic analysis
have been applied to a theoretical treatment of this problem, and it
appears that these techniques m%v afford a relatively simple approach
to the problem. Therefore, the main purpose of the present paper is
to determine how well this type of analysis applies in predicting panel
stresses.
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Although the discussion is mainly concerned with the problem of
jet-noise excitation, certain of 7t_e results will be shown to apply to
the case of propeller-noise excitation as well.
METHOD OF ANALYSIS
The concepts involved in analysis of the panel-response problem
are illustrated in figure l, which is a schematic illustration of the
input-output relationships involved. The top sketch in figure 1 repre-
sents the spectrum of jet noise which is causing the vibration of the
panel. The second sketch is the panel transfer function_ or the square
of the frequency-response quantity of interest -whether it be displace-
merit or stress. This transfer function is necessary in relating the
output to the input. The curve may have several peaks corresponding
to the various modes of vibration but, for simplicity, only the first-
mode response is shown. The bottom sketch is the output-response
spectrum and is the product of the input function and the panel transfer
function. If the panel transfer function is expressed in terms of
stress per unit input, as in this case, then this output curve is the
stress-response spectrum of the panel.
A useful index of the overall response of the panel is the mean-
square stress, and this is the area under the output curve in figure 1.
For the case where the input function varies only slowly with frequency
and the panel-response curve is sharp, reference 1 shows that the
expression for the mean-square stress _2 takes the simplified form
2 _ 2
_, _ _%_oSo CN(_O) (l)
Thus, the stress in the panel is a function of four parameters, one
associated with the input and three with the panel structural charac-
teristics. These parameters are: (1) 0_D, the panel natural frequency,
(2) _N(_O)_ the input noise at the panel natural frequency, (3) SO, the
the static stress per unit pressure_ and (4) the damping of the panel
given as percent of critical damping and designated as 5. This damping
factor 5 is a measure of the sharpness of the response curve, denoted
either by its width or by its height. Perhaps another form of this
equation, utilizing panel dimensions, is of more practical interest.
Thus, if the product 600S02 is substituted for in terms of panel length
(or width) a and panel thickness t, the proportionality relation
600 a
O" oc
51/2t3/2 (2)
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is obtained from equation (1), where m 0 has the dimension of
acoustic root mean square of pressure per unit band width. The latter
form is noted to apply to the root-mean-square stress.
RESULTS AND DISCUSSION
The rest of the present paper is devoted to an evaluation of how
well equation (1) and expression (2) apply to stress predictions in panels
exposed to jet noise. To make this evaluation, some flat panels measuring
ll inches by 13 inches were tested with a 4-1nch air jet.
C
o
Noise Input
A typical spectrum of the Jet noise is shown in figure 2. The
main reasons for presenting these data are to point out again that, in
the analysis, only the value of the input at the natural frequency of
the panel is of interest and to indicate that these tests deal with
overall noise levels of approximately 130 decibels. The frequency at
which the spectrum is a maximumwill vary with location in the noise
field as well as with the size and velocity of the jet. Hence, the
noise from a full-scale engine would probably be somewhat different
from that for the example shown in figure 2. Therefore, no special
significance is attached to the ordinate numbers in figure 2 except
that they maybe useful in checking the method of calculation of the
present paper.
I
o
Panel Structural Characteristics
The means used to obtain the response and the damping characteristics
of the test panels are illustrated in figure 3. The panels were exposed
to the periodic noise from a laboratory siren which could be operated in
such a manner as to vary both the fundamental frequency of the noise and
its intensity. The siren output was not sinusoidal, as would be desired
in the ideal case, but contained a few harmonics of relatively low
intensity. This particular study was concerned only with the fundamental
frequency, and the root-mean-square pressure P1 of this component is
used as a measure of the acoustic input to the panels. To avoid exci-
tation from both sides, the panels were mounted on a rigid chamber which
was acoustically insulated and vented so as to minimize the load on the
back of the panel.
A sample frequency-response curve for a 0.040-inch aluminum-alloy
panel is shown on the left side of figure 3, where the stress
4amplitude _MAX in pounds per square inch is plotted as a function of
frequency for constant input pressure Pl" The panel is seen to have a
very sharp response at its resonant frequency. The slight skewness of
the curve is believed to be due to nonlinearities of the system. Experi-
mental determination of the unstable part of the curve is somewhat diffi-
cult and, for that reason, this portion of the curve is shown as a broken
line. Because of this difficulty, measurements of damping were based on
the height of the response curves rather than on the width. By definition,
8 is equal to the ratio %t where is the stress amplitude at
2_MA X %t
zero frequency. This static stress is obtained experimentally by evacu-
ating the chamber to a static pressure corresponding to _ times the
value PI of the dynamic tests.
Values of damping corresponding to the appropriate input pressures
of the tests were determined with the aid of figure 3 for the calculations
of this paper. It should also be noted that the damping values of fig-
ure 3 apply directly to the case of pure frequency excitation. Hence,
for the case of excitation by the random spectrum of the jet_ some account
must be taken of the effective band width of the panel. This band width
can be shown to be approximately equal to _5_ O.
By the means just discussed, evaluations of the three structural
parameters necessary for a stress calculation were made. These param-
eters are: the resonant frequency _0, the panel damping 8, and the
static stress per unit pressure S0, which equal to _st/_ Pl"
Panel Response
Before considering the measured stresses of the present tests, it
is helpful to study some of the qualitative results. Characteristic
time histories of the response of a panel to both periodic and random
excitations are shown in figure 4. At the top of the figure is shown
the panel response to a periodic excitation which in this case is the
noise from a siren. It can be seen that the panel response is uniform
and has a definite frequency. This frequency is the frequency of the
periodic input function.
At the bottom of figure 4 is shown the panel response to a random
excitation which in this case is the noise from the 4-inch air Jet.
Again, the panel response has a definite frequency but, in this case_
it is the first-mode resonant frequency of the panel. It will also be
noted that pronounced beats are apparent in the response. This type of
response is characteristic of a sharply tuned system with low damping
to
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and is an ample justification for studying only the first-mode response
characteristic, as has been done in these tests.
The results of the siren tests of figures 3 and 4 would apply
directly to the case of excitation by propeller nose; for this case,
the panel would respond mainly to that noise frequency at or near its
first mode of vibration. Because of the sharp panel-response curve,
it can be anticipated that a small change in the propeller revolutions
per minute would markedly change the panel stresses even though the
noise-input level were unchanged.
COMPARISON OF THEORY AND EXPERIMENT
t
e
Some stress calculations by the simplified equation, equation (I),
given in the analysis section of the paper have been made by using the
values of SO, _0, and 8 determined in the experiments. In figures 5
and 6 these calculations are compared with measured stresses obtained
when the panels were placed in the near-noise field of the 4-inch air
jet. Figure 5 gives the results obtained from a O.040-inch panel located
at vario_s sxial and radial distances from the Jet. In the plot on the
lower left-hand side of figure 5, stress data are shown as a function
of x/D, where x is the axial distance from the nozzle to the center
of the panel and D is the jet diameter. The radial distance d is
held constant at 1.75 diameters. It can be seen from this figure that
the theory and experiment are in very good agreement. Likewise, good
agreement is indicated in the plot on the lower right-hand side of fig-
ure 5, where radial distance was varied and the axial distance held
constant at 6.4 diameters.
Figure 2 indicated that the overall noise levels for these tests
were in the range of 130 decibels. Since jet-engine noise levels may
be of the order of 150 decibels or perhaps even higher, it can be
anticipated that the associated stresses will be considerably higher
than those measured in the present tests. If the assumption is made
that the shape of the spectrum from an engine is the same as that from
the 4-inch air jet used in these tests, then an increase of 20 decibels
in the overall noise level would result in an increase in the stresses
by a factor of approximately lO.
Figure 6 gives results for the case where panel thickness is varied
and input pressure is held constant. The root,mean-square stress is
plotted as a function of panel thickness for a range of thickness
from 0.020 inch to 0.081 inch. The panel natural frequencies ranged
from 78 cycles per second for the O.020-inch thickness to 250 cycles
per second for the O.081-inch thickness. According to expression (2),
OO
• 0 00 •
• O O0
• •O • •
:•• :••••••O••O• • • 00 00
stress should vary inversely as the thickness to the 5/2 power, as is
indicated by the dashed curve. The measured points tend to bear out
this relation fairly well.
From the good agreement between theory and experiment shown in fig-
ures 5 and 6, it can be concluded that the method of generalized harmonic
analysis is particularly well suited to this problem and that equation (i)
applies well for the conditions of these tests.
CONCLUDING REMARKS
Some preliminary measurements of the response of aircraft-skin
panels to a random acoustic excitation have been presented and were
found to be in general agreement with the results of an approximate
analysis. These panels were noted to have very low damping and to
vibrate mainly in their first modes in response to a random-noise input.
Root-mean-square stresses were noted to be proportional to the sound
pressure per unit band width at the natural frequency of the panel and
were higher for panels of less thickness. J
t
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RECENT RESULTS OF THE CALCUIATION OF A_RODYNAMIC
LOADING AND FLUTI_R OF SEV]_G_L WINGS
AT SUBSONIC AND SONIC SPEEDS
By Harry L. Runyan and Donald S. Woolston
Langley Aeronautical Laboratory
INTRODUCTION
w
If one examines the status of theoretical work on oscillating air
forces for flutter, it is seen that the two-dimensional theory is rather
well developed throughout the Mach number range but that the three-
dimensional theory is not satisfactory, particularly with regard to the
high subsonic and sonic speeds• Recently a method has been developed
at the Langley Laboratory for calculating the forces on a finite wing
which is oscillating harmonically in subsonic and sonic flow. The pur-
pose of this paper is to present a brief description of the method and
been made. Basic to the method is the development and treatment of a
kernel function of an integral equation which for subsonic flow has been
treated in reference 1. The development of the kernel function for the
supersonic case has recently been completed and is presented in refer-
ence 2.
There exists an alternative approach which is based on the classical
method of separation of variables and which has been proposed by Kuessner
(ref. 3) for general use. However, the method is limited to certain
general plan forms such as the circular or elliptic plan form and some
of the functions necessary for solution have neither been studied nor
tabulated•
However, with the relatively recent development of high-speed com-
puting devices, laborious computing procedures which formerly were not
deemed practical and which may lend themselves to systematization are
now practical. It is into this class of computing problems that the
lifting-surface calculations based on an integral equation may be placed.
METHOD
An indication of the method is given in the following paragraph.
The equation
Aw AA
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states that the downwash or vertically induced velocity Aw is equal
to the product of the aerodynamic load L which is acting over an
area _A times a kernel function K. The physical meaning of this
equation is best seen by referring to the sketch. If a loading L is
assumed to be acting over an area Z_A_ then the
_P(x,y induced vertical velocity at any other point on
the wing, for example, at P(x,y), is the
v__ ) product of L times K. It is apparent then
/_S that the kernel function represents the vertical
induced velocity at a point on a wing due to a
unit loading at another point on the wing and
may thus be termed an aerodFnamic influence
coefficient. By summing the effect of the entire area of the wing on
the point P, the total induced velocity is obtained and thus the inte-
gral equation
(x,y) : LK d_ dn
is obtained. The similarity to the structural deflection problem is
readil.v apparent. The downwash w corresponds to the wing deflection,
L to the structural loading, and the kernel function K to the struc-
tural influence coefficients. Thus the problem is to devise a practical
means for solving this equation. If the loading L is known, then the
problem is simply to perform the double integration from which the defor-
mation of the wing is determined. However, if the deformation or down-
wash w is known but not the loading L_ then the problem becomes more
complicated and an integral equation must be solved since the unknown
appears under the integral sign. It is the latter problem which is of
interest since_ in most cases, the loading is not known but the motion
of the wing is known.
The loading L is approximated by a series as
L = C I__- l_2_ot e
_(aoo + aol_ + . .) +
sin @(al0 + all _ + . . .) + sin 28(a20 + a21 h + . . .) + • •
where e is a chordwise coordinate, _ is a spanwise coordinate, and
the a's are unknown. This form has been used in many steady-state
solutions. The series satisfies the wing edge conditions and is useful
for all subsonic Mach numbers• For the sonic condition a slight modifi-
cation of the chordwise terms is necessary. The kernel K is a compli-
cated but l[nown function and is discussed in reference I. The wing is
divided in many small areas and the double integration over each area
is accomplished by numerical procedures with the aid of the mean-value
theorem. The downwash at a point P is then determined by summing the
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increments of downwash due to all the areas on _'h@ Wi_ m_rfa_.Oo:By
selecting other positions P on the wing for calculation of the down-
wash, a set of simultaneous equations is obtained from which the a's
of the loading series _ be calculated. As mentioned previously, the
downwash w is usually known since the motion of the wing is known
and the air forces for any deformed wing mode may be calculated with no
more difficulty than for a rigid pitching or translating wing.
With regard to the time required for calculating the forces on a
wing, it takes about 1 week with the computing equipment available at the
Langley Aeronautical Laboratory. With the latest computing equipment
now commercially available, this might be cut to 1 to 2 days.
RESULTS
m
4,
This section is concerned with presenting some results of applying
the procedure of this paper to some specific examples.
In figure 1 the lift and moment and corresponding phase angles are
plotted against the reduced-frequency parameter k = b_/V where b
velocity. The results are for a rectangular wing of A = 2 at M = 0
and for a rigid wing which is oscillating in pitch about the midchord.
T_ne results of the present analysis are compared with the results of
Lawrence and Gerber (ref. 4), and it is seen'that the two methods agree
rather well. Although the present method may be used for sonic or sub-
sonic Mach numbers, comparison is made with Lawrence and Gerber's results_
which is restricted to the incompressible case, in order to show the
agreement with a published method. Inasmuch as different types of approxi-
mations have been made in the two analyses, it is remarkable that the
agreement is so good, and one can surmise that the physical problem has
been adequately represented in both analyses.
In figure 2, the variation of the lift and moment coefficient for
a rectangular wing of A = 2, oscillating in pitch at a constant reduced
frequency k = 0.22 about the midchord line are plotted against Mach
number. The results up to and including M = 1 were obtained using the
method of this paper, and the supersonic coefficients were obtained from
existing published results and are shown by the solid line. It is
believed that this is the first time that calculated results have been
obtained for the oscillating finite wing throughout the complete subsonic
Mach number range including M = I. As may be expected, the lift and
moment coefficients increase with M up to the vicinity of M = 1 and
decrease on the supersonic side. Comparison with other methods is not
possible since none exists for this Mach number range; however, the two-
dimensional coefficients are included, as shown by the dashed line. It
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which for this case is 1/2, is generally applicable up to M = 0.7 to 0.8.
In figure 3, the corresponding phase angles between the wing
position and the force or moment are shown for the same case as in
figure 2. It is here that the attempts to obtain simple factors relating
the two-dimensional coefficients to the three-dimensional coefficients
fail since no relation seems to exist between the two-dimensional and
three-dimensional phase angles. Thus it appears that up to certain Mach
numbers, the magnitude of the force might be adjusted for aspect ratio;
whereas the time at which the force acts during the cycle of oscillation
cannot be so easily corrected.
In figure 4 is shown the lift and associated phase angles plotted
against the reduced-frequency parameter k = b_/V for a delta wing
of A = 4. The wing is oscillating in pitch about the midchord. Results
of the present analysis as shown by the solid line and those of Lawrence and
Gerber as shown by the dashed line are compared with some experimental
results of Leadbetter and Clevenson (ref. 5) indicated by the circles.
The results of the two analyses agree rather well with regard to both
lift and magnitude and phase angles. The agreement with experiment,
especially with regard to the phase angle_ indicates that the theories
are adequate.
In figure 5, the moment and the corresponding phase angles are
shown for the same wing under the same conditions as in figure 4, plotted
against the reduced frequency k. Results of both analyses are in sub-
stantial agreement with respect to the magnitude of the moment, but the
slope is less than the experiments indicate. Insofar as the phase angles
are concerned, the first difference between the two theories arises,
although both theories indicate the same trend. The reason for this
difference cannot be explained at the present time and will have to be
resolved by further calculations and experiments.
The results shown in figures i to 5 were for rigid wings. The
remainder of the paper is concerned with the flexible case. In fig-
ure 6 are shown the magnitude of the lift and the phase angles along
the semispan for an untapered_ rectangular wing oscillating in a torsion
mode. The experimental results_ as indicated by the circles, were
obtained from reference 6. Three theories are shown. The two-dimensional
results were obtained by multiplying the two-dimensional air forces by
the mode shape, which is the usual practice when using two-dimensional
coefficients. The lift as calculated by the theory of Reissner and
Stevens (ref. 7) is shown_ and the lift as calculated by the method of
the present analysis is also shown. The aspect ratio for the experi-
mental _d Reissner and Stevens' result was 5- For the present analysis
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the results are for A = 4._3, since calcul_i_'h_o_l_._yo_e_ made
for this aspect ratio for other purposes, and this small difference in
aspect ratio should not affect the forces. As would be expected, the
two-dimensional theory predicts a much larger force for practically the
whole semispan. The two finite-span theories are in reasonable agreement
_th experiment. Reissner and Stevens' analysis overpredicts the force
for most of the outboard region. The present theory slightly overpredicts
the force at the inboard position. With regard to the phase angles, both
finite-span theories are in good agreement with experiment.
In figure 7 are shown the results of making flutter calculations
using both two-dimensional theory and the present three-dimensional
theory for a rectangular unswept wing. The flutter-speed parameter V/ba_
(where V is the stream velocity, b the semichord, and _m the
uncoupled torsional frequency) is plotted against Math number. Calcu-
lations were made for an untapered rectangular wing of A = 4.53. The
wing center of gravity was at the midchord and the elastic axis at
34 percent of the chord. Two uncoupled deformation modes of torsion
and bending of a uniform cantilever _ing were used in both analyses.
The three-dim_nsional results including M = 1 were obtained by use
of the present analysis, and the supersonic results were obtained from
reference 8. It is seen that for both the two- and three-dimensional
calculations, the flutter-speed parameter drops with Mach number up
to M = 1 and increases with M on the supersonic side. Two experi-
mental points are shown. One, a flutter point at M = 1.3, was reported
in reference 9, where very good agreement was found. A no-flutter
point on the subsonic side is indicated by the open test point. An
attempt was made to flutter the model that had been previously fluttered
at supersonic speeds in a subsonic tunnel_ and no flutter was obtained
up to the _ch number and V/ba_ indicated. Due to limitations of
tunnel power at the proper air density, the model did not flutter. How-
ever, the value reached in the tests was well above the range predicted
for flutter by the two-dimensional results but not up to the values pre-
dicted by the three-dimensional theory. Going back to the calculated
results, sn unexpected large aspect-ratio effect is seen in the subsonic
range. It should be pointed out, however, that the calculations for the
entire Mach number range were made at the same air density that was reached
in the supersonic tests, which corresponded to an altitude of about
40,000 feet. Calculations for a higher density or lower altitude bring
the two- and three-dimensional results closer together.
A problem that has been of concern to designers for some time has
been the question of the existence of single-degree-of-freedom bending
flutter of a swept wing. In the absence of three-dimensional theory,
two-dimensional air-force coefficients have been used and it has been
found that, theoretically, a bending type of flutter was possible,
because, even though the wing is bending, there is an effective angle
of attack due to the sweep in an unswept wing.
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:_n _u_ _me-shtw_ %he results oth two- and three-dimensionaloft
calculations for a 45 ° swept uniform wing oscillating in bending for a
free-stream Mach number of i. The damping-force coefficient is plotted
against the reduced velocity i/k. It is seen that the damping-force
coefficient changes sign for the two-dimensional case, as shown by the
dashed line, at i/k = 8, thus indicating the possibility of an unstable
condition. The results of some calculations using the present three-
dimensional method is shown by the solid line, and it is seen that a
stable condition is indicated. It may thus be concluded that the effect
of aspect ratio is to greatly reduce, if not eliminate, the possibility
of single-degree-of-freedom bending flutter of a swept wing. Results
for the incompressible case (ref. i0) also support this statement.
In conclusion, a method has been presented for calculating the air
forces on oscillating wings of finite plan form for subsonic and sonic
Mach numbers. The method is adaptable to the calculation of the loading
on deformed wings, and comparisons with experiment and other theory seem
to indicate that the results may be used with confidence.
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SOME RECENT EXP_ DATA ON THREE-DIMENSIONAL
0SCILLATINGAIRFORCES
By Sumner A. Leadbetter and Sherman A. Clevenson
Langley Aeronautical Laboratory
S_RY
m
The status of oscillating air forces is indicated. Forces, mcments,
and their respective phase angles are shoe for a 4_0 swept wing of
aspect ratio 2 and for two bodies of revolution, one a streamline body
and the other 3 an open tube. For comparison 2 derivatives based on avail-
able analyses were shown for these three configurations. Damping-moment
derivatives were given for a tank located over the end of a wing and indi-
cated the effect of the presence of a fin on the tank. In-phase and
damping-moment derivatives were presented for a _ng-tank cQmbination
with the fin location either inboard or outboard. It was indicated that
the inboard location increased the aerodynamic damping in the torsional
mode and an outboard _osition would tend to __ _P a_v_=_ _a
INTRODUCTION
The accuracy of predicting the limiting flutter speeds of aircraft
depends on how well the component forces which appear in a flutter anal-
ysis are known, that is, how well the aerodynamic, elastic, and inertia
forces are known. Regarding knowledge of the aerodynamic forces of
flutter, theory has contributed much, but many uncertainties still exist.
It becomes necessary to rely on experiment to check the various theories
as well as to handle cases which are too complex for theoretical analysis.
Considerable work on scme of the analytical aspects of the oscillating
air-force problem is currently being done by Harry L. Runyan and Donald S.
Woolston of the Langley Aeronautical Laboratory. It is the purpose of
this paper to indicate the status of available experimental data on
oscillating air forces, and to present some current results of experiments
in the Langley 2-by 4-foot flutter research tunnel on wings and bodies.
Some of the current experimental results are ccmpared with the results of
analyses. The configurations discussed are swept wings, bodies at the end
of struts, and wings _th tip tanks with andwithout fins.
SYMBOLS
c chord of wing in stream direction, ft
c_o
k reduced-frequency parameter, 2-_
L length of body, ft
M Mach number
q dynamic pressure, lb/sq ft
S plan-form area, sq ft
V wind velocity, ft/sec
angular displacement, radians
_L phase angle by which the lift vector leads the angular
displacement, deg
_M phase angle by which the moment vector leads the angular
displacement, deg
circular frequency of oscillation, radians/sec
c/2, L/2 subscripts referring to the midchord and midlength positions
RESULTS AND DISCUSSION
Status of Experimental Oscillating Air Forces
Before presenting the three-dimensional oscillating air-force
derivatives for the aforementioned configurations, it is appropriate to
illustrate briefly the status of experimental oscillating air forces,
indicating in what regions experimental data are available. Figure 1
shows the ranges in which data are available for five configurations.
The ordinates of each figure is the conventional flutter parameter k
which is the oscillation frequency times a reference chord divided by
twice the velocity. The abscissa is Mach number. The black areas indi-
cate regions for which oscillating air-force data are available and may
be found in references 1 to 17, whereas the cross-hatched areas indicate
regions in which data have been obtained and are available in this
paper. Data are available for rectangular wings of low aspect ratio,
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swept wings, delta wings, wing tank over the end of a wing of aspect
ratio 2, and two bodies of revolution - one an open circular tube and
the other a streamline body, each at the end of a small round tapered
strut. All models were oscillated in pitch about an axis of rotation
as indicated. Scme data are also available for other rigid body modes
such as vertical translation and rolling motion and for some flexible
modes in limited areas of the black regions. The following discussion
and presentation of oscillating aerodymsmic derivatives will concern
some recent representative experimental data on a 45 ° swept wing oscil-
lating about its root-mldchord axis_ two bodies of revolution - an open
tube and a streamlined body - at the ends of short struts, and a wing-
tip-tank combination with and without fins.
8
45 ° Swept Wing of Aspect Ratio 2
The oscillating air-force and moment derivatives for a 45 ° swept
wing of aspect ratio 2 are shown in the figure 2. The ordinates are _,
and _, the angles by which the lift and moment lead the angular posi-
tion, and the lift and moment derivatives, where q is the dynamic pres-
sure, S is the plan-form area, _ is angular displacement, and c/2 is
the half chord measured in the stream direction. The sketch in the upper
right-hand corner indicates three dimensionally how a hall- wing was
mounted on a plate and oscillates with the plate. A small gap separates
the plate from the tunnel wall. The solid symbols are for the moment
data and the open symbols are for lift data. For comparison, experi-
mental data obtained frcm integrated pressure distribution at the
Massachusetts Institute of Technology (ref. 8) are shown as squares.
All moment data are referred to the 90-percent root-chord station. As
a matter of interest, theory for a two-dimensional 45 ° swept wing (ref. 2)
is included and shown as the solid and dashed curves - the solid curves
for the lift derivative and llft phase angle, the dashed curves for the
moment derivative and moment phase angle. It may be seen that the theory
for the lift and moment phase angles agree rather well with the experi-
mental data. However, theory for the lift derivative underestimates the
experimentally determined lift derivatives, and theory for the moment
derivatives overestimates the experimentally determined values. Thus, as
might be expected, two-dimensional theory is inadequate for predicting
the oscillatory lift and mcment derivatives on a 45 ° swept wing of aspect
ratio 2.
Bodies of Revolution
The use of large external stores attached to wings raises the ques-
tion as to the oscillating air forces on these bodies. Two bodies of
fineness ratio 7 have been oscillated in pitch about their midlengths,
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and sets of derivatives and phase angles have been determined. The
first configuration is a stresmlined body supported by a single strut
as indicated in figure 3. In the upper rlght-hand corner is a sketch
indicating how the strut is mounted on the end plate. The ordinates
are as shown in figure 2: _, _, and lift or moment derivative. The
experimental lift and lift phase angles are indicated by circles and
the moments and moment phase angles are indicated by squares. Shown
for comparison are the results of an analysis based on slender-body
theory presented in reference 9 for a streamlined body. Since this
theory is based on potential flow, it should not be expected to predict
the results of the experiment. For instance, at k = 0 the experimental
lift derivative is 0.06_ whereas the analyses predicted it to be zero
and the corresponding experimental m_nent derivative was 0.0_ compared
to the anal_ical value of over 0.I_o_. The moment phase angles appear
to have some agreement but the analyfiical lift phase angles differ
greatly from those obtained experimentally. This lack of agreement
between analysis and experiment is not unexpected considering that the
analysis does not account for boundary-layer separation or viscosity
effects on the body.
The second body upon which oscillating air forces have been deter-
mined was an open tube - similar to a stove pipe - as shown in figure 4.
This tube could be considered as a simplified ramjet minus the internal
mechanisms. The tube was mounted on the same strut as the streamlined
body and has the same ratio of length to maximum diameter and was oscil-
lated at approximately the same frequency. Thus forces on the tube are
directly comparable to the measured forces on the streamlined body. It
may be noted that for the open tube the lift derivatives are considerably
greater and the moment derivatives are slightly greater than for the
streamlined body. The lift phase angles are similar and the magnitudes
of the moment phase angles are larger for the open tube than for the
streamlined body. For comparison with this experimental data, curves of
theory were determined from reference 5 for the open tube and are shown
as the solid curves. The trends of the theoretical phase angles agree
with experimental trends as does the trend of the lift derivatives. The
experimental moment derivatives tend to indicate that the moment deriv-
ative is independent of k although the theory indicates that the moment
should increase with k. Although the preceding data may not be directly
applicable to a flutter analysis, they do give some insight as to the
oscillating air forces present on bodies by themselves.
Wing With Tip Tank
The last configuration for which data will be presented is a tip
tank over the end of a wing of aspect ratio 2. The addition of a fin
in the plane of the wing on a tip tank is of interest from a flutter
sstandpoint. Some data have been obtained over a small k range on the
da_ing moment contributed by a tank of fineness ratio 5-7 over the end
of a wing of aspect ratio 2 and are presented in figure 5. The sketch
in the upper right-hand corner illustrates in plan form the wing with
the tip tank attached. In order to find an effect of fin shape 3 a trape-
zoidal and a delta fin were used as indicated. The tank was mounted on
strain beams such that the forces measured are the forces on the tank
alone. The ordinate of the graph is the damping-moment derivative where
S is the plan-form area of the tank. The abscissa is the usual flutter
parameter k. The circles represent the no-fin condition, the squares
the delta fin, and the triangles represent the trapezoidal fin. FrQm a
ccmparison of the square and triangle, it may be seen that the damping-
m_nent derivative on the tank is essentially the same regardless of which
fin is used. However, all of these moments are less than the no-fin con-
dition. It may be noted that, although all the magnitudes of the damping
derivatives are very small, under 0.06_ in this low k range, the addi-
tion of a fin in this position decreases the damping moment on the tank
for the torsional mode and may be detrimental from a flutter standpoint.
A possible explanation of this decrease in damping is that the fin,
placed in an outboard position on the tank, is in the upwash of the tip
vortex. Thus the presence of the fin on the tank in the up--ash reduced
the damping contributed by the tank rather than increasing the damping
as may have been expected.
Experimental moment derivatives for the wing-tank cQnbination instead
of the tank alone are given in figure 6. In addition to the data for the
trapezoidal fin in the outboard position 3 derivatives are presented for
the fin in the inboard position, shoT_n dotted in the sketch. The effects
of a fin being in the do_nvash as well as the _p_ash of the tip vortex
will be indicated. The upper graph shows the in-phase moment derivatives
as a function of k and the lower graph shows the da_ping-m_nent deriva-
tives as a function of k. These derivatives are for the cQmbined
moments for the wing and tank together. The S used in these derivatives
is the plan-form area of the c_nbination wiug and tank 3 or _ing, tank,
and fin as the case may be. It may be noted in the lower figure that the
damping derivatives for the fin in the outboard positic_ and for the no-
fin condition are practically the same, whereas for the fin in the inboard
position the damping derivatives are greater. Thus from considerations
of damping in the torsional mode, it would be better to have the fin
inboard. However, the detrimental effect of the inboard fin is indicated
in the upper figure. It is seen that the in-phase moment derivatives for
the inboard fin or no-fin condition are about the same. The outboard-fin
condition results in a much smaller value of in-phase moment derivative
at the lower values of k. It must be rememberod that a larger value of
in-phase m_ment results in a lower divergence speed. The lower value of
in-phase moment as shown by the fin in the outboard position is beneficial
from a viewpoint of divergence in that it would cause the divergence speed
to be higher than that which would result from no fin or fin in the inboard
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position. It may be concluded t_h%tthe fin located in an inboard posi-
tion may be of s_ne benefit regarding flutter since it caused an increase
in damping in the torsional mode, whereas the fin located in an outboard
position would be of benefit regarding divergence.
L
CONCLUDINGREMARKS
This paper has dealt with the status of oscillating air forces,
indicating regions of available data and regions for which data is pre-
sented in this paper. Forces, mcments, and their respective phase angles
were shown for a 4_ ° swept wing of aspect ratio 2 and for two bodies of
revolution, one a streamline body and the other, an open tube. For ccm-
parison, derivatives based on available analyses were shown for these
three configurations. Damping-moment derivatives were given for a tank
located over the end of a wing and indicated the effect of the presence
of a fin on the tank. In-phase and damping-moment derivatives were pre-
sented for a wing-tank combination with the fin location either inboard
or outboard. It was indicated that the inboard location increased the
aerodynamic damping in the torsional mode and an outboard position would
tend to increase the divergent speed.
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K_PLORATORY INVESTIGATION OF THEMOMENTS ON OSCILLATING
CONTROL SURFACES AT TRANSONIC SPEEDS
By Dennis J. Martin , Robert F. Thompson, and
C. William Martz
Langley Aeronautical Laboratory
SUMMARY
Control hinge-moment data have been obtained for oscillating
trailing-edge controls on unswept, swept, and delta wings through the use
of wind-tunnel and rocket test models.
It has been found that a range of unstable damping occurs at transonic
speeds for each configuration tested. Examination of the results indicates
the importance of several parameters. However, it would appear that the
transonic control-instability problem might be considerably alleviated by
structural modifications such as increased stiffness and damping or by
aerodynamic configuration changes.
Lx_RODUCTION
One of the most difficult problems that has arisen as flight speeds
have increased into the transonic and supersonic speed range is concerned
with control-surface flutter. Flutter troubles on control surfaces have
been the rule rather than the exception on most configurations. Broadly
speaking, there are two types of flutter involving control surfaces that
have been of concern. One is coupled flutter that involves an interaction
between control-surface motion and one or more other degrees of freedom
of the airplane. Adjusting the mass balance, for example 3 as directed
by theory has usually proved adequate to correct this coupled control-
surface flutter. However, even though the coupled flutter is eliminated,
another type of flutter involving only the degree of freedom of the con-
trol surface is frequently encountered. (See refs. 1 to 9-) This single-
degree-of-freedom control-surface flutter is generally not sensitive to
mass balance. However, like most single-degree-of-freedom types of
flutter, it is very sensitive to damping.
To determine the amount of damping necessary to prevent this single-
degree type of flutter, a number of experimental measurements have
recently been made at transonic speeds of the hinge moments on control
surfaces on swept, unswept, and delta wings. Presenting some preliminary
results of these investigations is the primary purpose of this paper.
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SYMBOLS
M5 aerodynamic hinge moment on control per unit deflec-
tion, positive trailing edge down, ft-lb/radian
q free-stream dynamic pressure, ib/sq ft
M ! area moment of aileron area rearward of and about
hinge line, ft3
C a mean geometric control chord_ ft
Cw mean geometric wing chord_ ft
tD
ka
angular frequency of oscillation, radians/sec
aileron reduced frequency, _Ca
2V
k w wing reduced frequency, mc--Xw
2V
V free-stream velocity, ft/sec
M Mach number
ft-lb
equivalent viscous-damping coefficient, radians/sec
control-surface deflection, positive trailing edge
down, radians
I - X1
M3'M4'Ns'N6 I,M4',Ns',N 6'
L
ratio of control chord to wing chord
flutter derivatives as used, for example, in ref-
erence i0
control span, ft
Real part of M 5
Ch5 = 2M'q
u
Ch[ :
Imaginary part of M 5
_4' qka
!@@ Q@ @ @0 • ••• ••_
@ @ • • • • •• • •
0• @•• • • • •• •• • • ••• •• ••• ••
DISCUSSION CF PARAMETERS
3
The hinge moment existing on an oscillating control is not necessarily
in phase with the control position and may be represented in complex nota-
tion by the relation
2M'q Ch5 + ikaCh8
o
The part Ch5 is the component in phase with the displacement and is
commonly called the inphase or spring moment, whereas kaCh_ is the c_n-
ponent that is 90° out of phase with displacement 3 that is, in phase with
the velocity. This part is called the quadrature or damping moment.
Negative values of Ch5 oppose the displacement and hence act as an
aerodynamic spring and result in an increase in the stiffness or an
increase in the natural frequency of a control surface. Likewise, nega-
tive values of Ch_ oppose the velocity and hence indicate stable damping;
that is, a free oscillation of a control surface won]d damp out. Positive
values of Ch6 then would indicate an unstable aerodynamic damping moment,
and an oscillation would increase in amplitude unless structural damping
or a control-surface damper provided damping moments greater than the
unstable aerodynamic moments. The value of equivalent viscous damping
required of the damper to overbalance the unstable aerodynamic moment is
given by the expression
qM'caCh_
C =
V
where C is the damper hinge moment in foot-pounds per angular velocity
required of the damper.
The data presented in this paper are in the form of the stability
coefficients Ch5 and Ch_; the expressions relating these values to
commonly used coefficients in flutter analysis are
Ch 5 =
Ca ka2 3= Ca2 2m 
M' (i- xl) '
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4 : :" :" : "'!'. "°oo _
• @ @ • • @0@ • @
0@ @@@ 0@ 000 • • @0 @@ • • • 00@ 00
and
Ch_ =
Ca2kalM4 Ca2kwLN6
M' (i - Xl) '
For the special case of a rectangular control hinged at the leading
edge
Ch_ = -2_ka2M3 '
(1 - Xl)2
and
--_2k M4'
2kwN 6 '
(i - xl)3
THEORETICAL CONSIDERATIONS
It may be of interest to see just what the theory predicts for the
control-surface damping moments throughout the transonic speed range.
Figure i shows theoretical values of Ch_ 3 the control damping coeffi-
cient, as a function of Mach number for three values of reduced frequency
based on control chord. These values have been obtained from refer-
ences i0; ii; and 12 for the subsonic; sonie_ and supersonic ranges.
All calculations are for a 20-percent-chord control hinged at its leading
edge. No two-dimensional coefficients are tabulated between M = 0.8
and 1.0; and hence the curves have been arbitrarily faired between the
subsonic and sonic theories. Theory shows that for the lower range of
reduced frequencies there is an abrupt loss in stable damping and that
the damping becomes unstable and remains unstable up to supersonic speeds.
Theory further indicates that at the higher reduced frequencies the
instability does not exist throughout the speed range. This has been
confirmed by experience inasmuch as it has generally been found that_
if it is possible to make the control-surface frequency high enoughj the
troubles have been cured or avoided. When an excessive penalty must be
paid to achieve a sufficiently high frequency, it has been necessary to
provide dampers to absorb the unstable aerodynamic damping that remains.
DISCUSSIONOFRESULTS
I
Q
Now that the predictions of the idealized theory have been considered,
some experimental results in the transonic speed range are discussed.
Experimental data are somewhat difficult to correlate because of non-
linearities that are encountered on control surfaces. One nonlinear
effect is illustrated in figure 2, which shows the experimental varia-
tion of the damping-moment coefficient Ch_ with the amplitude through
which the control is oscillating. These data are for an unswept, semi-
span model which was tested in the Langley _gh-speed 7- by 10-foot
tunnel at a Reynolds number of about 2 X lObbased on wing chord. The
30-percent-chord aileron had 20-percent aerodynamic balance and was not
sealed. It can be seen that at these Mach numbers there is a nonlinear
variation of damping-moment coefficient with amplitude. Further, for
this particular case the maximum unstable damping appears to occur at
some intermediate amplitude, and it is possible that, combined with some
level of structural damping, this could explain some of the limited-
amplitude flutter obtained in many cases of control-surface flutter.
These nonlinear variations with amplitude, however, make evaluations of
the effects of other parameters, such as Mach number, difficult.
in order to A__.-_ "_ _ _ _umb_ _ee_o+._ enngtant
amplitude of oscillation _as chosen near the maximum unstable damping,
around 2._ °, and the damping coefficients for this amplitude were plotted
as a function of Mach number. Figure 3 shows the experimentally deter-
mined damping-moment coefficients at angles of attack of 0° and 6° for
the same configuration, and the dashed curve indicates the values pre-
dicted by two-dLmensional subsonic, sonic, and supersonic theories. The
theoretical values presented in this figure as well as subsequent fig-
ures were calculated for a 20-percent-chord control hinged at the leading
edge. It can be seen from the curves through the data points that there
is an abrupt change from stable to unstable damping, and it has been
found that the Mach number at which this change takes place depends upon
many things, for example, airfoil thickness, angle of attack, or ampli-
tude of oscillation.
Of immediate importance to the transonic and supersonic airplane
designer is the magnitude of the maximum unstable damping that is likely
to be encountered over the entire Mach number range. It can be seen
that theory, which is the idealized two-dimensional theory, predicts
some of the trends but is inadequate in predicting the magnitudes. The
magnitude thus depends upon oscillation amplitude as was seen in fig-
ure 2 and, to a lesser extent, angle of attack as indicated in figure 3.
The aerodynamic profile of the control is known to have an effect
on aileron buzz, and figure _ shows the effect of control-surface
trailing-edge thickness on the damping-moment coefficient. Control
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surfaces with thickened trailing edges have been found in some cases to
be less susceptible to control-surface buzz, and the results of this
figure show that the control surface with a thickened trailing edge had
smaller unstable damping moments than the one with a sharp trailing edge.
Maximum values of Ch_ over an amplitude range of _+lO° at zero angle of
attack were used for this comparison.
Also of interest to the airplane designer is the aerodynamic inphase
or spring moment, and figure 5 shows the inphase moment coefficient plot-
ted against Mach number for the same two aileron profiles as in figure 4.
The coefficient Ch5 is the inphase aerodynamic moment coefficient, and
negative values, it may be recalled, indicate a stiffening or spring
effect. It is seen that Ch 5 is negative throughout the Mach number
range, and it is of interest in comparing the effect of the control pro-
file that the magnitudes of the inphase moments are increased when the
trailing edge is thickened, whereas the damping moments are decreased_
this would indicate a large reduction in the phase angle of the moment
vector as the trailing edge is thickened. Theory again follows the
general trend but predicts too large a magnitude. However, the theory
shown was for a two-dimensional control with a sealed gap and hinged at
the leading edge, whereas the control for this experiment permitted flow
through the gap and had 20-percent aerodynamic balance.
Swept-wing controls have also encountered control-surface instabili-
ties, and figure 6 presents the damping-moment coefficients on a swept-
rudder configuration having a 25-percent-chord control hinged at the
leading edge. These data were obtained from tests of a 5-percent-thick
semispan model in the Langley 8-foot transonic pressure tunnel. The data
are representative of oscillation amplitudes of +-lo, zero angle of attack,
and Reynolds numbers of about 6 × lO 6. These tests extended to super-
sonic speeds of about M = 1.12 and again indicate an abrupt loss in
damping, as in the case of the unswept configuration. The theory and
experiment are for a constant value of reduced frequency of 0.048 and
the experimental curve is obtained from cross plots of data. The theory
is based on the component flow Mach number perpendicular to the hinge
line. Although the trend of the instability seems to be predicted by
theory, the crossover points and the magnitudes are in error. The
unstable damping region obtained experimentally occurs at a slightly
higher Mach number than that for the unswept wing, although, as mentioned,
not as high as that predicted by the component flow Mach number theory.
The inphase hinge moments for the same configuration as in figure 6
are shown in figure 7, and a very good if not coincidental agreement is
noted with theory.
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Although control-surface instabilities on delta wings have not been
as documented as those for other types of configurations, experimental
hinge-moment measurements have been obtained for oscillating delta-wing
controls and the damplng-moment components are shown in figure 8. Some
data are shown for a full-span model tested in the Ames 6- by 6-foot
supersonic tunnel (ref. 13 and unpublished data) for a control with a
sharp trailing edge. These data were obtained at zero anglerof attack,
oscillation amplitudes of _l °, a Re3_olds number of 2.4 x lO ° based on
wing mean aerodynamic chord, and reduced frequencies up to 0.03. Addi-
tional data are shown for a rocket model launched by the Langley Pilotless
Aircraft Research Division at zero angle of attack with a full-span
constant-chord unbalanced control having a thickened trailing edge.
Reduced frequency for this test was about 0.0_ and Reynolds number based
on the mean wing chord was about 3 X lO 6. The damping-moment coefficients
for the delta wing also show a loss in stable damping at transonic speeds,
and stable damping appears to be regained at supersonic speeds, depending
upon the amplitude of oscillation. The rocket model encountered control-
surface flutter in the range of Mach numbers indicated by the hatched
area and appeared to become stable above a Mach number of about 1.3.
The control remained stable up to the maximum speed of the flight around
M = 2.0, although a failure in the oscillating mechanism precluded
obtaining damping coefficients in this range. Stiffness coeffi-
cients C_ were obtained for the same corLfigurations and are shown in
figure 9- The measured stiffness coefficients iucrease as sonic speeds
are approached and decrease at supersonic speeds in much the manner that
theory predicts. The theory is for a sealed gap, whereas the tunnel
experiments permitted some flow.
CONCLUDING
The results of the investigations thus far have indicated that the
airplane designer has several measures at his disposal for solving the
problem of single-degree-of-freedom control-surface flutter. Aerodynamic
modifications appear to offer some promise but require considerably more
study to establish trends that will be practical for design. Structural
modifications that increase the stiffness and hence frequency of the
control appear to be straightforward, although there are limits to the
amount by which the control-surface frequency can be increased before
excessive weight penalties or other complications are encountered. The
addition of control-surface dampers appears to offer another means of
eliminating the control-surface instabilities and some of the data of
this paper may be useful for this purpose. Of course, each basically
different configuration will require separate study. It must be pointed
out that, if the control-surface frequency is low, the size of the damper
required to overcome the large aerodynamic unstable damping encountered
.
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at the low reduced frequencies may impose restrictions on the rate at
which the pilot may control the airplane. Hence, it appears that some
kind of a compromise may be necessary between control-surface stiffness
and damper size.
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THEORETICAL DAMPING COEFE AS FUNCTION OF MACH NO.
AND REDUCED FREQUENCY
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time variation of the angle of attack and the _ fluctuating load can be
represented by rotating vectors shown in the left part of the figure, it
is possible to resolve the fluctuating load into two parts - a cc_ponent
in phase with airfoil angular position and a component out of phase with
angular position. The in-phase component corresporxls to the stiffness
terms in the flutter equations, whereas the out-of-phase component cor-
responds to the damping terms, which are, of course, in phase with the
airfoil angular velocity.
In figure 3, data on the fluctuating loads for NACA 65A-series
airfoils of 3 different thickness ratios are presented. The in-phase
component shown in the upper part of figure 3 has been defined in fig-
ure 2. The out-of-phase componentj also defined in figure 2, is shown
in the lower part of figure 3- The dashed theoretical curves were derived
fr_n a report by Neumark (ref. 9) and are for M = 0.8. These data are
for Mach numbers equal to or less than the _ch number for lift diver-
gence and pertain to a reduced frequency of 0.06. It is apparent that
the experimental trends are predicted by theory for both the in-phase
and out-of-phase components of the fluctuating loads. The agreement
between theory and experiment is not surprising in view of the flow
conditions which existed. Neither shock waves nor separation occurred,
with the result that the pressure fluctuations were of a sinusoidal
nature.
When the Mach number is increased above that for lift divergence,
however, the flow field is of an entirely different nature, and large
changes in the fluctuating-load distributions are to be expected. This
point is illustrated in figure 4, where it is observed that the fluc-
tuating loads are altered substantially over the rear portion of the
airfoils where shock waves are known to occur. In the case of the
12-percent- and 8-percent-thick airfoils, these alterations appear as
an actual change in the direction of the loading. The magnitude of the
alteration is comparable to the large loadings in the vicinity of the
leading edge of the airfoil.
A similar comparison of results for Mach numbers less than and
greater than lift divergence are shown in figures 5(a) and 5(b) 3 respec-
tively, for higher reduced frequencies than in figures 3 and 4.
There is then, the not altogether surprising indication that shock
waves strongly influence the distribution of fluctuating loads on air-
foils at supercritical speeds. It is well known, however, that the loca-
tion of shock waves on airfoils is strongly dependent upon the location
of the maximum thickness. It seems appropriate, therefore, to cc_pare
the fluctuating loads on airfoils having the same thickness ratios but
different maximum-thickness positions. For this purpose, figures 6(a)
and 6(b) are presented which show the fluctuating loads on three
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A STUDY OF THE _;bC_dATINGiLOADS ON OSCILLATING
AIRFOILS IN SUPERCRITICAL FLOW
By John A. Wyss
Ames Aeronautical Laboratory
This paper is concerned with the air loads acting on two-dimensional
airfoils which were driven in harmonic motion at subcritical and super-
critical speeds. An increase in Mach number so that the flow becomes
supercritical is known to have large effects on steady-state aerodynamic
characteristics. That large effects also occur to the nonsteady aero-
dynamic characteristics has also been shown in previously published papers
(e.g._ refs. l, 2, and 3). In order to achieve a better understanding of
these effects, a study has been made of the chordwise distribution of the
fluctuating loads. Some of the typical results of this study will be
shown by first comparing experimental and theoretical results for flow
conditions where the theory would be expected to apply. In this manner,
some indication of the validity of the experimental measuring technique
can be indicated. Results will then be shown for flow conditions where
shock waves have a strong influence on the results.
Figure i shows a diagrammatic sketch of the drive system. The air-
foil was mounted between two walls which formed a two-dimensional
channel. The walls "_ere about 16 feet high and 20 feet long. The chord
of the airfoil was 2 feet. The drive rod and sector arm attached to the
airfoil were contained in one of the walls which formed the two-dimensional
channel. The airfoils were driven in sinusoidal motion in pitch about
the quarter-chord line at frequencies up to 40 cycles per second and at
an amplitude of +l °. Reynolds number varied from 3 × 106 to 8 × lO6.
Since the data were obtained in a closed-throat wind tunnel# it was
necessary to disregard results near the tunnel resonant frequency in
order to minimize the possible effects due to the presence of the wind-
tunnel floor and ceiling (refs. 4, 5, and 6).
The data were obtained by means of pressure cells (see refs. 7 and 8)
mounted flush with the upper and lower surfaces of the airfoils at several
chord stations. Figure 2 illustrates the method of analysis for one chord
station. The dashed line indicates the sinusoidal time variation of angle
of sttack; the solid line. the time variation of the loading coefficient_
representing the fundamental component obtained from an harmonic analysis.
It may be noted that the pressure coefficient represents the pressure
difference between the upper and lower surfaces at each chord station
and, therefore, represents the fluctuating load at each chord station.
The small arrow over the symbol indicates that it pertains only to the
fluctuating part of the air loa_il. By assuming tha_ the
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sy_netrlcal airfoils oscillating about 0 ° angle of attack. Specifically,
the in-phase and out-of-phase components are shoe for 8-percent-thick
airfoils with their maximnm thickness at 16, 42, and 65 percent of the
chord. The circular symbols are for a low reduced frequency of 0.05
corresponding to an actual frequency of 8 cycles per second. The square
symbols are for the high reduced frequency of 0.25 corresponding to an
actual frequency of about 40 cycles per second. The solid lines repre-
sent the static loading on the airfoils at the angle of attack, namely 1°,
corresponding to the maximum amplitude of oscillation. It is observed
again that the fluctuating loads tend to peak in the region where shock
waves are known to occur. Also, high pressure peaks are observed to
occur at the leading edge of the airfoils having smaller leading-edge
radii. Evidently then, both leading-edge radius and maximum-thlckness
location on an airfoil significantly influence the distribution of the
fluctuating loads at low and high reduced frequencies.
Another interesting feature of the data is the apparent relationship
between static and fluctuating loads. For example, it is observed that
the In-phase component of fluctuating load has much the same trend with
chordwise position on the airfoil as the static load. Also, the static-
load distribution provides an indication of the location of the peak
values of the out-of-phase component. These observations suggest the
possibility that the fluctuating loads can be related to the static lo_ds.
It Is also of interest to indicate the chordwise reglons which con-
tribute to a destabilizing damping moment, as illustrated in figure 7.
The chordwise region which contributes a destabilizing damping moment is
indicated by the shaded areas. Whether the moment is stable or unstable
is determined not only by the sign of the fluctuating load, but also its
fore-and-aft location with respect to the axis of rotation. As the
point of maximum thickness is moved aft, the magnitude of the unstable
fluctuating loads decreases. It is obvious, therefore, that shock waves
have a large effect on the damplmg.
The results may be summarized as follows:
At Mach numbers less thau that for lift divergence, the chordwise
distribution of the fluctuating loads on the oscillating airfoils were
indicated by the theory.
At Mach numbers greater than that for lift divergence, the general
chordwlse trends of the fluctuating loads were indicated by static-load
distributions. Also# the chordwise location of the shock waves had a
large effect on the aerodynamic damping.
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FLUTI_R CHARACTERISTICS OF SWEPT WINGS
AT TRANSONIC SPEEDS
By Laurence K. Loftin, Jr.
Langley Aeronautical Laboratory
SUMMARY
P
An experimental study of the flutter characteristics of swept
wings is being made in the Langley transonic blowdown tunnel. The
purpose of this work is to determine the important effects of some of
the plan-form variables and to provide the basis for a means of flutter
prediction at transonic speeds. The investigations have consisted of
studies of the effects of variations in sweepback angle, aspect ratio,
and taper ratio through a Mach number range extending from about 0.8
to 1.35. The investigations have shown that although some further
work is no doubt required, the basic effects of these plan-form
variables are fairly well defined. Variations in the center-of-
gravity position have been shown to have an important effect on
flutter at transonic speeds. A method _f a,_a_ysls has been develoT_ed
which accounts for the effect of center-of-gravity position and which
indicates the important aerodynamic parameters influencing flutter of
a certain class of wings at transonic speeds.
INTRODUCTION
An experimental study of the flutter characteristics of swept
wings is being made in the Langley transonic blowdown tunnel. The
purpose of this work is to determine the important effects of s_ne of
the plan-form variables and to provide the basis for a means of flutter
prediction at transonic speeds. The investigations have consisted of
studies of the effects of variations in sweepback angle, aspect ratio,
and taper ratio through a M_ch number range extending from about 0.8
to 1.35. The variations in the individual plan-form parameters were
chosen with a view toward bracketing the range of practical interest
and consisted of sweepback angles from 0° to 60 °, aspect ratios from
2.0 to 6.0, and taper ratios from 1.O to 0.2. The effects of varia-
tions in certain wing mass parameters have also been briefly studied.
Some of the results of these investigations have been reported (refs. l,
2, and 3), whereas other more recent data are not yet generally
available. The present paper will attempt to summarize and correlate
some of the trends shown by the results. The experimental techniques
• • @00 000i!i i..i:i:i::!:,
employed in the investigations are fully described in references 2 and
3 and will not be discussed here.
SYMBOLS
A
A
X
M
VExp
VRE_
VEXP
VRKF'
%2
c_ 1
x
C
C
Subs cripts :
CG
ac
M
.8
N
sweep angle of wing quarter-chord line
wing aerodynamic aspect ratio
wing taper ratio
Mach number
ratio of experimental to calculated flutter speeds
ratio of experimental to modified calculated flutter speed_
ratio of measured coupled second bending frequency to
first torsion frequency
lift-curve slope
distance along wing chord measured from leading edge,
fraction of chord
wing chord length normal to quarter-chord line
center-of-gravity position
aerodynamic-center position
Mach number
stream Mach number of 0.8
direction normal to quarter-chord line
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METHOD OF ANALYSIS
Before discussing the trends shown by the results for the various
wings, a few remarks regarding the method of presentation and the
definition of flutter speed may be appropriate. Some typical results
for a swept wing are shown in figure 1. A definition of the exact plan
form is not important in this case. The Mach number is plotted along
the abscissa and the ratio of the experimental to a calculated, or
reference, flutter speed is on the ordinate. The reference flutter
speeds were determined from a Rayleigh type of analysis in which the
flutter mode was represented by the superposition of the uncoupled
modes of a cantilever beam and in which the aerodynamic coefficients
were two-dimensional, incompressible values taken normal to the quarter-
chord line (ref. 4). The necessity of employing such a normalizing
factor as VRE F in the presentation of experimental flutter results
seems unavoidable because of the large number of mass, elastic, geo-
metric, and aerodynamic variables involved. Thus, by use of a reference
flutter speed, %21e mass and stiffness properties of the models and the
air density, all of which have a profound effect on the actual flutter
speed, do not appear explicitly in the comparison of the various wings
but are implicit in the values of VRE F. Curves of VEXP against
vl_'
Mach number, therefore, show the departure of the actual flutter speed
from a known reference level as a function of Mach number.
In many of our tests, difficulty is experienced in selecting a
unique boundary which separates a condition of flutter from a condition
of no flutter. The data points through which the solid line is faired
in figure 1 indicate a condition of continuous flutter. The cross-
hatched area represents a region of doubt in which the behavior of the
model is characterized by random oscillations and intermittent bursts
of flutter. As can be seen, the region of intermittent flutter is
primarily associated with the supersonic range, although this is not
always the case. The significance of this region of doubt and the
extent to which the bursts of intermittent flutter may be due to
excitation by tunnel turbulence in a region of low, but not zero, aero-
dynamic damping are open to some question. In any case, the flutter
boundaries to be presented in succeeding figures correspond to the
condition of continuous flutter as illustrated by the solid line in
figure 1.
RESULTS AND DISCUSSION
The results of the study of the effect of varying sweep ang_ _e
shown in figure 2 where _e flutter-speed ratio VEXP is plotted against
VREF
4.........." .-. .'".... ........
Mach number. The wings had an aspect ratio of 4.03 a taper ratio of
0.6, and were about 4 percent thick in the streamwise direction. The
sweep angles are seen to be 0 °, 30 °, 45 ° , 52.5 ° , and 60 ° . In the Mach
number range below about 0.9, the agreement between experimental and
calculated flutter speeds is very good, in spite of the oversimplified
representation of the aerodynamic forces in the calculations. As indi-
cated in the key of the figure, only two modes were employed in the
calculations for the wings of 0 ° and 30 ° sweep. These were the
uncoupled first torsion and first bending modes of a uniform cantilever
beam. In addition to these modes, the second uncoupled bending mode
was employed in the calculations for the other wings. The necessity
for employing a third mode was found to be closely connected with the
value of the ratio of second bending to first torsion frequency. The
frequencies forming this ratio were the measured coupled values. The
third mode appeared to be necessary in order to obtain good agreement
between calculated and experimental flutter speeds when the ratio of
second bending to first torsion frequency was in the vicinity of, or
below, 1.0.
For Mach numbers greater than about 0.9, the value of the flutter-
speed ratio increases with Mach number by an amount which depends on
the sweep angle. Very little increase is noted for the 60 ° swept wing,
with progressively more increase accompanying decreases in the sweep
angle from 60 ° to 30 °. An inversion in this trend is noted in the
curve for the unswept wing which falls below the curves for the 30 ° and
45 ° swept wings. No entirely convincing reason for this behavior is
apparent at the present time, although one possibility suggests itself.
Difficulties with static divergence were experienced with some of the
unswept-wing modes. These divergent tendencies may have, in some way,
obscured the true zero-angle-of-attack flutter boundary. In any case,
investigations are now being made of wings of about 10 ° sweepback angle
in an effort to clarify these results.
Some effects of aspect ratio are shown in figure 3 in which the
flutter-speed ratio VREF is again plotted as a function of _ch number.
The data shown are for 45 ° sweptback wings having aspect ratios of 23
4, and 6. The taper ratio is 0.6 and the airfoils are 4 percent thick.
The calculated and experimental flutter speeds agree quite well at
subsonic speeds for the wings having aspect ratios of 4 and 6. The
calculated flutter speeds for the wing of aspect ratio 2 are_ however,
considerably lower than the experimental values at subsonic Fach numbers.
The discrepancy between experimental and calculated flutter speeds in
this case is perhaps due to the inadequacy of the two-dimensional aero-
dynamic coefficients employed in the calculation. At supersonic speeds,
all three wings are characterized by values of the flutter-speed ratio
which increased with increasing Fach number. The shape of the curves
is, however, somewhat different for the three wings.
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Some indication of the effect of taper ratio is provided in
figure 4 in which the flutter-speed ratio is plotted against Mach
number for 45 ° sweptback wings having taper ratios of 1.0, 0.6, and
0.2. The aspect ratio _as 4.0 for all three wings and the airfoils
were 4 percent thick. At subsonic _ch numbers, the agreement between
calculated and experimental flutter speeds is seen to be good for the
wings with taper ratios of 0.6 and 1.0. The calculations for the wing
with a taper ratio of 0.2_ ho_ever_ give a flutter speed which is too
low by about 20 percent. The flutter mode for these wings was charac-
terized by high frequencies, between the still-air coupled second
bending and torsion values, with large tip deflections. The first and
second uncoupled bending and first uncoupled torsion mode shapes of a
beam with a taper ratio of 0.2 were employed in the calculations. The
flutter mode shape, however, may not have been adequately represented.
Also 3 the still-air vibration modes for the wings having a taper ratio
of 0.2 were highly coupled, which raises some question as to the approx-
imate method employed for deducing the uncoupled torsion frequency from
the coupled values. Consequently, the subsonic level of the
VEXp
curve for the plan form with a taper ratio of 0.2 is not too well
VREF
VEXp
established. The data show, h_¢ever, that the VREF curve tends to
rise more steeply with increasing Mach number as the taper ratio
decreases.
The results presented in the preceding three figures all show an
VE_
increase in the flutter-speed ratio _ as the Mach number increases
VREF
into the supersonic range. The fact that the agreement between calcu-
lated and experimental flutter speeds becames poorer as the Mach number
increases is not surprising because no account was taken in the VREF
calculations of the effects of compressibility on the aerodynamic char-
acteristics. The changes in aerodynamic characteristics with M_ch
number would seem to be primarily a function of wing-plan-form shape.
An important question arises, however, as to whether the curves of
VE_
VREF against Mach number are a function only of wing plan form or
whether these curves may be altered by variations in some of the mass
and elastic properties of the wing which are hidden in the VRE F calcu-
lation. Some understanding of the important aerodynamic parameters
affecting the flutter speed my be obtained from the simple flutter
formula given by Theodorsen and Garrick in reference _. This empirical
formula is based on the results of low-speed studies of tu_o-dlmensional
wing flutter and is applicable to cases in which the ratio of first
bending to first torsion frequency is small. A consideration of only
those elements of the formula which contain the aerodynamic character-
istics of the wing indicates the following important proportionality:
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where the symbols have the following meaning:
V flutter speed
lift-curve slope
(x) o section center-of-gravity position
section aerodynamic-center position
The assumption is now made that the departure of the curves of VEXP
from 1.0 as the Mach number increases is a function only of the well-
known rearward shift in the aerodynamic center and reduction in lift-
curve slope. On the basis of this assumption and with the use of the
relation (i)_ the following expression for the flutter-speed ratio is
obtained:
VEXP
VREF
(2)
The subscript .8 refers to a Mach number of 0.8 for which the flutter-
speed ratio VEXP is usually about 1.0 and the corresponding aerodynamic
VREF
center is near the 25-percent-chord station assumed in the VRE F calcu-
lation. The subscript M refers to some _ach number higher than 0.8.
Equation (2) clearly shows that the reduction in lift-curve slope and
rearward movement of the aerodynamic center which accompany an increase
in Mach number beyond 1.0 should cause an increase in the flutter-speed
ratio VREF. Equation (2) also shows that the magnitude of the effect
of rearward movements in the aerodynamic center on the flutter-speed
ratio depends upon the position of the section center of gravity.
In order to obtain some indication of the correctness of these
ideas 3 a short experimental investigation was made of three wings having
_V
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identical plan forms but different section center-of-gravity positions.
The wings had a sweep angle of 45 °, an aspect ratio of 4.0, a taper
ratio of 0.6, and 4-percent-thick airfoil sections. The wings had
section center-of-gravity positions of 54, A5, and 57 percent chord.
The results of the investigation are shown in figure 5 in which the
flutter-speed ratio VREF is plotted as a function of M_ch number.
For any given supersonic Mach number, the value of VEXP is seen to
VREF
increase with forward movements of the center-of-gravity position. In
fact, the wing with the most forward center-of-gravity position could
not be fluttered at all, within the operating Emits of the tunnel,
above a Mach number of approximately 1.2. No-flutter points for this
wing are indicated by solid symbols. The higher values of VEXP for
VREF
the more foz"ward center-of-gravity locations are entirely consistent
with equation (2).
Equation (2) suggests certain possibilities for generalizing the
data of figure 5 to include other center-of-gravity positions. The
values of the lift-curve-slope ratio and the aerodynamlc-center positions
appearing in relation (1) are unknown and must be found. One possibility
is to use overall wing llft-curve slopes and aerodynamic-center positions
as determined from static aerodynamic tests of rigid wings. Such a pro-
cedure does not yield good results, however, because the deflection of
the wing is not considered. Another possibility is to regard again the
aerodynamic parameters appearing in equation (2) as lumped or integrated
values and to determine these values with the use of the flutter data of
figure 5 and equation (2). This procedure has been followed herein.
The aerodynamlc-center position and the llft-curve-slope ratio at any
given Mach number are assumed to be a function only of the plan form
and, hence, would be the same for the three 45 ° swept wings having
different center-of-gravlty positions. This assumption implies that
the flutter mode shapes for the three wings are not markedly different.
Equation (2) indicates that the difference in the curves of VEXP at
VREF
supersonic speeds for the three _ings of figure 5 is expressed by the
difference in value of the ratio
• O0 00 • 000 • 000 O@
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whereas the llft-curve-slope ratio
has the same effect on all three wings. On the basis of this synthesis
of the effects of lift-curve slope and aerodynamic center, the faired
curves of figure 5 for the three wings were cross-plotted in such a way
as to determine the variation of the lumped, or effective, values of
the aerodynamic-center position and lift-curve-slope ratio with Mach
number. The resulting aerodynamlc-center position is shown as a
function of _ch number normal to the quarter-chord llne in figure 6.
The aerodynamic center is seen to shift from the 0.25c station to the
0.34c station as the normal Mach number varies from 0.55 to 0-95. These
values appear quite reasonable. The variation of the lift-curve-slope
ratio (CI_)M with Math number normal to the quarter-chord line is
shown in figure 7. The ratio of the lift-curve slopes at stream Mach
numbers of 0.9 and 1.2, as determined from some unpublished static
aerodynamic tests of a rigid 45 ° sweptback aspect-ratio-4.0 wing, is
shown by the symbol in this figure.
An indication of how well the deduced variations of aerodynamic-
center position and lift-curve ratio describe the results obtained for
the wings with different center-of-gravity positions is provided in
figure 8. In this figure, the ratio VEXP is plotted against stream
VRE F '
Mach number for the wings with different center-of-gravlty positions•
The values of VRE F ' were determined from equation (2) by letting
VREF'
VREF
x _ x M
(3)
x
and using the values of (_)ac and as given in figures 6(c )M
and 7. The correlation is excellent, with no systematic trends evident
for the wings with different center-of-gravity positions.
The variations of aerodynamlc-center position and lift-curve-slope
ratio shown in figures 6 and 7, respectively, were determined from
flutter tests of a particular wing plan form. Application of the results
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to an arbitrary wing plan form is not 3 in general, permissible. For
the restricted case in which the sweep angle is the only plan-form
parameter varied, however, one might expect the values of aerodynamic-
center position and lift-curve-slope ratio for one sweep angle to be
roughly applicable to other sweep angles on the basis of equal Mach
numbers normal to the quarter-chord line. On the basis of this rather
crude assumption, the aerodynamic-center position and lift-curve-slope
data of figures 6 and 7, together with the formula (3), have been used
in an attempt to correlate the swept-wing data of figure 2. The results
are presented in figure 9 in the form VEXP as a function of Mach
VREF'
number normal to the quarter-chord line. Also included in figure 9 are
the data for the 45 ° swept wings with center-of-gravity positions of 34
and 57 percent chord. The unswept-wing data of figure 2 are not
included. For normal _ch numbers less than 0.7, the correlation is
within the scatter of the data for individual wings. At higher _ch
numbers, the correlation is not quite so good_ with the maximum dis-
parity between the data points and the line VEXP - 1.0 being about
VREF'
15 percent.
The correlation of figure 9 indicates that, at least for the class
of wings considered, the aerodynamic center and lift-curve slope are
the important aerodynamic characteristics controlling the variation
vE_
of _ with Mach number. The fact that the correlation, figure 9,
VREF
was achieved without any consideration of the effect of compressibility
on aerodynamic lag is perhaps also of some significance. The formula,
equation (3), together with the values of aerodynamic-center position
and llft-curve-slope ratio given in figures 6 and 7, respectively, may
perhaps prove of some use in estimating the effect of variations in
center-of-gravity position on the flutter speed of wing plan forms of
the same general class as those considered. The generality of the
method, in an absolute sense, is however difficult to access.
CONCLUDING REMARKS
w
Transonic flutter investigations have been made of swept wings
having different sweep angles, aspect ratios, and taper ratios.
Although some further work is no doubt required, the basic effects of
these plan-form variables seem fairly well defined. Variations in the
section center-of-gravity position have been shown to have an important
effect on flutter at transonic speeds. A method of analysis has been
P
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developed which accounts for the effect of center-of-gravity position
and which indicates the important aerodynamic parameters influencing
flutter of a certain class of wings at transonic speeds.
REFERENCES
i. Bursnall, William J. : Initial Flutter Tests in the Langley Transonic
Blowdo_ Tunnel and Comparison With Free-Flight Flutter Results.
NACA RM L52H_14, 1953.
2. Jones_ George W. 3 Jr., and DuBose, Hugh C.: Investigation of Wing
Flutter at Transonic Speeds for Six Systematically Varied Wing
Plan Forms. NACA RM L53GIOa, 1953.
3. l_nd_ Norman S._ and Abbott, Frank T., Jr.: Transonic-Flutter
Investigation of a Fighter-Airplane Wing Model and Comparison
With a Systematic Plan-Form Series. NACA RM L55BI6, 1955.
4. Barmby, J. G. 3 Cunningham_ H. J._ and Garrick_ I. E.:
Effects of Sweep on the Flutter of Cantilever Wings.
Rep. 1014, 1951. (Supersedes NACA TN 2121.)
Study of
NACA
5- Theodorsen_ Theodore_ and Garrick, I. E.: Mechanism of Flutter - A
Theoretical and Experimental Investigation of the Flutter Problem.
NACA Rep. 685, 1940.
....:..-- ... .. . : • ..: ..
:_ o . o .°° .. °.
°.• .° .- ..°°• : : "" ::•
00 • ° 000 00 000 O•
7_I
|.8 --
1.6
1.4
VEXP
VREF 1.2
1.0
.8
_1
0 .8
FLUTTER BOUNDARIES
CONTINUOUS FLUTTER \_
o° ._\\" FLUTTER
I I I
1.0 1.2 1.4
M
Figure i
12
1.8
1.6
1.4
VEXp
VRI_t,
1.2
1.0
.8
0
EFFECT OF SWEEP
A= 4.0; X=0.6
A, DEG (_h2//_, MODES A.DEG o
o 0 1.76 2 _-30
<>45 1.05 3 /_ ,,=/v ^
A52.5 .79 3 n / _'*-_:(/ O0 v
V60 52 3_/_ o/ o
o o o
_ " "-60
V
L I I I I
.8 i.O M 1.2 1.4
Figure 2
vEX.._E
VREF
1.8
i.6
1.4
1.2
1.0
EFFECT OF ASPECT RATIO
A" 45°; ).=0.6
n
(Uh2
A (UaI MODES _,o Z_
o 2 1.96 2 A .,,o"o/_
o 4 1.05 3 2_/" ._/ r-,Oa
/o/
o /o/o
_ o /,--4 _,
a 6
o°_ o
.8
LI I I I
0 .8 1.0 1.2 1.4
M
Figure 3
OQ @@@ @ @@@ _ @@ • •• • • • • •@ • • • •••• • •@•
• . .. . : "'::
_lt • @•• •
,@ ,, • . ,,, ,, ,,, ,, 1_;
VEXP
VREF
2.0
1.8
1.6
1.4
1.2
1.0
EFFECT OF TAPER
A= 45" i A=4.0
X
_ o /q_.2 n
/
/° ° ,Xo
o/ /;oO
a .6 1.05 :5
o 1.0 .64 5
.8
/ I I I
0 .8 1.0 M 1.2 1.4
Fi_e4
VEXP
VREF
1.8
1.6
1.4
L2
ID
EFFECT OFCENTER OF GRAVITY
A-45_ A.4.0; _=0.6
C.G. •
o 0.54.c 'l °
° .45(: F FLUTTER ,
0 .57c J • / o
• .34c NO FLUTTER /d" °
/_ o/ °Ojo-. y
0 0
o o
o
8
L i
.8 I I f1.0 12. 1.4
M
Figure5
14
•""i:" ":." • • :': """"'"'"'".•
• • • • • •@• • •
• • ••• •@ @•@ • • @• ••
AERODYNAMIC- CENTER POSITION
A-45°; A-4.0; ),-0.6
.35
.33
.31
({)oc
.29
.27
.25
0.5
.I I I I I
.6 .7 .8 .9
MN
Figure 6
I
I.O
(CLG!8
(CLQ)M
1.6
1=4
1.2
I.C
L. t I
0 .5 .6
CLc ! RATIO
A,45"i A=4.0; X,0.6
IC
I I i
.7 .8 .9
MN
Figure 7
VALUE
,,J
1.0
22V
_j
CENTER-OF-GRAVITY CORRELATION
A=45"_ A=4.0; ),--0.6
L8-
1.6
L4
VEXP
VREF' 1.2
1.0
.8
L
0
C.G.
o 0.54C
u A5c
o .57C
0
o o
8 -'-_- ',_ ,_- D r,
I I I I
,8 1.0 1.2 1.4
M
Figure 8
SWEPT-WING CORRELATION
A = 4.0; ), • 0.6
1.2 ¸
VEXP
1.0
VREF'
.8
0
LI
.4
A, DEG
o 50
o 45
o 52.5
"- 60
v 45
=,. 45
V
=, D._
V 0 D 0
,=_ % %o ,," g
,, o®%o0%0 o
o
C.G.AT 0.45C
C.G. AT 0.34C
C.G. AT 0.57C
I I
.6 .8
MN
Figure 9
I
1.0
EXPERIMENTAL FLU_ RESULTS FOR CANTIL_-WING MODELS
AT MACH NUMBERS UP TO 5.0
By W. J. Tuovila and John Locke McCarty
Langley Aeronautical Laboratory
SUMMARY
Experimental flutter tests have been made at Mach numbers up to 3.0
using cantilever-wing models with 0° to 60 ° sweepback and 45 ° and 60 °
delta-wing models. The effects of high Mach number and center-of-gravity
location on the flutter trends are indicated. For wings with the center-
of-gravity location ahead of the midchord and with small sweep angles,
the stiffness requirements to prevent flutter at a given altitude are
determined essentially at transonic speeds. For wings with rearward
center-of-gravity locations and high sweep angles, the stiffness require-
ments continue to increase with increase in Math number. Shifting the
center-of-gravity location forward reduces the stiffness requirements to
prevent flutter, particularly for wings of low sweep angle.
INTRODUCTION
One of the questions that arises when aircraft are being designed
for high Mach number flight is whether or not there is still a serious
flutter problem after the transonic range has been traversed. The trends
as a function of Mach number have been fairly well defined for various
configurations at transonic and lo'w supersonic speeds. These data have
been made available from free-flight rocket-model and wlnd-tunnel tests
as indicated in references 1 to 5-
The available flutter data at the higher supersonic Mach numbers are
very limited, especially for wing plan forms of current interest. Sys-
tematic wind-tunnel tests of two-dimensional wings at Mach numbers of 1.5
and 1.72 are reported in references 6 and 7, respectively, and c_nparisons
with two-dimensional theory are given. Flutter data in free flight at
Mach numbers up to approximately 2.1 have come mainly from isolated
rocket-model tests, such as those described in references 8, 9, and 10,
and pertain to 60 ° delta-wing plan forms.
The present paper extends the range of trend studies on cantilever-
swept-wing and delta-wing plan forms up to a Mach number of 3.0. Part of
these tests were made with the simple untapered models of reference 5 and
!:_!!:i::i.i:i._°:"_:_:"i:_
thus represent an extension of that work to higher Mach numbers. In
addition, some data are presented on the effect of center-of-gravity
location and taper on flutter at supersonic speeds.
SYMBOLS
A
a
b
C
f
fl, f2,f 3
ff
f_
M
q
t
V
A
h
_o
P
_k
aspect ratio
speed of sound
wing semichord measured parallel to airstream
chord
frequency
first three coupled frequencies
flutter frequency
assumed torsional frequency
semispan
Mach number
dynamic pressure referred to speed of sound
thickness of wing
free-streamvelocity
sweepback angle
taper ratio
mass-density parameter
reference value of
density of air
wing torsional circular frequency
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TEST APPARATUS AND MODELS
The flutter studies were made in the Langley supersonic flutter
apparatus. This tunnel is an intermittent flow blowdown tunnel which
operates at stagnation pressures up to about 80 pounds per square inch
absolute using dried air. The testing technique used is described in
reference ll.
The wing models that were tested are illustrated in figure 1. The
untapered swept-wing models were cut from sheet metal and had the leading
and trailing edge beveled 1/4 inch to form a hexagonal section shape.
The chords of all these models were 2 inches measured perpendicular to
the leading edge, and the thicknesses were all 0.041 inch. The 45 °
and 60 ° delta-wing models were cut from 0.034-inch sheet magnesium and
the leading edges were beveled 1/8 inch. The tapered-wing models were
made from wood and magnesium. The root chord for the models with taper
ratio (_) of 0.2 was 5 inches and for the models with taper ratio of 0.4
was 4.25 inches. The sweepback, aspect ratio, thickness ratio measured
parallel to the airstream, and taper ratio of the models are given in the
figure.
METHOD OF PRESENTING RESULTS
Some wing parameters and also the test conditions at flutter are
presented in table I. The first three coupled frequencies and the fl_tter
frequencies are listed along with the w_ng weights and air densities at
flutter. The assumed torsional frequency is designated as f_.
The results of these tests are presented in the form of a stiffness-
altitude parameter b--_-_II---_._(The symbol _ is the ratio of the mass of
a |_o
the wing to the mass of a cylinder of air of a diameter equal to the wing
chord. The values of _ are based on the semichord b measured perpendi-
cular to the leading edge for the untapered swept models; for the delta
wings the mass of air is based on a cone with base parallel to the air-
stream and diameter equal to the root chord; for the tapered models the
mass of air is based on a truncated cone with base perpendicular to the
midchord line and base diameter equal to the wing chord where the mid-
chord line intersects the root.) Part of this parameter represents the
wing torsional stiffness and part refers to the altitude, hence, the name
stiffness-altitude parameter. The ba_ part may be thought of as repre-
senting the wing torsional stiffness, and the speed of sound a and the
mass-density parameter _ depend on the altitude. The stiffness-altitude
4parameter is effectively the torsional stiffness divided by q referred
to speed of sound. It depends only upon the physical properties of the
wing- in particular, the torsional stiffness -- and upon the atmosphere
in which it operates. Its value increases as the torsional stiffness
increases and as the altitude increases.
RESULTS AND DISCUSSION
Untapered Swept Models
Figure 2 presents the results of the tests with the untapered swept
wings. The altitude-stiffness parameter is plotted against test Mach
number and the results are referred to a nominal value of _ = 50 in
order to eliminate the effect of differences in _ caused by flutter
testing at varying densities. The flutter curves are the boundary between
the flutter region, which is below the curves, and the no-flutter region
above the curves. When the stiffness-altitude parameter for a particular
wing lies above its flutter curve, the wing is free of flutter and thus
the stiffness-altitude parameter may serve as a flutter criterion. For
example, the dashed line represents a value of stlffness-altitude param-
eter which is sufficient to prevent flutter at all Mach numbers up to 5.0
for the 15 ° swept model. It is of interest to note the two different
types of flutter curves. The curves for the 15 ° and 50° swept models
rise to a maximum value at a Mach number of 1.2 and then drop off as the
Mach number increases further, whereas the curves for the 45 ° and 60 °
models continue to rise as the Mach number increases. If the 15 ° and 30 °
swept models were designed to be free of flutter at Mach number 1.2, they
would also be free of flutter at the higher Mach numbers at least up
to 5.0. The 50 ° model would be near the flutter border, however, at the
higher Mach numbers. If the 45 ° and 60 ° swept models are free of flutter
up to a particular Mach number, any increase in Mach number requires an
increase in stiffness or an increase in altitude. Subsonic points have
been included to complete the flutter curves through the transonic range.
The curves are dashed because the interpolations through the transonic
range are based on previous flutter experience rather than on experiments
of the present tests.
It should be noted that these results refer to the particular series
of wings tested, and it is expected that the curves will vary as addi-
tional factors such as the center-of-gravity location, bending-to-torsion
frequency ratio, aspect ratio, and sweepback are changed. For these
models the center of gravity is located at 50 percent chord, the fre-
quency ratios are near 0.2, and the aspect ratios vary from 5.35 to 1.39
as indicated.
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Delta Models
Figure 3 shows flutter curves for the simple 45 ° and 60 ° delta-wlng
models. The first three coupled natural frequencies along with the range
of flutter frequencies are indicated for each model. The ass_ned tor-
sional frequency is indicated by f_. On the basis of the interpolation,
once the 45 ° delta-wing model passed a Mach number of 1.0 safely, it
could go to almost 2.0 before any increase in stiffness or altitnde would
be needed. The 60 ° delta-wing model, however, needs considerable increase
in stiffness or altitude to fly at increased Mach numbers.
Tapered Models
Figure 4 shows the effect of Mach number on the stiffness require-
ments for the series of tapered wings with center of gravity located at
46 percent chord and the mass-density ratio having a nominal value of 50.
The 45 ° swept model with a taper ratio of 0.4 has a flutter curve which
reaches a peak, according to the interpolation, near a Mach number of 1.O,
and, if the transonic range is passed safely, the model is free of flutter
up to a Mach number of 2.0. If the 60 ° model with a taper tatio of 0.2
is free of flutter at a Mach number of about 1.2, it is also free of
flutter up to Mach number 2.0, but it is not far from the flutter bound-
ary. The 60 ° model with a taper ratio of 0.4 requires increased stiff-
ness for increased Mach numbers. Two of these models were also tested
at Mach number 3.0, but no flutter was encountered probably because of
the low densities available. For the 45 ° model, the lowest no-flutter
point was at 0.29, and, for the 60 ° model with a taper ratio of 0.2, it
was 0.54.
Effect of Center-of-Gravity Location
One of the important flutter parameters is the center-of-gravity
location and figure 5 shows the effect of this location on the stiffness-
altitude parameter for the simple swept-wing models at a Mach number
of 2.0. Here, the stiffness-altitude parameter is plotted against the
center-of-gravity location. These results have been referred to _o = 50.
Moving the center of gravity forward from 50 to 44 percent chord gives
a pronounced reduction in the stiffness needed to prevent flutter. As
the sweepback is increased, this effect is reduced. At 15 ° sweepback
this decrease is about 30 percent whereas at 60 ° sweepback it is only
about lO percent. The influence of center-of-gravity location is illus-
trated in figure 6 for a tapered unswept model. This model was flown
normally with the center of gravity at 46 percent chord and it was then
reversed and flown backward with the center of gravity at 54 percent
chord. The changes in airfoil shapes and sweep that occurred should not
6have had any appreciable addition@l effect_on, the flutter over the center-
of gravity effect. At a Mach number of 2.0, there is a considerable reduc-
tion in the stiffness-altitude parameter as the center of gravity is
shifted from 54 to 46 percent chord. At a Mach number of 1.3, the reduc-
tion is less. These curves also illustrate that the wing with a center-
of-gravity location at 46 percent chord is free of flutter at least up to
a Mach number of 2.0 if it is free of flutter in the transonic range.
With a 54-percent-chord center-of-gravity location, however, any increase
in Mach number requires an increase in stiffness or altitude. This effect
of center-of-gravity location has been noted in reference 12.
SOME P_MARKS ON COMPARISON WITH THEORY
Flutter analyses of wings in the subsonic and low supersonic range,
based on two-dimensional air-force coefficients and a normal-flow con-
cept usually results in flutter speeds which are lower than the measured
ones. This previous experience was confirmed by a few calculations of
the present tests at M = 1.3 in which values lower than experiment were
also obtained. The fact that the theory is, in general, conservative,
has made it useful for the subsonic and low supersonic range of flight
speeds.
The limited experience to date in the higher supersonic range has
indicated that the two-dimensional theory is no longer conservative and
that it should be used with caution. Flutter calculations in references 6
and 7 show that at Mach numbers of 1.5 and i. 72 the calculations give
higher values of flutter-speed coefficients than are measured. This type
of result was also obtained for a limited number of cases treated in the
present studies at Mach numbers of 2.0 and 3.0.
CONCLUDING Pd_MARES
The results of these experimental studies indicate that, for wings
with center-of-gravlty location ahead of the midchord and with small
sweep angles, the stiffness requirements to prevent flutter at a given
altitude are determined essentially at transonic speeds. For wings with
rearward center-of-gravity location and high sweep angles, the stiffness
requirements continue to increase with increase in Mach number. A for-
ward shift of the center-of-gravity location has the effect of reducing
the stiffness requirements to prevent flutter, particularly for Wings
of low sweep angle.
23V
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TAt_ I.- FLU_U_ PARA_U_
(a) U_tapered swept-wing models
JAIl models were 0.041 inch thick and had 2.inch chords measured perpendicular edge_to leading
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TABLE I.- FL_ P_ - Continued
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TABLE I.- _ P_ - _ncl_ed
(c) Tapered wing models
[All models had- 6-inch semlspans _asure_ perpendicular to root]
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FLUTTER MODELS TESTED UP TO M:3.O
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AN ]3_VESTIGATION OF THE EFFECTS OF SYST_4 NONLINEARITIES
IN THE PROBL_4 OF AIRCRAFT FLUTIER
By Donald S. Woolston, 'Harry L. Runyan,
and Thom_s A. Byrdsong
Langley Aeronautical Laboratory
S_@_RY
TILls paper presents the results of a preliminary investigation of
the effect of nonlinear structural terms on the flutter of a two-degree-
of-freedom system. The three types of nonlinearities investigated were
a flat spot, hysteresis, and a cubic spring. Calculations were made on
an analog computer. For one case, the flat spot, an experimental inves-
tigation was also made and good correlation with theory was found.
In general it was found that the linear flutter speed did not
cbmmge for small disturbance angles; however, for larger disturbance or
input angles, the flutter speed usually decreased. One exception was
the cubic hard spring, for which a limited-amplitude flutter was found
to exist well above the linear flutter speed.
INTRODUCTION
g
Until fairly recently the problem of aircraft flutter has been
treated analytically as a purely linear phenomenon. Potentially, how-
ever, many sources of nonlinearities exist and their possible effects
are receiving more and more attention. It is thought, for example,
that many of the iLmited-amplitude oscillations ar_ associated with
nonlinearities.
In the flutter problem three types of forces are involved. These
are the inertia, the damping, and the elastic forces, and they may arise
from either the aerodynamics of the problem or from the structure. Non-
linearities associated with the aerodynamics might arise, for example,
from the effects of thickness or flow separation or from the variation in
hinge moments with amplit1_e. S_ne aerodynamic eflects of thickness
have been studied _lalytically by V_n Dyke (ref. I). He has treated the
case of two-dimensional, supersonic flow and has found, except near a
Math ntunber of i, that thickness effects for this ease are moderate.
I
2The structural side of the problem may also give rise to nonlin-
earities in the inertial, damping, and elastic forces. The present
investigation is concerned with nonlinearities in the elastic forces,
and three types of nonlinear springs have been considered. Their
effects on flutter have been examined in the investigation of a two-
dimensional, two-degree-of-freedom system.
SYMBOLS
fh
K 8
M
m
S_
V/VL 
Xcg
Xea
5T
e
natural frequency in translation, cps
natural frequency in pitch for basic linear system, cps
mass moment of inertia about elastic axis per unit length of
span, slug-ft2/ft
spring constant of linear system, ft-lb/radian
moment, ft-lb
mass per unit length, slugs/ft
mass static unbalance per unit length, referred to elastic
axis, slug-ft/ft
ratio of flutter speed to flutter speed of linear system
coordinate of center of gravity measured from leading edge,
percent chord
coordinate of elastic axis measured from leading edge,
percent chord
angular free play_ deg
angle of rotation, deg unless indicated otherwise
fluid density, slugs/cu ft
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TYPES OF NONLINFAR SPRINGS INVESTIGATED
5
Nonlinearities in the elastic forces can arise in many possible
ways. An indication of some of these is given in figure 1. Three types
of nonlinear springs have been considered, and their characteristics are
shown as plots of the force or m_nent required to produce a given
displacement.
Shown at the left of the figure is a flat spot. This may be con-
sidered to represent the condition of free play in the hinge or linkage
of a control system.
At the right of the figure is one type of hysteresis. As force or
m_nent is increased, displacement varies in a linear manner until a
point is reached at which a Jump occurs, after which the system is again
linear. On the return path, a corresponding Jump occurs at a negative
value of the force. A nonlinearity of this type might occur in the case
of a control surface with free play if friction exists at some point in
the linkage, or it might occur through the action of power servos. In
the case of a wing, this type of nonlinearity might represent the effect
of rivet slip.
The thirdtype of nonlinearity treated has been termed a cubic
spring, where the force exerted depends on the usual linear power of
the displacement and, in addition, on a term containing the cube of the
displacement. This can be considered either as a hard spring, which
becomes stiffer as displacement increases, as shown by the solid line,
or as a soft spring, which becomes weaker as displacement increases, as
shown by the dashed line. In the case of a control surface, a hard-
spring effect might be associated with power controls. In the case of
a structure, a hardening effect is found when a thin wing, or perhaps
a propeller, is subjected to increasing amplitudes of torsion. A soft-
spring effect may be associated with panel buckling.
EFFECTS OF NONLINEAR SPRINGS ON AIRCRAFT FLUTTER
g
These three types of nonlinearities have been considered in the
flutter investigation of a two-dimenslonal, two-degree-of-freedom system,
free to oscillate in translation and in pitch. The flutter character-
istics of the system have been determined with an electronic analog
computer, using incompressible, indlcial air forces. The analog repre-
sentation of the fundamental linear flutter equations was based on the
work of Baird, Pines, and Winson (ref. 2). For the flat spot, in
addition to the analog results, experimental results have been obtained
• • @
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in the Langley 2- by 4-foot flutter research tunnel. The physical
characteristics of the systems treated for each of the three types of
nonlinear springs are given in table I.
In the flutter results to be discussed, one of the variables to be
employed is an input angle e. The significance of this input angle is
given in the following discussion.
In obtaining results with the analog computer for a particular case,
a given value of velocity is selected, the system is given an initial
displacement (for example, 8), and its response to this displacement
is examined for stability. In general, the results to follow will show
that the response of the system becomes unstable only when a sufficiently
large initial displacement is imposed. In the physical system, this
initial displacement corresponds to the effect of a gust or to an abrupt
movement of the control stick.
Flutter Results With the Cubic Spring
In figure 2, analog results are shown for the cubic spring in the
torsional degree of freedom. Results are shown in the form of the input
angle e required to induce flutter as a function of velocity. For
this case, the relation between moment and displacement was arbitrarily
assumed to be M = 140.5e + 4ooe3, where M is the moment in foot-
pounds and e the torsional displacement in radians. The coefficient
of the linear term in e represents the spring constant in foot-pounds
per radian of the linear system.
First, the flutter speed of the linear system was investigated and
was found to be around 270 feet per second. Then, both hard and soft
cubic springs were considered. Flutter boundaries are shown by the solid
curve for the soft spring and by the dashed llne for the hard spring.
In both cases, the flutter region lies to the right of the boundary.
For the hard spring, the flutter boundary is a straight llne at the
flutter speed of the linear system. The soft spring in this case had a
destabilizing effect in that flutter could be induced below the linear
flutter speed by making the initial displacement sufficiently large.
For the system treated herein, however, the deviation from the linear
flutter speed occurs only at fairly high initial displacements.
It is also of interest to consider the flutter amplitudes associated
with these results. For both the linear systemand the soft spring,
the flutter oscillation was highly divergent at any velocity above the
flutter boundary. With the hard spring in the system, however, the
flutter amplitude is self-limited. This limit amplitude is a function
of velocity_ however, and increases as velocity is increased beyond the
flutter boundary.
".: ..- .
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In studying other configurations, cases h_ve been found in which
a hard spring can be destabilizing, and it appears that the effects
produced by a cubic spring depend on the stiffnesses of the original
linear system. Generally, flutter speed decreases as the bending-
torsion frequency ratio approaches unity. If a cubic spring, whether
hard or soft, tends to make this ratio approach unity, it will probably
be destabilizing.
o
Flutter Results With the Flat Spot
The second type of nonlinearity to be considered is the flat spot
and, as mentioned previously, both wind-tunnel and analog studies were
made. The main features of the model used in the wind-tunnel tests are
shown in figure 5. The sketch represents a two-dimensional model which
completely spans the test section and which is free to oscillate in
pitch and translation. The pitching degree of freedom is provided by
a bearing-supported shaft located slightly behind the quarter chord.
This system in turn is suspended between a pair of leaf springs on
either side of the test section so that the entire mechanism is free
to translate.
In translation the system is linear. The nonlinearity was intro-
duced in the torsional degree of freedom in the manner shown in the
detail sketch. A leaf spring is clamped to the end of the torsion axis
and its free end extends upward between two set screws. The gap between
the screws can be closed completely t0 give a linear torsion spring or
opened to provide any desired amount of angular free play, giving the
spring characteristic shown to the right in figure 5.
In figure 4, results obtained in the wind tunnel with this config-
uration are compared with analog results. The ordinate of the figure
is again the input angle e in degrees. The abscissa is a flutter-
speed ratio V_LIN , where VL]]_ is the flutter speed of the linear
system, and it is immediately seen that the flutter speeds have been
decreased. In the investigation the angular free play 8T was kept
constant at 0.9 °. The solid curves and the regions labeled stable, mild
flutter, and flutter refer to the analog results. The circles show wind-
tunnel experimental points.
In both the experiment and the analog results, a preload was incor-
porated into the system. This preload was comparable in effect to a
deflected tab and produced a moment which varied with the velocity. At
equilibrium, therefore, the model was not centered in the flat spot but
rather at some point on the linear arm of the diagram. This means that,
for small displacements from equilibrium, the system moved only on this
linear arm so that, at velocities below the linear flutter speed, the
system was stable.
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With displacements slightly greater than 0.5°# the effect of the
flat spot began to enter the picture and a region of mild, limited-
amplitude flutter was encountered. Here the system oscillated about
its equilibrium position across only one knee of the flat spot and did
not traverse the full flat-spot width.
As an example, at a value of the flutter-speed ratio of 0.6, the
flutter amplitude in this region of mild flutter was about 1°. Such
limited oscillations, when translated into the behavior of control
surfaces in flight, might not be dangerous in themselves but could be
significant from a fatigue standpoint.
As initial inputs were increased still further, a much more violent
flutter was encountered in which the model oscillated completely through
the flat spot with large amplitude. The experimental wind-tunnel points
apply to this violent type of flutter and agreement with the analog
results is fairly good. Although not shown in the figure, it should be
noted that in the experimental tests, also, a region of mild flutter
was encountered at initial displacements comparable to those indicated
by the analog.
In obtaining these results, only a single value of the preload has
been taken into account, and further studies in which the preload is
varied would be desirable. The destabilizing effect of the flat spot
in this case is probably associated with an effective reduction in tor-
sional stiffness. In the absence of any preload, the torsional stiff-
ness at equilibrium would be reduced to zero, and presumably then one
would at least expect to encounter unstable oscillations in the region
of the flat spot.
This system corresponds to the case of the all-movable control
investigated experimentally by Hoffman and Spielberg (ref. 3)- These
investigators found that an increase in angular free play can greatly
reduce the flutter speed of the system.
Flutter Results With Hysteresis
If, in addition to the free play, some source of static friction
exists, the hysteresis phenomenon occurs. As mentioned previously, a
hysteresis of the type described may arise in the case of friction in
the hinge or linkage of a control surface or, in the case of a wing,
might be associated with rivet slip.
Before considering the flutter results with hysteresis, some purely
structural c1_racteristics of the system with hysteresis should be exam-
ined. Shown in figure 5 is the response of a system with hysteresis at
zero airspeed. The upper and lower traces represent, respectively, the
@0 @@O • • • @0 @@ • • @Q_ O0 @@0 O@
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displacement of the system and the variation in moment after release
from the initial displacement from equilibrium. The indentations on
the lower trace occur when the system passes through the flat spots of
the hysteresis box.
The presence of this hysteresis in the system has two primary
effects on the structural characteristics. One is the introduction of
variable structural damping, shown by the lines drawn tangent to the
upper trace. At high smplitudes, the rate of decay is relatively small.
As the amplitude of the oscillation approaches the height of the hys-
teresis box, the damping is considerably greater. When the oscillation
is contained within the box, the structural damping in this illustration
is zero.
The second effect of the hysteresis on the structural properties
of the system is not apparent in this figure but is the introduction of
an effectively weaker spring. At high amplitudes the frequency of the
oscillation is less than the frequency at low amplitudes where the
system is linear.
Analog results for bending-torsion flutter with hysteresis in the
torsional degree of freedom are shown in figure 6. Results are again
presented in the form of the input _ugle e plotted against flutter
velocity. Two values of ST, the amount of free play in torsion or the
width of the hysteresis box, were considered. These were 8T of 0.2 °,
shown by the solid line, and 5T = 0.4 °, shown by the dashed line. The
height of the hysteresis box was held constant. In these results, the
flutter region lies above or to the right of the lines.
Consider first the results for 5T of 0.2 °, shown by the solid
curve. For very small inputs, the system oscillates on a line through
the center of the box with a linear spring constant, as shown by the
dashed line in the spring diagram. For this reason, the flutter bound-
ary at the highest velocity occurs at the flutter speed of the linear
system.
a
This boundary continues straight upward until an initial displace-
ment of 0.6 ° is imposed. Actually an initial displacement greater than
0.2 ° represents a displacement beyond the linear path within the hys-
teresis box. At low amplitudes, since the presence of the hysteresis
introduces a large amount of structural damping, for inputs up to 0.6 °
the oscillation decays and the system oscillates at constant amplitude
within the hysteresis box. For larger displacements at the linear
flutter speed and at velocities above the linear flutter speed, the
oscillation diverged rapidly.
8 i':i:":°".::':":".
° • ° • ° @°° °
°@ °0° @° °°0 ° ° 0° °° ° ° ° °°° °
As in the case of the flat-spot results, flutter could be induced
at velocities below the linear flutter speed by making the initial
displacements sufficiently large. At the larger displacements, the
hysteresis damping is smaller and the presence of the free play in the
system is producing an effectively weaker spring. Finally a velocity
is reached below which the air forces will not sustain an oscillation
regardless of the magnitude of the initial displacement. For all veloc-
ities below the linear flutter speed, the flutter is of limited amplitude.
Results for the wider hysteresis box exhibit the same trends. At
velocities below the linear flutter speed, however, greater initial dis-
placements are required to initiate flutter, since the wider hysteresis
box introduces more damping. At the same time, the increased amount of
free play reduces the effective spring constant even more, and the
region of limited-amplitude flutter extends to a lower velocity.
CONCLUDING P_
Little is known of the exact nature and magnitude of the nonlinear-
ities which exist in actual aircraft. The purpose herein has been to
take an initial look at the effects of some nonlinearities which might
occur. The results shown are, of course, a function of the particular
configurations treated and are perhaps most closely related to the prob-
lem of control-surface flutter. They indicate, however, that in some
cases nonlinear effects can be large and can be destabilizing. The
results indicate further that the stability of a nonlinear system can
become a function of the magnitude of an external excitation; it is
also indicated that, when a nonlinear system becomes unstable, its
flutter may become less violent and self-limited.
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I.- CHARACTERISTICS OF SYST_I4S
Parameter
Semichord, ft
Xea , percent chord
Xcg , percent chord
m, slugs/ft
Sa, slug-ft/ft
Is, slug-ft2/ft
fh, cps
f, cps
O, slugs/cu ft
Cubic
o.5
23.o
25.6
o.1489
o.oo3871
o.oo89}4
15
2O
0 .oo2378
Systems
7
Flat spot
o.5
29.7
31.8
o.2985
o.o744
0.01196
9.38
12.93
0.00243
1
Hysteresis
0.5
23.0
25.6
0.1489
0.003871
0.008954
10.6
2O
0 .o02378
m
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SOME EFFECTS OF FLUID IN PYLON-MOUNTED TANKS ON FLUTTER
By James R. Reese
Langley Aeronautical Laboratory
SUMMARY
Fluid-dynamics studies were made of a tank of fineness ratio 7.0
_hich was pylon mounted on a simplified two-dimensional flutter model in
order to determine the effects of the fluid on flutter. The flutter
speed was found experimentally for three cases as follows: with various
amounts of water in the tank, with weights having the same mass and moment
of inertia as the fluid considered to be a frozen solid, and with weights
having the same mass and moment of inertia as the actual fluid. The
results of the t_o methods of fuel representation were compared with the
actual-fluid case, and it was concluded that, in flutter analyses and
tests, the fuel in wing tanks must be represented by the effective-moment-
of-inertia values. The damping action of the fluid was also studied, and
it was found that sufficient damping was present to limit the amplitude
of the flutter and that, at a frequency ratio near 1.O, the fluid damping
may produce an increase in the flutter speed.
n_TRODUCTION
The representation of the dynamic effects of large fuel masses carried
in airplane wing tanks is of concern to the dynamicist. He may be aware
that the fuel does not behave as a frozen solid, and, therefore, in order
to represent it properly, he must know the effective pitching moment of
inertia of the fuel. By effective moment of inertia of the fuel is meant
the actual or true moment of inertia of the fuel, which is usually less
than if the fuel were a frozen solid since a portion of the fluid does
not partake of the pitching motion. Consider the cases of the tip- and
pylon-mounted tanks which are represented in figure 1. The abscissa is
the tank fullness, and the ordinate is the ratio of the effective moment
of inertia of the fluid to the moment of inertia of the fluid considered
to be a frozen solid. The data were obtained for a tank of fineness
ratio 7.0. As the dashed curve in figure 1 shows, an important result
of a previous investigation on centrally mounted tanks (ref. l) is that
the inertia ratio varies but little for a wide variation in tank fullness.
This work on centrally mounted tanks has been extended recently to cover
the case of pylon-mounted or offset tanks and to inclined and swept-wing
tanks in reference 2. This reference gives effective-moment-of-inertia
values and damping factors, and the lower curves are representative of
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some of the moment-of-inertia values for the offset-tank case. i_otice the
large decrease in the inertia ratio of the partially full _off_et-tamk con-
figurations as compared with the centrally-mounted-tank case.
This imrge decrease in the imertia ratio may be explained as follows.
When the ta1_ is completely full, the fluid is forced to move with the
bo_ud_ries of the tank _id the inertia ratio is almost unity. As fluid
is removed from the tank, the fluid then becomes free to move in a for-
ward and rearward direction, and it is this horizontal translational
freedom of the fluid which causes a reduction of the inertia ratio. When
two solid baffles _re added to the tank, the freedom of the fluid is some-
what restricted, and there is a slight increase in the inertia ratio of
the partially full tank as shown by the curve passing through the triangles.
In reference 2, it was found that large decreases in the inertia ratio
could result if the frequency of oscillation was close to the first natural
frequency of the fluid in the tank. This condition was avoided in these
tests by selecting springs which would avoid frequencies of this kind so
that the inertia ratio remained essentially independent of frequency.
MODEL AND APPARATUS
In order to study some possible effects of fuel representation on
flutter, use was made of the simplified two-dimensional flutter model
shown schematically in figure 2. The arrows indicate the rotational and
translational degrees of freedom. The model was equipped with a tank of
fineness ratio 7.0_ and this tank was offset beneath the axis of rotation_
I
a distance of about 2_ times the tank radius. Some physical parameters
of the model are given in table I. The flutter speeds were found experi-
mentally in the Langley 2- by 4-foot flutter research tunnel with air at
atmospheric pressure for three different cases. First, the flutter speed
was found with various amounts of water in the tank. Then the flutter
speed was found by using weights having the same mass and moment of inertia
as the fluid considered to be a frozen solid. The third series of tests
were made with weights having the same mass and moment of inertia as 6he
fluid, thus simulating the effective moment of inertia of the fluid.
RESULTS ANDDISCUSSION
Some results of these tests are shown in figure 3, where the flutter
speed is shown as a function of tank fullness for the three cases mentioned;
the act_l fluid, the frozen or solid fluid_ and the simulated fluid. The
values for the uncoupled bending-to-torsion frequency ratio _nI_ _ are
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shown opposite each data point since these values are of significance in
the discussion of t_e results. The actual flutter speeds obtained with
fluid in the tank are shown by the solid curve passing through the circles.
When the fluid was replaced with weights representing the frozen or solid
moments of inertia, the flutter speeds are shown by the long- and short-
dashed curve passing through the triangles. As can be seen they are
considerably different from the speeds with the actual fluid and give
both conservative and unconser_ative results; that is, for a given tank
fullness, they may lie below or above the actual case. However, when
the fluid was simulated by effective-lnertia weights, good agreement _-lth
the actual case was obtained and is shown by the dashed curve passing
through the diamonds. From these results it appears that the effective-
inertia values are to be preferred. This is especially true in cases
where the flutter speed is strongly affected by the moment of inertia or
in cases where there is a large difference between the solid and effec-
tive moments of inertia of the fluid.
So far, the effects of inertia on flutter have been discussed. A
few remarks about the effect of damping are now in Order. Notice that
the chief difference between the flutter speed obtained with actual fluid
and the speed obtained _-lth the effective-inertia weights occurred in
this experiment at a frequency ratio near 1.O. This suggests that the
damping of the fluid in the tank may produce an increase in the flutter
speed near a frequency ratio of 1.0. As _s shown in reference l, fluid
damping is generally quite low, gm less than O.O1, for the first few
cycles of oscillation. After the fluid breaks up into turbulent motion,
the damping can become quite high, g_ reaching values of the order
of O.lO to 0.20, depending on the amount of fluid and the amplitude and
frequency of oscillation. Thus it can be expected that the start of
flutter will not be affected much by the fluid damping, except where the
flutter speed is critically dependent on the damping, as is usually the
case near a frequency ratio of 1.O.
If the amplitude of flutter builds up slowly enough, the fluid will
break into turbulent motion, with resulting increases in damping which
may limit the amplitude of the flutter. This occurred in this series of
tests for all partially full configurations, and the results are shown
in figure 4. Here the torsional flutter amplitude is shown as a function
of the speed. The tank was equipped with two baffles, and each baffle
had 13 evenly distributed 1/2-inch holes. For each amplitude, the value
for the torsional damping factor gm calculated from frequency-response
curves obtained at zero airspeed is shown opposite each data point. The
frequency-response curves were obtained by forcing the model at eight
different amplitudes for each tank fullness studied. The figure shows
that as the airspeed was increased the amplitude of the oscillations
_s increased and was limited by the effect of additional fluid damping
since the damp_ig of fluid in the tank increased with increased amplitude
of oscillation.
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CONCLUSIONS
These preliminary experiments indicate that, in flutter analyses and
tests_ the fuel in wing tanks must be represented by the effective-moment-
of-inertia values. This is essential in cases where the flutter speed is
strongly affected by the inertia of the fuel or where the effective moment
of inertia of the fuel is considerably different from the solid inertia.
With regard to the damping action of the fluid_ it was found that
sufficient damping was present to limit the amplitude of the flutter_ and
at a frequency ratio near 1.0 the damping of the fluid in the tanks may
produce an increase in the flutter speed.
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TABLE I
SOME PHYSICAL PARAMETERS OF THE MODEL
Wing span, ft .......................... 2
Wing chord, ft ................. • ....... 1
Tank diameter, in ....................... 4.25
Tank length, in ..................... 30.0
Bending stiffness, lb/_[ ................ 168
Torsional stiffness, in-lb/radl_ ................ 4,120
Bending damping coefficient, gh, empty ............. 0.009
Torsional damping coefficient, g_, empty ............ 0.018
Model weight, ib
Empty ............................. 11.8
................. 21.7
Model moment of inertia, in-lb'-sec _
Empty .............................. 0.103
Full ............................. 2.000
Model center-of-gravity location, percent chord
Empty ............................. 43
Full ...... _ ...................... 40
xis of rotation, percent chord ................. 40
o _
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EXPERIMENTAL AND THEORETICAL STUDIES OF PANEL FL_
By Maurice A. Sylvester, Herbert C. Nelson,
and Herbert J. Cunningham
Langley Aeronautical Laboratory
S_4&RY
Some theoretical and experimental flutter results for simplified
panels clamped on front and rear edges are indicated and compared. The
results of tests on buckled panels clamped on four edges show that, in
general, their flutter characteristics cannot be predicted on the basis
of the simplified theoretical or experimental results. An estimated
flutter boundary is presented for buckled panels clamped on four edges
and having various width-to-length ratios. A pressure differential is
found to be effective in suppressing flutter. The results of the exper-
imental tests indicate that panel flutter is probably of concern mainly
from a fatigue standpoint.
INTRODUCTION
As more airplanes and missiles are being designed to operate at
supersonic speeds, there is a continuing concern that portions of the
skin coverings may be subject to flutter. Consequently, some experimental
and theoretical studies have been made to evaluate some of the signifi-
cant variables in the problem. The results of these studies may explain
the causes of panel failures on some current high-speed airplanes and
may also indicate sources of trouble on future airplane and missile
designs.
The main purpose of this paper is to present the results of some
recent panel-flutter experiments. In addition, a brief summary of some
theoretical work on panel flutter is presented and a comparison is made
between some of the theoretical and experimental results. The experiments
extend previous work (ref. l) to include greater ranges of Mach number,
pressure differential across the panel, and ratios of panel width to
length. Most of the tests were made with buckled rectangular panels
clamped on either two or four edges and mounted as a section of the tunnel
wall. The buckling forces were induced by thermal stresses or by a com-
bination of thermal stresses and applied edge forces. The dynamic pressure
was essentially constant (approximately 6.2 pounds per square inch) for
most of the experimental tests.
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SYMBOLS
d
E
M
q
t
V
w
Subscript:
r
maximum depth of buckle
Young' s modulus of elasticity
panel length in direction of flow
Mach number
dynamic pressure
panel thickness
stream velocity
panel width, perpendicular to flow
reference experimental conditions
RESULTS AND DISCUSSION
Panels Fastened on Front and Rear Edges
Summar_of theory.- A sunmmry of some recent theoretical work on
panel flutter is shown in figure 1. Several investigators who have
worked on panel flutter are listed, and the particular problems treated
are indicated by the check marks. The panel configurations that were
studied are the flat panel, the buckling panel, and the infinite flat
panel on many supports. All the panels were considered two-dimensional
both structurally and aerodynamically, and most of the work applied to
supersonic speeds. Isaacs (ref. 2) treated the static stability of a
buckled panel and, of course, used steady-state air forces. He advanced
as plausible the concept that a buckled panel will flutter if it is not
statically stable, and on this basis he obtained a design criterion
essentially - I _ = 0.51 • Hayes (ref. 3) in addition
to considering the static stability, also treated qualitatively the
dynamic stability of buckled panels, but used only steady-state air forces.
Miles (ref. 4) studied the dynamic stability of both flat and buckled
panels and used air forces that included first-order aerodynamic damping.
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Shen (ref. 5) extended the work of Miles on flat panels by using exact
unsteady air forces. Hedgepeth, Budiansky, and Leonard (ref. 6) analyzed
the infinite flat panel on many supports and found that static divergence
was of concern at subsonic speeds, and flutter was of concern at super-
sonic speeds. Fung (ref. 7) investigated the static stability of buckled
panels and concluded that the height of the buckle was a significant
parameter. Nelson and Cunnlngham (ref. 8) used exact unsteady air forces
in their study of the dynamic stability of flat panels. This analysis
appears to be the most general and flexible that is available for the
single, flat, two-dimensional panel and included a study of the effect
of such factors as Mach number, number of modes in the analysis, structural
damping, and tension.
The analytical work has contributed to an understanding of the panel-
flutter phenomenon, but further work is needed to extend the theories to
more practical panels which are not two-dimensional and which may be
either curved or buckled in a complex manner.
Comparison of theory and experiment.- Only Isaacs and Nelson and
Cunningham obtained results for clamped-edge panels which correspond to
those used in these experimental studies. Some experimental results are
compared with these theoretical results in figure 2. This figure shows
the thlckness-to-length ratio required for flutter-free operation of
aluminum panels as a function of Mach number. The data are for panels
at an altitude of 25,000 feet since this is approximately the equivalent
pressure altitude at which most of the experimental data were obtained.
Where necessary, were adjusted this pressure
the experimental data to
t ( _t 6_)i/5. s sor  tr
the experimental conditlons. 1 The panels used in the experiments were
l
11.62 inches long and had a width-to-length ratio of 0.69. The boundary
representing Isaacs' static stability or flutter criterion for buckled
panels is shown, and the circular symbols are the corresponding experi-
mental points. The boundary obtained from Nelson and Chmningham's two-
dimensional flutter theory for flat panels is also indicated and the
squares are the associated experimental results. The theoretical curves
are shown to increase rather sharply at the lower Mach numbers. For
Isaacs' results, the increase is due to the use of steady-state linearized
air forces which become infinite at M = 1. For the curve of Nelson
and Cunningham, the increase is due to a change in flutter mode and
decreased aerodynamic damping. This latter curve would have a finite
ordinate at M = 1. Figure 2 also shows that, in general, buckled
panels appear to be more susceptible to flutter than flat panels.
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Effect of altitude.- The results in figure 2 are for aluminum panels
at an altitude of 25,000 feet. Since both experiment and theory indicate
that the effect of decreasing the air density is beneficial, it is of
interest to note the effect of altitude on panel flutter. Figure 3 shows
the variation of the thickness-to-length ratio with altitude for buckled
aluminum panels at Mach numbers of 1.2 and 3.0. The boundaries have been
determined by adjusting the experimental results from figure 2 to the
appropriate pressure altitude with the relation t = #t_ #____1/3 which
\Z Jr\qrJ
was indicated previously. Figure 3 shows that the thickness-to-length
ratio to prevent flutter is reduced as the altitude is increased.
Increasing the Mach number from 1.2 to 3.0 raises the boundary some-
what, indicating a slight adverse Mach number effect.
Effect of a pressure differential.- The results discussed so far
have been for panels with zero pressure differential between the two
surfaces. It was observed during the panel-flutter tests that a positive
or negative pressure differential could be used to advantage in stopping
or controlling the flutter. Since airplane and missile panels may be
subjected to pressure differentials of various amounts, the effect of a
pressure differential is of interest.
The effect of a pressure differential on the flutter of buckled panels
clamped at the front and rear edges is indicated in figure 4. These
results were obtained experimentally with aluminum-alloy, steel, magnesium,
and brass panels having a length of 11.62 inches and a width-to-length
ratio of 0.69. The ordinate is the nondimensional grouping of aerodynamic
and stiffness parameters which was first suggested by Isaacs and which
has been found useful in presenting the results of tests on this panel
configuration for the range of Mach number tested (M = 1.2 to 3.0).
The Mach number factor is based on steady-state linearized air forces
and is, therefore, not valid near a Mach number of 1.0. The experimental
data points indicate the pressure differential, measured in pounds per
square inch, required to stop flutter at Mach numbers of 1.2, 1.3, 1.6,
and 3.0. A conservative boundary is faired to contain the data points
and represents the division between the flutter and no-flutter regions.
Figure 4 shows that a pressure differential of the order of a few tenths
of a pound per square inch was effective in eliminating flutter on all
panels tested, and that the amount of pressure differential required to
suppress flutter decreases as the value of the "flutter parameter" is
increased. No flutter was obtained on these panels at a value of this
parameter greater than approximately 0.46. Variations in the amount or
depth of buckling did not appear to affect the results for the range of
this variable studied (values of d/_ from 0.003 to 0.009).
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Panels Clamped on Four Edges
Comparison of experimental results.- Experimental studies on simpli-
fied panels clamped on the front and rear edges are useful in investigating
flutter trends and in providing experimental verification of existing
theories. However, results of tests on panels clamped on four edges are
needed to determine the extent to which the results of studies on simpli-
fied panels may be applied to the more practical panel configurations.
The results of tests on two buckled panel configurations clamped on
four edges are shown in figure 5, and the results are compared with the
flutter boundary (reproduced from fig. 4) for panels of the same length
(11.62 inches) clamped on the front and rear edges. The one- and two-
half-wave types of buckling were easily obtained on the panels clamped on
four edges which had width-to-length ratios of 0.83. The flutter parameter
is again plotted against the pressure differential, and the boundary and
data points indicate the pressure differential required to stop flutter on
the panel configurations identified in figure 5. For instance, flutter
was encountered on a given panel at values of the pressure differential
less than that indicated by the data point and no flutter occurred for
higher values of the pressure differential. Boundaries are not drawn
for panels clamped on four edges because of the scatter in the limited
data available. The data show, however, that panels with the two-half-wave
type of buckling require a greater pressure differential to stop flutter
than do panels buckled in one half-wave, and that panels clamped on
four edges may be either less or more susceptible to flutter than panels
clamped on the front and rear edges. In no case was the pressure differ-
ential required to stop flutter greater than approximately 0.87 pound
per square inch. Increasing the amount of buckling or destroying the
symmetry of the two-half-wave type of buckling appeared to have a stabi-
lizing effect on the stiffer panels clamped on four edges.
The values of pressure differential, referred to in the discussion
of figures 4 and 5, represent the approximate difference between the
static pressure behind the panel and the effective static pressure acting
on the surface exposed to the stream flow. Because of the scatter in the
data, the general magnitude of this pressure differential and the trends
shown should be emphasized rather than the exact values of the pressure
differential.
Effect of panel width-to-length ratio.- Panel width-to-length ratios
vary over a wide range, and it appears that the width rather than the
length may be of more significance for long narrow panels. This obser-
vation is supported by the information in figure 6 which indicates the
effect of panel width-to-length ratio and summarizes the present flutter
experience on buckled panels clamped on four edges. Most of the data were
obtained at a Mach number of 1.3 for panels which had no curvature prior
to buckling. However, some data are presented for buckled panels with
6
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a slight initial curvature (radius of curvature approximately equal
to 48 inches). The panels with wldth-to-length ratios of 0.20, 0._0,
and 0.83 were 11.62 inches long and those with a width-to-length ratio
of 2.0 were 5.81 inches long. The panels were buckled by thermal and
applied edge forces, and, in general, the types of buckling modes formed
were rather complex and strongly dependent on the panel _idth-to-length
ratio as well as the ratio of applied edge forces in one direction to
those in the perpendicular direction. The buckled modes usually con-
sisted of a series of approximate half-_aves running in the direction of
the longer panel dimension and having a half-wave length roughly equal to
the shorter panel dimension.
The ordinate of figure 6 is the previously presented panel-flutter
parameter, and the abscissa is identical except that the length has been
replaced by the width. The straight lines radiating from the origin
are lines of constant width-to-length ratios. Moving away from the
origin on these lines represents an increase in the panel thickness (or
stiffness) since the dynamic pressure was essentially constant for these
tests. The solid symbols represent flutter, the open symbols indicate
no flutter, and the short dashes represent an estimated flutter boundary
based on the experience with these panel configurations. Although addi-
tional data are needed to establish more definitely the flutter boundary,
it is apparent that the panel width is significant when the panel width-
to-length ratio is reduced sufficiently. For example, for panels with
width-to-length ratios greater than approximately 0.8, decreasing the
length is effective in eliminating flutter• However, for panels with
width-to-length ratios less than approximately 0._, decreasing the width
appears to be a more effective method of reducing the possibility of flutter.
Panel flutter can occur throughout the unstable region as indicated
by the data points. However, its occurrence may be of a somewhat statis-
tical nature since such factors as variations in the type and amount of
buckling and a small pressure differential may reduce or eliminate the
unstable region. For instance, the flutter of relatively stiff panels
with w/_ = 0.83 occurred only when the panels were buckled predominantly
in two half-waves. Observations of the flutter tests showed that when
flutter does occur it is not necessarily immediately destructive but is
probably of concern mainly from a fatigue standpoint. The flutter fre-
quencies were predominantly in the _0 to 200 cps range.
As a matter of interest, some of the apparently more critical panels
on the Bell X-1A research airplane would lie near the flutter boundary
for flight at low supersonic Mach numbers at an altitude of 40,000 feet.
A number of current high-speed airplanes have some panels which would
plot well within the unstable region, and a few panel failures which
have occurred may have been due to flutter.
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CONCLUDING Pd_4ARKS
Some theoretical and experimental flutter results for simplified
panels clamped on the front and rear edges have been indicated and
compared. For these panel configurations, the thickness required for
flutter-free operation is increased somewhat as the Mach number is
increased from 1.2 to 5.0 (at constant density). Increasing the altitude
is beneficial in that the panel thickness to prevent flutter is decreased•
The results of tests on buckled panels clamped on four edges have
also been discussed, and it was shown that they may be either less or
more susceptible to flutter than similar panels clamped only on the front
and rear edges. A flutter boundary has been estimated for buckled panels
clamped on four edges and having various width-to-length ratios. This
boundary indicates that the panel width is probably of more significance
than the length for panel width-to-length ratios less than approximately
0._.
A pressure differential was found to be effective in eliminating
flutter and for the panels tested did not exceed approximately 0.87 pound
per square inch.
It was indicated that panel flutter is probably of concern mainly
from a fatigue standpoint.
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INTRODUCTORY REMARKS ON THE STRUCTURAL
EFFECTS OF AERODYNAMIC HEATING
By John E. Duberg
Langley Aeronautical Laboratory
INTRODUCTION
Aircraft that will fly at supersonic speeds will operate in an
environment of aerodynamic heating that will have a profound effect on
the design of the aircraft. In table I is shown a diagram of the paths
by which aerodynamic heating can influence the design of the airframe.
The most obvious and the most serious effect of high temperature is its
depreciation of the materials of the airframe. Such effects are asso-
ciated for the most part with the level of temperature. These changes
in material properties carry over into the structure and determine its
basic strength and stiffness. There is a direct effect of heating on
the structure and this effect is associated more with the rate of heating
than it is with the level of temperature. In an effort to alleviate the
effect of heating on the airframe, devices and confif_alrations will be
considered which will have an effect on the final design of the airframe.
Before the effects on temperatures are discussed, the order of magni-
tude of aerodynamic heating should be considered. In figure 1 (solid
line), the familiar plot of adiabatic wall temperature for the insulated
plate plotted against Mach number is sho_u%. At low temperatures at which
radiation effects are not significant, this is almost the temperature
that could be attained on the surface of aircraft. At higher temperatures,
when radiation is significant, the equilibrium temperature is reached
when the heat input from the boundary layer balances the heat output by
radiation from the surface of the aircraft. For such a condition, the
equilibrium temperatures depend first on the altitude, because the heat
input for a given temperature potential varies directly as a power of the
air density, and secondly, on the emissivity of the surface which deter-
mines how much heat can be radiated away. The dashed curves which have
been calculated for the several altitudes have been obtained for black-
body radiation, the highest possible, and indicate a considerable reduc-
tion in equilibrium temperature, particularly at high altitudes.
Whether the equilibrium skin temperatures shown in figure i are
actually reached in a given flight depends on the heat capacity of the
skin, the time history of the velocity, and the altitude of the aircraft.
The heat capacity is proportional to the specific heat of the material
and the thickness of the skin. The velocity and altitude establish the
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adiabatic wall temperature and the heat-transfer coefficient. A rough
idea of the times of flight required to reach equilibrium can be obtained
from figure 2. Here are shown the time histories of the temperatures of
a portion of aircraft skin made of O.l-inch steel sheet _en instantan-
eously accelerated to a Mach number of 4 at the three altitudes shown.
The solid lines neglect radiation and the dashed lines are based on z_xi-
mum radiation cooling. At an altitude of 50,000 feet, the rise in tem-
perature is essentially completed in 3 minutes; at i00,000 feet, in
15 minutes; and at 200,000 feet, the time is of the order of hours.
Figures i and 2 have established limits on the magnitude of the
temperature levels that can be expected in supersonic flight and the
order of time required to reach them. The actual temperature histories
will depend on the details of the flight plan. There will be as many
characteristic temperature histories as there will be types of supersonic
aircraft, but consider two possible ones which contain the significant
features of a number of them. In figure 3 is shown the temperature his-
tory of an interceptor airplane which flies mostly subsonically; then,
at an altitude of _0,000 feet, it accelerates rapidly to M = 3, remains
there for 5minutes, and then decelerates. If the skin of the wing
of this airplane were O.l-inch steel, its temperature would rise to _70 °,
almost the equilibrium temperature, and then on deceleration return to
the ambient temperature. Such a temperature cycle would be expected to
occur many times in the life of the aircraft.
In figure 4 is shown a flight history of a second type of vehicle
which is launched at altitude, is boosted by rocket power to a higher
altitude and Mach number of 6.2, and then coasts through an essentially
ballistic path. The velocity of descent has been controlled by brakes.
The temperatures on the wing rise rapidly during the boost period and
reach a more or less steady state at high altitude where radiation is
effective in restraining heating; then, as it descends into the denser
atmosphere, the temperature rises rapidly because of the higher heat
transfer and the resulting loss of effectiveness of radiation in lowering
the temperature. At this time the wing of this aircraft is held at a
small angle of attack and the increase in air density in the compressed
region behind the shock on the lower side heats the lower surface to a
peak of about 1,200 ° F. The upper surface is in a region of reduced
density because of the expanded flow behind the shock and remains about
600 ° cooler.
It is apparent from figures 3 and 4 that supersonic aircraft of
the forseeable future could experience peaks of temperatures that encom-
pass the useful range of common aircraft materials, that these tempera-
ture peaks will be reached in times of the order of minutes, and that
for some types of aircraft the cycles of heating may be repeated.
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MATERIALS
Deterioration of Properties
The most serious effect of aerodynamic heating is its deterioration
of the properties of the material of which the aircraft is made. Whereas
in the past for subsonic aircraft material properties obtained at room
temperature have sufficed to define a material for the purpose of pre-
dicting the static strengths of structures into which it is made, this
simple situation no longer exists at high temperatures. Not only is it
necessary to regard temperature as a parameter but also time. Materials
exposed to a given temperature have different properties for each length
of exposure, and materials exposed to a given temperature and then
cooled also have different properties.
Creep
When load and high temperature are applied continuously, the mater-
ial creeps, that is, elongates without change in load, and the usual
stress-strain curve no longer provides a unique relationship between
stress and strain. Althou_ __xch creep information is available for the
effects of steady loads and temperatures, only a relative small amount
is available for cyclic variations in load and temperature which are the
conditions which will exist for airframes. Since it is hopeless to
attempt to get experimental creep data on all possible variations in load
and temperature that may be experienced, the real value of cyclic-loading
and heating tests lies in the possibility of their suggesting general
laws of creep behavior under variable heating and loading.
STRU_S
Strength
Analogous to the problem of the prediction of the strength of the
airframes at normal temperatures, there exists the same problem at ele-
vated temperatures. The simplest problem is that of the prediction of
the strength under rapid loading (but not so rapid as to develop inertia
forces) of a uniformly heated structure. Sufficient evidence exists to
indicate that this problem can be handled at elevated temperatures just
as readily as it can be at room temperature and that, if the room-
temperature strength and mode of failure are known, a rapid estimation
of the effect of temperature can be made. The information that is
required is contained in the stress-strain curves of the material obtained
at the temperature time history of interest.
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If the structure is required to support a given load at a given
temperature for time of the order of hours, the possibility exists that
it will collapse because of the creep of the material at a load lower
than its rapid-loading strength. The time at load and temperature need
not be continuous but can be made up of a sequence of short heatings and
loadings.
Tests made on complete box beams of aluminum alloy have indicated
that, if this failure is due to tensile-creep rupture, the failures cor-
relate closely with tensile-rupture data for the material. Failures of
some of these box beams, however, were due to collapse of the compres-
sion cover and, at the time of these tests, this problem which has been
called creep buckling was little understood.
Thermal Stresses
The rapid heating experienced by supersonic aircraft gives rise to
thermal stresses in the airframe. Although it is possible to conceive
of circumstances under which thermal stresses can produce tensile fail-
ure of parts of an airframe, aircraft, however, are essentially shell
structures and the more usual condition that exists is that aerodynamic
heating induces compressive stresses in the skin which tend to buckle
it and prevent any further increase in the tensile stresses in the cooler
interior structure.
STIFFNESS AND DISTORTION
Structural stiffness is a primary design criterion for supersonic
aircraft. There is a direct loss of stiffness of aircraft due to loss
of the basic materials stiffness but, for the temperature range of
applicability of ghe materials, stiffness losses are not as severe as
are the losses of material strength.
Buckling
A more serious loss of stiffness of the shell structure can be attri-
buted to thermal stresses which are induced by the high rates of heating.
If these thermal stresses are severe enough, they can cause buckling of
the plate elements of the aircraft. When so buckled, the effective stiff-
ness of the entire structure is reduced.
ReducedStiffness
J
Even without causing buckling, these thermal stresses tend to
destabilize the plates of which the aircraft is made. The mechanism of
this loss of stiffness is related to the effective loss of bending stiff-
ness _¢hich occurs in a beam that is loaded axially by a thrust.
The strong effect of thermal stresses on stiffness makes it desir-
able to suppress these effects in supersonic aircraft, and, to some
extent, the magnitudes of these stresses are under the controls of the
designer who can detail internal structures that do not restrain the
skin or offer a reduced amount of restraint.
Stress-Free Distortion
Whether large thermal stresses are induced in the airframe, unequal
heating can cause distortion of the structure. The most serious occur-
rence of this is the unequal transient heating of thin supersonic wings
that was illustrated in figure 4. By virtue of the unequal transient
heating of top and bottom of the wingwhen at an angle of attack, wing
bending can occur. The bending deflections can be substantial but it is
not evident that these bending deflections can adversely affect the
aircraft.
ALLEVIATION
It is clear from the many material and structures problems that
arise from aerodynamic heating that it is desirable to find ways of
alleviating them.
Insulation
The simplest idea which presents itself is to place between the
structure and the airframe an ins_]ator. Although efficient insulators
exist, it is characteristic of aerody_mic heating that the surface of
the insulator must follow instantaneously the full equilibrium tempera-
ture. Consequently, they have serious problems of thermal stressing and
loss of strength with temperature.
Aerodynamics and Configuration
Some control of the heat input is possible by controlling the aero-
dynan_cs of the boundary layer. The laminar boundary layer has heat-
transfer coefficients of those of the turbulent
I °
boundary layer; therefore, lower heat inputs can be obtained by those
factors that encourage laminar flow, that is_ favorable pressure gradi-
ents_ cooled s_rfaces_ and smooth surfaces. Blunted noses of bodies
and rounded and swept leading edges also have reduced heat-transfer
coefficients.
Cooling
A most effective way of reducing heat input to the airframe is the
cooling of the boundary layer by introducing into it some fluid. Gases
and liquids can be used_ the liquids having the greatest capacity to
cool by virtue of their heat of vaporization. Such schemes are mechan-
ically complicated and can only be justified in special circumstances.
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A DISCUSSION OF METHODS FOR REDUCING AERODYNAMIC
HEATING IN SUPERSONIC FLIGHT
By A. J. Eggers, Jr.
Ames Aeronautical Laboratory
INTRODUCTORY REMARKS
Because of the seriousness of the structural and other problems
introduced by aerodynamic heating, considerable effort has been devoted
to finding methods of reducing heat transfer in supersonic flight. It
is the purpose of this paper to describe some of the more promising of
these methods which have been discovered to date.
4
_S AND DISCUSSION
Aerodynamic heating is brought about primarily by the convection
of heat from the boundary layer to the surface of a vehicle. The
severity of the heating is strongly dependent upon the flow in the
boundary layer. To illustrate this point, consider flow of the familiar
laminar and turbulent types (see 3 e.g., refs. l, 2, and 5). The friction
coefficients for ]sm_nar flow are usually substantially less than those
for turbulent flow, and according to Reynolds analogy (see, e.g., refs. 4
and _) the heat-transfer coefficients should be reduced in about the
same proportion. The magnitude of this reduction is indicated in
figure 1 where the Stanton number, which is proportional to the heat-
transfer coefficient, is shown as a function of Mach number for laminar
and turbulent flow over a flat surface at a Reynolds number of 107.
The surface is presumed to be at ambient air temperature. Under these
circumstances, it can be seen that laminar heat-transfer coefficients
vary frcm about one-fifth the turbulent value at a M_ch number of 2 to
about one-third the turbulent value at M = 8. According to Newton's
law of cooling, the heat-transfer rate per unit area is equal to the
product of the heat-transfer coefficient and the difference between the
recovery temperature (corresponding to zero heat flow) and the wall
temperature. It follows that the laminar heat-transfer rates should be
less than turbulent in about the same proportion as the heat-transfer
coefficients inasmuch as the recovery temperatures are about the same
for both types of boundary layer, and the wall temperatures are, of
course, presumed unchanged. It is indicated then that both local and
overall heating of a vehicle can be reduced by increasing the amount of
laminar flow. This observation raises the fundamental question - how
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can the Reynolds number of transition from laminar to turbulent flow
be increased?
Theoretical and experimental work to date (refs. 6 to 16) have
indicated that there are three especially promising methods of increasing
the transition Reynolds number in supersonic flight. One method is to
cool the surface of the vehicle, another is to shape the surface to give
decreasing pressures with distance aft on the vehicle, that is negative
pressure gradients, and the third is to minimize surface roughness of
the vehicle. The first two methods tend to stabilize the laminar
boundary layer against disturbances which might otherwise cause transi-
tion to turbulent flow. The third method tends to eliminate one impor-
tant source of these disturbances.
Some examples of the effects of surface temperature and pressure
gradient on transition are shown in figure 2. First it is observed that
cooling the surface from about lO percent above to lO percent below the
recovery temperature increased the transition Reynolds number on a
parabolic body of revolution from about 6 × 106 to 20 × 106 at a _ch
number of 1.61 (ref. 12). In other words, the length of laminar run
was increased by more than threefold. The effect of pressure gradient
on transition Reynolds number (ref. 15) is also shown in this figure
for the case of surface temperature equal to recovery temperature. The
parabolic bodyj which has a negative pressure gradient for about three-
fourths of its length 3 has about twice as long a laminar run as the
ogive-cylinder which has a favorable gradient for only about the first
quarter of its length. Similarly# the ogive-cylinder has about twice
the laminar run of the cone-cylinder which has a negative pressure
gradient only at its shoulder.
Pressure-gradlent effects also become evident when cylindrical
bodies fly at an angle of attack (ref. ll). This point is demonstrated
in figure 3 where it is observed that the transition Reynolds numbers
on the sheltered side of the body at an angle of attack are much
smaller than those on the windward side. The effects shown can actually
be correlated with a pressure-rise coefficient along a streamline
passing from the windward to the sheltered side of the body. More
generally, it can be said that all the experimental effects shown here
and in figure 2 agree qualitatively with the results of boundary-layer
stability theory (refs. 6 to 9)-
The effect of distributed surface roughness on transition Reynolds
number (ref. ll) is shown in figure 4. Here the transition Reynolds
number on a model fired in a free-flight wind tunnel is plotted against
the ratio of roughness height to the laminar-boundary-layer thickness
at transition. The roughness height is the depth of the screw thread
used to create the roughness. It is apparent that increasing the
roughness moves transition forward for each of the length Reynolds
numbers at which tests were conducted.
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There are, _en, several __ _ch'_d_'_'_oL_ctively
offer pr_se of reducing heat transfer in supersonic flight by _in-
_ining more laminar flow over a vehicle. At best, however, there are
numerous disturbances such as those produced by shock waves, noise, and
wakes, which can still cause transition and which cannot be easily
eliminated. Accordingly, it is appropriate to consider next a method
which appears especially suited to reducing heat transfer from a turbu-
lent boundary layer to a surface. This method is termed transpiration
cooling (see refs. 17 to 19).
With a transpiratic_ cooling system, the coolant passes through the
material to be cooled as shown in figure 9. The coolant may pass through
as a gas, or as a liquid that would evaporate on the surface. A liquid
has, of course, the a_vantage of absorbing the heat of vaporization
during transpiration. In any event, the coolant leaves the surface as
a gas and flows into the surrounding boundary layer. Naturally the
outer skin of the aircraft woul_ have to be porous. The porosity,
however, introduces engineering problams of strength and of manufacture.
Because of these and additional problems, consideration of transpiration
cooling would onl_ be ma_e if it could be shown to be very effective.
There are two reasons why a transpiration cooling system is thought to
be effective. First, fram a heat-exchanger viewpoint, a transpiration
cooling system is efficient because it raises the temperature of the
coolant to the temperature of the outer surface, where the highest
temperature in the system exists. Thus, the coolant absorbs the maxi_mm
possible amount of heat. In addition, when the coolant leaves the
surface as a gas, it reduces the shear in the bou_lary layer by tending
to separate it from the wall. As a result the heat transfer to the body
is reduced. These two attributes, utilizing the coolant to its fullest
and reducing the amount of heat entering the aircraft, make a transpira-
tion cooling system exceptionally effective. Some indication of the
reductions in heat transfer obtainable by this method is shown in
figure 6 for the case of flow over a flat plate at a Mach number of 2.6
and a length Reynolds number of _ × 106. The ordinate is the ratio of
heat-transfer coefficient with, to heat-transfer coefficient without
transpiration. The abscissa represents the ratio of mass flow of air
per unit area through the surface to the mass flow per unit area of the
free stream. The important ccmclusion to be drawn frQm this figure is
that according to both theory (ref. 18) and experiment, large reductions
in heat transfer are obtained by transpiring relatively small amounts of
air.
Up to this point, we have concerned ourselves primarily with over-
all heat transfer to a vehicle - local heat transfer has been discussed
only in the sense that it contributes to overall heat transfer. It is
appropriate now to view the local heating problem as it relates to the
generation of "hot spots" on a vehicle. In this regard, it will be
undertaken to consider only those spots which are more or less co,non
• • 00: : : • . . ° : :'° : :" :..
"" "'" ""• O • 000 O@ • • •OO 000 00 • •
4
ii"!ii'i: " ""• • ::" :"
.. .." : : :.. :."
to all vehicles - n_, the nose of the body and the leading edge of
the wing. (There may, of co_se, be other regions of this type - for
example, the transition region - however, it is beyond the scope of the
present paper to consider these possibilities.)
A nose or leading edge tends to become excessively hot for the
following reason. The boundary layer is Just beginning to form so it
is still very thin and the rate of viscous shearing is very high.
Accordlngly_ the local heat-transfer coefficients are very high. In
the event a nose or leading edge is sharp, it is indicated by boundary-
layer theory that the local heat-transfer coefficients take on prohibi-
tively large values. For this reason, and because a sharp nose or
leading edge has little capacity for absorbing heat, effects of blunt-
ness on heat transfer have been a matter of some interest (see, e.g.,
refs. 20 and 21). Theoretical studies of the heat transfer from a
laminar boundary layer to a hemispherical nose or a semicircular leading
edge indicate that, all other things being the same, the heat-transfer
coefficients should vary inversely with the square root of the radius
of curvature of the surface (see refs. 22 to 26). Figure 7 compares
this prediction with experimental data for transverse cylinders. The
nominal test conditions were Mach number 9.8, stagnation temperature
2200 ° R, cylinder temperature 530 ° R, and cylinder Reynolds numbers
from about 0.3 × 103 to 4.2 X 103. Variations in Re D were obtained
by varying cylinder diameter. For these tests, then, the dimensionless
ordinate is proportional to heat-transfer coefficient while the abscissa
is proportional to cylinder diameter. It is indicated that heat-transfer
coefficients are substantially reduced by increasing the diameter, and
essentially in the manner predicted by theory. Analogous results have
been obtained for hemispherical noses (ref. 27). There is good reason
to believe, then, that round noses and round leading edges are desirable
from the standpoint of reducing the high rates of local heat transfer
in these regions.
Now blunting the nose of a body in some cases actually reduces
pressure drag. On the other hand, a substantial increase in pressure
drag is almost inevitably associated with blunting the leading edge of
a wing. Sweeping the leading edge is, of course, an effective means
for minimizing this penalty (see, e.g., ref. 21). The question is then
raised, however, as to what effect sweep has on heat transfer. Theory
in this case has been worked out only for the stagnation region (ref. 26)
and then only for the limited, although perhaps most practical, case of
wall temperature that is low in comparison with stagnation temperature.
Comparison of the predictions of this theory with experiments on heat
transfer to swept cylinders is shown in figure 8. Specifically, there
is shown the. ratio of average heat-transfer rate at angle of sweep to
average heat-transfer rate at zero sweep as a function of the angle of
sweep. The experimental data are for M_ch numbers of 9-8 and 6.9 and
wall to stagnation temperature ratios of 0.24 and 0.48 to 0.84. The
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theoretical prediction is shown only for the _m_ra_e ra_ o_" 024,
inasmuch as the theory is not applicable at the higher temperature ratios
It is encouraging to note that according to both theory and experiment,
large reductions in heat-transfer rates are achieved by sweep. Sweep-
back, then, may prove as useful in reducing heat transfer and drag in
flight at high supersonic speeds as it has been in reducing drag at low
supersonic speeds.
So far in this discussion it has been presumed that the boundary
layer is normal in the sense that it is laminar, transitional, or turbu-
lent, and more or less steady. As a final point, however, I would like
to depart from this presumption and consider a basically different floM
(ref. 28) which offers promise of transferring less heat to a surface
than the usual boundary layer. This flow is nonsteady, rather than
steady, and it may be represented schematically as shown in figure 9-
It differs from the normal boundary layer in one important respect - a
large vortex exists in the boundary layer at short intervals along the
surface. Now, assume that each vortex is made up of air from the main
flow and, further, that the surface is at some reasonable temperature
greater than ambient air temperature. It may be argued then that part
of the heat convected to the surface in the region of the normal boundary
layer should be convected from the surface in the region of a vortex
since the peripheral portion of the vortex should be cooler than the
surface. The cooling by the vortices should, of course_ depend both
upon their size and spacing.
It was undertaken to check the principle of this 'boundary-layer-
vortex" hypothesis using specially designed spike-nosed bodies of revo-
lution. These bodies were employed simply because they are known to
generate a high-frequency pulsating flow at supersonic speeds (ref. 29),
and it seemed reasonable to expect that large-scale vortices would be
discharged over the bodies with each pulsation. Visual flow studies
(ref. 28) indicated that this was, in fact, the case. It was antici-
pated further that aerodynamic cooling by the vortices would reflect
directly in the recovery temperatures of the surface. Some idea of the
magnitude of this effect at zero angle of attack and a _ch number of
5-_ can be obtained from figure 10. Here the recovery factor at a
representative point on the surface of a splke-nosed body is shown as
a function of spike extension. The body consisted of a truncated cone
_-ith a conical spike and an annular cutout added to the front face of
the cone. The purpose of this cutout is to produce stronger, better
developed vortices during pulsation. For spike extensions up to about
0.4 inch the flow remained steady and the recovery factor remained at
a rather high value characteristic of turbulent boundary layers. With
further spike extension, pulsating flow occurred at the nose, and the
bow shock oscillated between the front face of the model and the tip of
the spike. Ring-shaped vortices were discharged over the model in
concert with each pulsation, and as can be seen, substantial reductions
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With further spike extension the pulsations tended to disappear, large
vortices were no longer shed from the nose, and the recovery factor
rose to values in the range of normal boundary layers. The maximum
reduction in recovery factor due to spike extension was from about
0.91 to 0.68.
It is of interest now to see what the distribution of recovery
factor is like on the spike-nosed body under conditions of pulsating
flow. Figure ll provides some information on this matter for a spike
extension equal to about three-fourths of that for obtaining minimum
recovery factors. It is observed first that the recovery factors rise
from a relatively low value near the center of the spike to a high
value near the annular cutout. On the afterbody something like the
proposed boundary-layer-vortex flow was obtained and it is observed
that the recovery factors are uniformity low, varying from about O. 72
to 0.75. These results and those of the previous figure indicate that
recovery temperatures on the surface of a vehicle in flight at a _ch
number of 3-5 in air at 40 ° F ambient temperature could be reduced from
about llSO ° F to as low as 870 ° F by using vortex cooling. I_rge
vortices offer promise, then_ of substantially reducing recovery temper-
atures in flight at high supersonic speeds.
It is appropriate to inquire next as to what effect the pulsating
flow has on heat-transfer coefficients. Some idea of this effect can
be obtained from figure 12 which shows indicated average heat-transfer
coefficients as a function of the difference between indicated recovery
and wall temperatures of a spike-nosed model and a truncated cone model.
Each model was solid and made of duralumin. The term "indicated" is
used because the temperatures were measured at the base of the models.
There are two important things to be noted. First, the effect of
pulsating flow on heat-transfer coefficients is rather small 3 in this
case reducing the coefficient by perhaps 7 percent. Second, the heat-
transfer coefficients for the pulsating flow are 3 as in the case of
steady flow, more or less constant, independent of wall temperature.
The latter observation suggests _hat the measured recovery factors
can be combined with the measured heat-transfer coefficients in order
to estimate the effects of pulsating flow on average heat-transfer rates
in flight. It seems unlikely that in practice these rates would exceed
those corresponding to the case of wall temperature equal to ambient air
temperature. For this particular case_ the rate of heat transfer is
simply proportional to the product of the heat-transfer coefficient and
the recovery factor. But pulsating flow reduced the heat-transfer
coefficient by about 7 percent and it reduced the recovery factor from
0.91 to about 0.7_, or about 16 percent. The net reduction in maximum
average heat-transfer rate is indicated, then 3 to be about 23 percent.
For heat-transfer rates less than the maximum, the percentage reduction
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the role played by recovery factor is of increased importance.
CONCLUDING_
In the light of these and the previous considerations, the following
conclusions are reached regarding presently available methods of reducing
aerodynamic heating in supersonic flight. First I since a laminar boundary
layer convects heat to a surface much less rapid/_ than a turbulent
boundary layer, it appears worthwhile to strive for larger amounts of
laminar flow by employing smooth, cooled surfaces which are shaped to
give favorable negative pressure gradients. In the event the turbulent
boundary layer cannot be avoided, the resulting aerodynamic heating may
be substantially reducedby using a transpiration cooling system.
Excessive heating of the noses of bodies and leading edges of wings can
be minimized byblunting or rounding these surfaces, and in the case of
wings this local heating problem can be further alleviated by sweeping
the leading edge. Finally, there is the encouraging possibility of
reducing aerodynamic heating below that encountered withnormal boundary-
layer flows by employing vortex cooling.
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LOCAL HEAT TRANSFER FROM LAMINAR AND TURBULENT
BOUNDARY LAYERS TO A FLAT SURFACE
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A_0DYNAMIC HEATING OF ROCKET-POWS_KED RESEARCH
VEHICLES AT HYPERSONIC SPEEDS
By Robert O. Piland
Langley Aeronautical Laboratory
_Y
Skin temperature measurements have been obtained on two free-flight
research vehicles; measurements were made up to Mach _umbers of 5.4 in
one case and up to 10.4 in the other. On the first model (M = 9.4),
temperature measurements were obtained at nine stations (between 6.9
and 29 inches) along the 19° conical nose. The temperature distribution
along the nose, at a Mach number of 5.4, indicated transition to have
occurred at a Reynolds number of about 9 X lO6. The theories of Van
Driest for laminar and turbulent flow proved adequate for predicting
the skin temperature histories for laminar and turbulent stations,
respectively.
A skin temperature history was obtained at a single station
(26.6 inches from tip) on a fineness-ratio-5 K_m_a nose shape to a
Mach number of 10.4. The peak skin temperature of 1,200 ° F occurred
shortly after the time of peak Mach number and calculations indicate
that at this time the convective heat transfer to the model was being
balanced by radiative heat transfer away from the model. The theory of
Van Driest was used in calculating a skin temperature and appeared
adequate up to a Mach number of about 6. Above this value, there is
some divergence between calculated and measured data_ possibly due to the
existence of other than turbulent flow over the measuring station.
INTRODUCTION
q&
It is well known that the problem of aerodynamic heating becomes
more severe with increasing Mach number. In order to determine Just
what heating conditions will be encountered at higher Mach numbers,
research vehicles are being flight tested, at present, to Mach numbers
as high as 10.4.
The purpose of this paper is to present and discuss skin temperature
measurements from two flight tests. Temperature measurements were obtained
to a Mach number of 5.4 on the first flight and to a Mach number of 10.4
on the second flight.
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2SYMBOLS
M
R
To
T
Math number
Reynolds number
static temperature, degrees Rankine
skin temperature, degrees Fsdlrenheit
length on which Reynolds number calculation is based
RESULTS AND DISCUSSION
Figure i presents the variation of static temperature, Mach number,
altitude, and Reynolds number per foot with flight time for a three-
stage vehicle which had a 15° total angle conical nose.
Figure 2 presents the variation of skin temperature with time meas-
ured at a distance of 29 inches from the nose tip. The nose cone was
constructed of O.027-inch-thick Inconel. The maximum measured tempera-
ture is seen to be l,O00 ° F, at which time (23.7 seconds) the vehicle
is at a Mach number of 5-4.
A temperature history has been calculated using the turbulent theory
of Van Driest (ref. I) applying a conversion factor to make it applicable
to the cone (ref. 2). Turbulent flow was assumed to exist from the nose
tip, and the recovery factor used in calculating the adiabatic wall
temperature was assumed equal to the cube root of the Prandtl number Pr 113/
based on skin temperature (ref. 2). The ratio of specific heats F was
taken equal to 1.4. The calculated temperature history is indicated by
the symbols in figure 2 and is seen to be in good agreement with the
measured temperature history.
In addition to the temperatures measured at station 29, measurements
were also made at eight other stations along the same 15 ° cone. Figure 3
presents the variation of skin temperature along the nose cone at a par-
ticular time during the flight. The flight time considered is 23.7 sec-
onds at which time the Mach number is 5.4 and the Reynolds number per
foot is 9.8 × 106 • The measured temperature is indicated by the solid
line and the ticks on this curve and along the center line of the cone
indicate the stations at which the temperature measurements were made.
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The shape of the measured curve indicates regions of laminar, transi-
tional, and at least the early stages of turbulent flow. The abrupt
change in slope of the temperature curve indicates that transition from
laminar flow began at a Reynolds number of about 9 X lO6. It is inter-
esting to note that, in a flight time of only 23.7 seconds, a difference
of 900 ° F exists between laminar-station and turbulent-station tempera-
ture measurements.
The lower broken line in figure 3 indicates temperatures calculated
using the laminar theory of Van Driest (ref. 3), applying a conversion
factor to make it applicable to the cone (ref. 2). The recovery factor
was assun_d equal to the square root of the Prandtl number (ref. 2).
Fair agreement is seen to exist between the measured and calculated data
at the stations where the laminar flow is believed to exist.
The upper broken line in figure 3 indicates temperatures calculated
using the turbulent theory of Van Driest as described previously. Toward
the aft end of the cone (station 29), where it is believed turbulent flow
exists, the agreement between the measured and calculated data is quite
go od.
Let us now consider temperature measurements to a Mach number of i0.4
obtained during the flight test of a four-stage vehicle, which is des-
cribed in reference 4.
Figure 4 presents the variation of static temperature, Mach number,
altitude, and Rey_olds number at the temperature measuring station, for
the test vehicle. The nose shape on _hich the temperature measurements
were made was a fineness-ratio-9 K_m_n nose shape whose tip was modi-
fied to form a 15o total angle wedge. The nose skin was of O.O32-inch-
thick Inconel. A sketch of the nose shape is presented in figure 9 and
the temperature measuring station is shown to be 26.6 inches aft of the
nose tip. The variation of skin temperature with time is also presented
in figure 5 and is indicated by the solid line. A peak temperature
of 1,200 o F is seen to have been reached just after peak Mach number.
At this time, the heating potential is still considerably higher than
the skin temperature, and considering only convective heat transfer a
peak temperature would not have been expected until a later flight time.
The explanation for the peak at this time is that the convective heat
trsasfer to the skin is being balanced by the radiative heat transfer
away from the skin. Keeping this in mind, consider the temperature his-
tory calculated using the turbulent theory of Van Driest (ref. l) for a
cone and including radiative heat transfer. The calculated values (square
symbols) agree quite well to about 28 seconds_ a time which corresponds
to a Mach number of about 6. At this point the measured and calculated
values diverge and at the time of peak measured temperature the calculated
4
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curve is still rising rapidly. However, if transition to laminar flow
is arbitrarily assumed to occur at a Reynolds ntumber of 5 X 106 and
laminar heat-transfer coefficients are used, the points indicated by
the solid square symbols are obtained. The inference is that laminar
flow must have actually existed on the model at this time of peak temper-
ature. Calculations are also presented considering flat-plate theory;
these are indicated by the circular symbols. At the higher temperatures,
the agreement between the flat-plate calculations and the measured data
is better than the calculations for the cone; this is probably fortuitous
and may be due to the existence of transitional rather than turbulent
flow over the measuring station for some time interval prior to time of
peak temperature. The primary purpose of making the flat-plate calcu-
lations was to determine the difference in estimated maximum temperature
occasioned by using the simpler flat-plate procedure. The difference
is seen to be about 15 percent.
CONCIXIDING REMARKS
The following observations are made from the data presented here:
i. Free-flight skin-temperature measurements have indicated
transition to occur on a conical nose at a Reynolds number of
about 9 × 106 at a Mach number of 5.4.
2. The theories of Van Driest for turbulent and laminar heat-
transfer coefficients appear adequate for calculating skin temperature
histories to Mach numbers on the order of 6.
3. Radiative heat transfer at Mach numbers of lO can play an
important role in the determination of peak skin temperature.
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TENSILE PROPERTIES OF SOME SHEET MATERIALS UNDER
RAPID-HEATING CONDITIONS
By George J. Heimerl and John E. Inge
Langley Aeronautical Laboratory
SUMMARY
Results are presented of some rapid-heating tests of some sheet
materials - 7075-T6 and 2024-T3 (formerly 755-T6 and 245-T3, respectively)
aluminum alloys, Inconel, and RS-120 titanium alloy - which are part of
an investigation of a number of structural materials. The materials were
tested at temperature rates from 0.2 ° F to lOO ° F per second under
constant-load conditions. Yield and rupture temperatures, obtained under
rapid-heating conditions, are compared with the tensile properties obtained
under constant-temperature conditions for 1/2-hour exposure. Yield and
rupture stresses are found to increase approximately in proportion to the
log of the temperature rate except where effects such as aging altered the
results. Master curves are presented for the determination of yield and
rupture stresses and temperatures, which are based upon the use of a
temperature-rate parameter derived from the data.
INTRODUCTION
Comparatively little is known about the properties of materials
under rapid-heating conditions except for fairly recent tests of vari-
ous materials by some investigators at temperature rates of hundreds
of degrees or more per second (for example, refs. 1 to 5). This paper
will cover some results of rapid-heating tests at relatively slow temper-
ature rates up to lO0 ° F per second for some sheet materials - 7075-T6
and 2024-T3 aluminumalloys, Inconel_ and RS-120 titanium alloy - which
are part of an investigation of a number of structural materials at the
Langley Laboratory.
The rapid-heating test is a new kind of test and differs from the
conventional stress-strain test. In the rapid-heating test, the load
is held constant. The material is then heated at a constant temperature
rate until failure occurs. In the stress-strain test, on the other hand,
the temperature is held constant. After the material has been heated
1/2 hour or more at the test temperature, the load is then applied until
failure takes place. Heating was accomplished in the rapld-heating tests
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by passing an electric current through the specimen in such a manner
as to obtain a constant temperature rate. Autographic strain and
temperature-time records were obtained, and yield and rupture tempera-
tures were determined for each test.
TEST RESULTS
The strain-temperature histories for the tests of 7075-T6 aluminum
alloy under rapid-heating conditions are shown in figure 1. In this
figure the strains, which include the elastic, thermal, and plastic
strains, are plotted against the instantaneous temperatures for each
test at the different stress levels and temperature rates. These rates
varied from about 0.2 ° F to lO0 ° F per second - a factor of about 500.
The outstanding characteristic of these tests for this material is the
regular family of curves obtained at each stress level for the different
temperature rates when the material becomes plastic. As long as the
material remains elastic, however, a single curve is obtained at each
stress level regardless of temperature rate. This single curve coincides
with the calculated thermal-expansion and change-in-elastic-modulus curve
for the stress level. The extensions of these calculated elastic curves
are shown by the dashed lines. A thermal-expansion curve is also shown
in figure 1 which was obtained for the material after it had been
repeatedly heated and cooled until the same curve was obtained on both
heating and cooling. Yield temperatures at which 0.2-percent plastic
flow occur are indicated by the tick marks; yield temperatures increase
with the temperature rate in a very consistent manner.
Figure 2 shows the logarithmic nature of this increase in yield
as well as in rupture temperatures for this material. The temperature
rate is given by a logarithmic scale. The curves are faired through
the test points and show that both yield and rupture temperatures
increase approximately in proportion to the log of the temperature rate.
_nis condition was also found to be the case for the other materials
with certain specific exceptions, some of which will now be illustrated.
Figure 3 shows the effect of aging on the results for 2024-T3 alumi-
num alloy at 50 ksi. In this instance, all the test curves go more or
less together up to yield, after which the individual curves fall into
the normal pattern. Rupture temperatures follow a logarithmic relation
but yield temperatures do not.
Another example of the effect of aging is shown in figure 4 for
RS-120 titanium alloy at 75 ksi. In this case, the test results follow
the usual pattern up to yield, but at higher temperatures the order of
the curves is almost completely reversed. This behavior was not expected
for this material in the stabil_ condition.
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The last example (fig. 5) illustrates the unstable nature of the
plastic flow obtained in the tests of Inconel at 28 ksi under rapid-
heating conditions. Here, abrupt plastic flow occurs after intervals
of more or less elastic action. In spite of this erratic behavior, yield
temperatures appear to increase in regular fashion; this irregular
behavior continued until near rupture. This type of action is associated
with the development of Luder's lines.
COMPARISON OF RAPID-HEATING AND STRESS-STRAIN TESTS
Although rapid-heating and stress-straln tests are two distinctly
different kinds of tests, comparisons can be made between results of
such tests on the basis of yield and rupture or ultimate stresses at
different temperatures. The comparative results for the yield stress
for the aluminum alloys are shown in figure 6. The results of the
rapid-heating tests are given by the solid lines for arbitrary tempera-
ture rates from 0.2 ° F to lO0 ° F per second. The dashed lines give the
tensile yield stress (0.2-percent offset) for 1/2-hour exposure obtained
from the stress-strain test. The main result to be noted here is that
the yield stress under rapid-heating conditions may be appreciably
greater or about the same at a given temperature as that obtained from
the stress-strain test for 1/2-hour exposure, depending on the tempera-
ture rate and the material. For the rapid-heating tests, the effect
of increase in temperature rate levels off markedly for rates above
about 60 ° F per second.
A comparison of the rapid-heating and stress-strain results for
these same materials for rupture and ultimate stress is given in fig-
ure 7- The comparisons are very similar to those found for the yield
shown in figure 6. Rupture temperatures, however, run from 20 ° F to
60 ° F higher than those for yield. As in the case of yield, the increase
in rupture stress becomes very small for temperature rates above 60 ° F
to lO0 ° F per second. Similar comparisons between rapid-heating and
tensile-test results for Inconel and RS-120 titanium alloy have not been
completed.
MASTER YIELD AND HUPTURE CURVES
A temperature-rate parameter was derived from the data, which was
based upon the logarithmic relationship between yield and rupture tem-
peratures and the temperature rate previously shown. With this param-
eter, it was found possible to reduce the results of the rapid-heating
tests to a single or master curve in plots of stress against the
parameter.
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The correlation of the data with the master curves for the two
aluminum alloys is shown in figure 8. In this parameter, T applies
either to the yield or rupture temperature in OF, and h is the tempera-
ture rate in OF per second; the additional numbers in the numerator and
denominator are temperatures and temperature-rate constants, respec-
tively. The validity of the parameter is shown by the correlation of
the data with the master curves. Very good correlations were obtained
in general for yield for both materials and fairly good correlation
for rupture. Yield and rupture temperatures, calculated by means of
the master curve and the parameter for the different stress levels,
are in very close agreement with the test values, especially for the
7075-T6 aluminum alloy.
Figure 9 shows the correlation of the test points with the master
curves for yield and rupture for !nconel and RS-120 titanium alloy.
Good correlations were obtained for yield for Inconel and the titanium
alloy except at 50 ksi for the latter where the parameter does not hold.
Fairly good correlation wss obtained for rupture for these materials
except in the regions where aging affected the results.
CONCLUDING REMARKS
Although the rapid-heating tests for some of the materials have not
been completed, the results obtained so far indicate, in general, that
yield and rupture temperatures increase logarithmically with temperature
rates below i00 ° F per second except for certain regions or stress levels
for some of the materials. This increase levels off markedly for tempera-
ture rates from about 60 ° F to i00 ° F per second. Under rapid-heating
conditions, materials may be stronger than indicated by conventional
tensile data for i/2-hour exposure, but the relative strength varies
with the temperature rate and the material. At the present time, no
theory is available for the complex transient behavior of materials
under rapid-heating conditions. The use of master yield and rupture
curves, however, employing a suitable temperature-rate parameter, affords
a possible convenient method for determining yield and rupture stresses
and temperatures for different temperature rates. In any case, adequate
data are required for each material in order to establish such curves
and the limitations of the parameter.
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PRELIMINARY INVESTIGATION OF THE COMPRESSIVE
STRENGTH AND CREEP LIFETIME OF 2024-T3 (FOEMERLY 24S-T3)
AL_-ALLOY PLATES AT ELEVATED TEMPERATURES
By Eldon E. Mathauser and William D. Deveikis
Langley Aeronautical Laboratory
SL_e_RY
The results of elevated-temperature compressive strength and creep
tests of 2024-T3 (formerly 25S-T3) aluminum-alloy plates supported in
V-grooves are presented. For determining elevated-temperature strength,
where creep effects are negligible, a relation previously developed for
predicting plate compressive strength at room temperature was satisfac-
tory. Creep-lifetime results are presented for the plates in the form
of master creep-lifetime curves by using a time-temperature parameter
that is convenient for summarizing tensile creep-rupture data. A com-
parison is made between tensile and compressive creep lifetime for the
plates, and the magnitude by which the design stress is decreased because
of material creep and loss of strength due to exposure at elevated tem-
peratures is indicated.
INTRODUCTION
Since plates are one of the most important load-carrying components
in the structure of 8_n aircraft, knowledge of the elevated-temperature
strength and creep behavior is becoming increasingly important. At the
present time very little published information is available on the experi-
mental maximum strength of plates at elevated temperatures (ref. 1), and
no data have been found on experimental creep behavior of such members.
In order to obtain such information, the National Advisory Committee for
Aeronautics has recently made an experimental study of both compressive
strength and creep lifetime of 2024-T3 aluminum-alloy plates at elevated
temperatures.
In this investigation, the unloaded edges of the plates were sup-
ported in V-grooves. This type of support was used because room-
temperature strength tests of plates supported in V-grooves showed good
correlation with experimental plate strengths obtained from stiffened
panel and box-beam tests. Width-thickness ratios ranging from 20 to 60
were investigated. A hydraulic testing machine was used to apply load in
the compressive-strength te_ creep tests a constant dead
load was applied.
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SYMBOLS
b
C
ESEC
t
tcr
TR
Gcy
_f
width, in.
constant
secant modulus, ksi
thickness, in.
failure time, hr
temperature, OR
0.2-percent-offset compressive yield stress, ksi
average stress at maximum load, ksi
Poisson' s ratio
RESULTS AND DISCUSSION
Compressive-Strength Tests
Test results.- An example of the results that were obtained which
illustrates the behavior of the plates and the material when subjected
to compressive loading is shown in figure 1. Average stress is plotted
against unit shortening of the plates. Results are shown for plates
tested at 400 ° F for width-thickness ratios of 20, 30, 45, and 60. The
material compressive stress-strain curve is indicated by the dashed line.
For the plate of width-thickness ratio of 20, the maximum stress
exceeded the 0.2-percent-offset compressive yield stress indicated by
the tick mark before collapse occurred at about 0.8-percent shortening.
Buckling and collapse of this plate as well as the plate of b/t = 30
occurred almost simultaneously. The plates of b/t = 45 and 60 buckled
elastically, and considerable shortening occurred after buckling before
maximum load was obtained. Maximum loads for plates of b/t = 30, 45,
and 60 were reached at approximately the same value of unit shortening,
in this case about 0.4 percent.
The maximum stresses obtained in these tests at 400 ° F and in simi-
lar tests at other temperatures are shown in figure 2. Average stress at
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maximum load is plotted against temperature in OF. The curves represent
the predicted maximum strength of the plates. Test results are indicated
by the symbols. The method used for determining plate strength will be
discussed later. Results are given for width-thickness ratios of 20, 30,
45, and 60 for temperatures ranging from room temperature to 600 ° F.
All plates were exposed to the test temperature for 1/2 hour before
application of load. Several plates of each proportion were tested at
room temperature and 400 ° F. The results at these two temperatures give
an indication of the scatter that can be expected in the test data at
the other temperatures. The increase in compressive strength produced by
artificial aging of the aluminum alloy accounts for the increased strength
of the plates in the vicinity of 400 ° F.
Prediction of plate compressive strength.- In determining the plate
compressive strength at elevated temperatures, use was made of a relation
that has been developed in a previous study for correlating plate com-
pressive strength with material properties (ref. 2)_ This relation,
shown in figure 3, defines the average stress at maximum load as follows:
!
=c t
V1-w2b
where C is a constant for all materials at any temperature, the quan-
tities within the square-root sign are material properties, and the
remaining term is plate geometry. The secant modulus ESE C and Poisson's
ratio _ are associated with the average stress at maximum load. The
0.2-percent-offset compressive yield stress gcy is indicated by the tick
mark, and t/b is the plate thickness-width ratio.
This plate-compressive-strength relation indicates that, if the
average stress at maximum load is divided by the term containing material
properties and if this quantity is then plotted against the plate
thickness-width ratio, a straight line will be obtained. The slope of
this line determines the constant C. Figure 4 shows this type of plot
in which the average stress at maximum load divided by the material param-
eter is plotted against the plate thickness-width ratio. Results obtained
from a previous study of room-temperature compressive strength of plates
of magnesium alloy, three aluminum alloys, and stainless steel are shown
by the solid symbols. The value of C (fig. 3), determined from the slope
of a straight line passing through the origin and the solid symbols, is
equal to 1.S1.
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Since the elevated-temperature plate compressive strengths obtained
in the present study and shown by the open symbols in figure 4 also lie
essentially along the same line, the same value of C applies to these
results. It thus appears that plate compressive strengths can be esti-
mated satisfactorily from the previous strength relation for all materials
at either room or elevated temperatures. Only the material compressive
stress-strain curve at the corresponding temperature and exposure time is
required in predicting the plate strength.
d
Creep Tests
Test results.- Creep test results were obtained for temperatures of
400 ° , 450o , and 500 ° F. The applied load in most cases produced creep
failure of the plates within 6 hours after loading. Same typical plate
creep curves are shown in figure 5 in which unit shortening is plotted
against time in hours. These results were obtained for plates of width-
thickness ratio of 20 exposed to test temperature for i/2 hour before
loading. The applied stress is shown for each plate, as well as the
ratio of the applied stress to the stress that would produce immediate
failure upon loading.
The applied stress for the plates that failed within 5 hours was a
substantial percentage of stress that would produce immediate failure at
400 ° F. The plate with applied stress of 31.5 ksi failed in 33.8 hours.
For the plates that failed within 5 hours, constant or secondary creep
rate existed for only a small portion of the plate lifetime, whereas the
plate with applied stress of 31.5 ksi exhibited constant creep rate for
approximately 75 percent of the total lifetime.
These creep test results for b/t = 20 resemble the results obtained
for other values of b/t at 400 ° F and for other test temperatures. Fail-
ure of the plates occurred in most cases at a value of shortening somewhat
greater than the shortening obtained at maximum load in the compressive-
strength tests. For example, for the results shown in figure 5, failure
occurred soon after the shortening reached 0.8 percent, which corresponds
to the shortening obtained at maximum load in the compresslve-strength
test for b/t = 20 given in figure i.
The most significant information obtained from the creep tests is the
lifetime. Lifetimes obtained from these tests and from similar tests at
400 ° F for other values of b/t are plotted in figure 6. In this figure,
applied stress is plotted as open symbols for each value of b/t. The
maximum strength of the plates determined from the compressive-strength
tests is shown by the solid symbols on the vertical axis. Lines repre-
senting an average of the test results have been drawn through the data
for each value of b/t. The relatively small amount of scatter in these
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data indicates that plate creep lifetime is not sensitive to initial
imperfections since no attempt was made to control these imperfections
in selecting the test specimens.
Comparison between tensile and compressive creep lifetime.- A com-
parison between the tensile-rupture lifetime of 2024-T3 aluminum alloy
and the creep lifetime is made in figure 7- Applied stress is plotted
against time. The symbols indicate creep-lifetime results for plates
of b/t = 20 at 400 ° , 450°, and 500 ° F. The curves show tensile creep-
rupture data for the material obtained from the literature (for example,
see ref. 3). Since all test points appear on or above the corresponding
tensile creep-rupture curves, it can be noted that a plate of width-
thickness ratio of 20 will support a given load, either tensile or com-
pressive, for approximately the same time. The implication of this result
is that members such as box beams having equal-thickness cover plates with
proportions of b/t of 20 will be of balanced design in the range from
400 ° F to 500 ° F; that is, the tension and compression covers will have
approximately equal resistance to creep failure. This result has been
verified experimentally from creep tests of three box beams tested at
375 ° F and 425 ° F (ref. 4). Two of the beams failed in tension and one
failed in compression.
Master creep-lifetime curves.- Since the plate creep test results
for b/t = 20 parallel tensile creep-rupture data, the use of a time-
temperature parameter is suggested for presenting all the plate creep-
lifetime results. One of the available time-temperature parameters
(ref. 5) was used for plotting the test data as shown in figure 8.
Stress is plotted against the time-temperature parameter
TR _7 + log tc_ where TR is temperature in OR, 17 is a material
constant, and tcr is failure time in hours. The curve that predicts
tensile creep rupture for the material is shown by the dashed line.
Plate creep-lifetime results obtained for three test temperatures and
four plate proportions are shown. The curves drawn through the plate
creep data indicate an average value of the test results.
For b/t = 20 the results appear near the tensile-rupture curve
and again indicate that a plate of this proportion will support a given
load, either tensile or compressive, for approximately the same time.
For the other values of b/t, the plates will fail sooner in compression
than in tension. This type of plot is convenient for estimating failure
time of the plates for stress and temperature combinations within the
range of the tests. The results at one temperature overlap those obtained
at the other temperatures and thus interpolation is justified.
Comparison of maximum compressive stresses and creep-failure stresses.-
One additional result that will be discussed concerns the compressive
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strength of the plates after _ given exposure time and the stresses that
will produce creep failure of the plates in a corresponding time. Such
a comparison is made in figure 9 in which stress is plotted against time
in hours. The square symbols indicate the experimental compressive
strength of the plates obtained by first exposing the specimens to the
test temperature for the times shown in the abscissa and then loading to
maximum strength. The predicted compressive strength for a similar range
of exposure times is indicated by the dashed line. The solid line drawn
through the circles indicates an average of the plate creep-lifetime
results shown previously in figure 6. For this case, load was applied
and maintained on the specimens until creep failure occurred.
This comparison of maximum compressive stresses and creep-failure
stresses indicates the magnitude by which the design stress is reduced
below the maximum strength because of material creep for times ranging
up to i00 hours. Comparable results were obtained for other values of
b/t and other test temperatures. Many materials do not exhibit marked
changes in compressive strength with exposure time; consequently, results
such as these may be obtained only with aluminum alloys for the tempera-
ture range investigated.
CONCLUDING REMARKS
In summary, experimental results from elevated-temperature strength
and creep tests of aluminum-alloy plates supported in V-grooves have been
presented. A relation previously developed for predicting plate compres-
sive strength at room temperature was satisfactory for determining
elevated-temperature strength. The creep test results indicate that
plates of width-thickness ratio of 20 will support a tensile or compres-
sive load for approximately the same time and that the plate creep-
lifetime results for the temperature range investigated can be presented
by using time-temperature parameters that are convenient for summarizing
tensile creep-rupture data. In addition, a comparison was made to indi-
cate the magnitude by which the design stress is decreased in plates
because of material creep and loss of strength due to exposure at elevated
temperature.
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SOME EFFECTS OF RAPID HEATING ON BOX BEAMS
By Richard A. Pride and L. Ross Levin
Langley Aeronautical Laboratory
When a complex shell structure, such as an aircraft, is heated
rapidly, a number of problems arise. The present paper describes the
results of laboratory tests (see ref. l) in which specimens simulating
wing structures were subjected to heating rates of the order of magni-
tude encountered in extreme aerodynamic heating or in the vicinity of an
atomic explosion. Heating rates up to about lO0 Btu/sq ft/sec could be
achieved in the laboratory with radiant-heating apparatus, but it was
found that the effects on the specimens tested were essentially the same
when considerably lower heating rates were employed.
A typical test consisted of applying a static bending load on an
aluminum box beam to develop a predetermined load stress in the skin.
Then, while this bending load was held constant, rapid heating was
applied to the skins until failure occurred or until a maximum skin
temperature of 600 ° F was reached. Figure 1 shows the large nonuniform-
ity in temperatures that was created at representative points in a multi-
web beam with a relatively thick skin. These temperatures were reached
in 9 seconds with a skin heating rate of 29 Btu/sq ft/see. As can be seen,
the temperature of the internal structure lags far behind the skin tem-
perature and, consequently, large thermal stresses result. When these
stresses reach sufficient magnitude, thermal buckling of the skins occurs,
as shown in figure 2 which is a photograph of one of the beams after it
had been exposed to rapid skin heating. The buckles produced are perma-
nent and are of large amplitude even when heating was terminated shortly
after buckling occurred.
To study the effects of rapid heating on the load-carrying ability
of these beams, tests were run at three values of bending load. Fig-
ure 5 presents the temperature-deflection history for two of these beams
after the bending load stresses had been applied. As shown in the sche-
matic diagram, the beam is loaded with a bending moment and then heated
rapidly on both skins. Here the change in tip deflection is plotted
against the average skin temperature. Note that, under constant load at
the 9.8 ksi level, as the temperature increases, a slight change in
deflection occurs due to the change in material stiffness. At a criti-
cal value of skin temperature, the difference between the skin tempera-
ture and the internal-structure temperature is large enough to produce
sufficient thermal stress which, in combination with the 9.8 ksi load
stress, buckles the skin. A marked increase in beam deflection is then
evident with further heating. For the 22 ksi load stress, a much smaller
temperature difference between skin and webs is required to produce the
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thermal stress needed for buckling. The increase in deflection after
buckling, in both cases, occurs because buckling of the compression skin
reduces the effective stiffness of that side of the beam so that a struc-
ture of unsyrmnetrical stiffness is created. When such a structure is
uniformly heated on both surfaces, it bends much like the familiar bime-
tallic strip. In the case of the beam, however, the bending is not due
to different coefficients of expansion but is due to unequal resistance
of the two skins to the thermal stresses being built up.
At the higher load-stress level, material plasticity in the buckled
skin introduces further dissymmetry in stiffness, and deflections occur
at an increasing rate as the temperature rises. At the peak temperature,
heating was terminated; but because of the high stress level and tempera-
ture, 22 ksi and 511 ° F, respectively, failure occurred due to material
creep before the beam cooled down. At the lower stress level, failure did
not occur although enough plastic deformation of the buckled skin evi-
dently took place to leave a permanent set in bending.
An important conclusion to be drawn from rapid-heating tests of this
type is that the occurrence of thermal buckling in primary structures will
lead to large distortions which will increase under constant external
loads. It becomes important, therefore, to be able to predict the com-
binations of thermal stress and load stress which will cause buckling of
a given structural component.
Figure 4 presents a buckling interaction relation for these beams.
The average temperature difference between skin and webs required to
cause buckling is plotted against applied load stresses, and a buckling
interaction curve can be drawn. Combinations of temperature difference
and load stress which lie below the curve will not produce buckling, and
the combinations above the curve will result in a buckled structure. It
can be seen that, for this particular structure, large nonuniformities
in temperature cannot be tolerated at any load-stress level. The curve
is calculated from the equation given in figure 4. This equation was
derived from a simplified buckling analysis which assumes that average
values of thermal stress in the skin can be superposed on the load stress.
In the equation, _cr is the skin buckling stress, and _L is the com-
pressive stress in the skin produced by the applied bending moment. The
coefficient of thermal expansion is _ and ES is the material modulus
of the skin which varies with temperature. The term EsAs/EwAw is the
ratio of the axial stiffness of the skin and webs. Similar curves can
be calculated for any other beam proportion, and the shape of the curve
will vary somewhat, depending upon the changes in beam material proper-
ties with stress and temperature.
The validity of this simplified analysis is borne out by the results
of the rapid-heating tests of beams statically loaded in bending to
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different stress levels. The average temperatures in skins and webs
which resulted in buckling were measured and these temperature differ-
ences are represented by the circles in figure 4. The agreement with
the temperature predictions is as good as with the room-temperature
prediction.
With regard to the ultimate strength of the beams under rapid-
heating conditions, failures occurred by compressive crippling of the
skin. Good agreement was found between experimental failing stresses
and those calculated by taking into account the loss in material proper-
ties at the elevated temperatures. To obtain the best agreement it was
necessary to take into account the rate at which properties are lost
when the material is rapidly heated. Although thermal stresses had a
profound influence on the buckling loads, no failures occurred until
temperatures had been reached at which a strength calculation would pre-
dict failure with no consideration of thermal stress. Therefore, it was
concluded that thermal stress produced no measurable effect on the ulti-
mate strength of these beams.
Although high skin temperatures cannot be avoided during exposure
to extreme heating conditions, some relief from the effect of tempera-
ture gradients can be obtained through redesign of the internal struc-
ture of the thick-skin type of construction. Such a structure would per-
mit expansion of the heated skin without large build-ups in thermal
stress. Figure 5 shows one type of structure which permits nearly free
expansion of the cover skins. With the skin attached to corrugated webs
at the crests of the corrugations, very little restraint is offered to
in-plane movements of the skin. Only slightly greater restraint would
exist if continuous connection angles of small cross-sectional area were
used in place of clips, and structural efficiency comparable to the best
conventional multiweb construction could be obtained.
In figure 6, the behavior of a corrugated-web beam under a rapid-
heating test at constant load is compared with one of the channel-web
beams previously discussed. Again, change in tip deflection is plotted
against average skin temperature. These two tests were run with the
same load-stress level and nearly identical heating rates. The
corrugated-web beam was fabricated to be nominally the same as the
channel-web beam, with the channel webs replaced by equal-weight corru-
gated webs at the sama web spacing. No evidence of buckling was detected
in the corrugated-web beam prior to failure. As a result, the change in
deflection at a given skin temperature was much less than for the
channel-web beam which had buckled at this point. The deflection which
did occur could be accounted for by the changes in material stiffness
with temperature. Failure again occurred by compressive crippling of
the skin due to loss of material properties.
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Thus, by redesigning internal structure to permit expansion of the
hot skins, thermal stresses resulting from large temperature gradients
in wings can be alleviated. With thermal stresses alleviated, the rate
of heating to a temperature is no longer detrimental to the structure,
and buckling and maximum strength become merely functions of the mater-
ial properties at temperature.
Rapid-heating tests similar to those conducted on thick-skin con-
struction also have been made on beams simulating thin-skin--stringer-rib
construction. At heating rates comparable to those used for the thick-
skin beams, skin temperatures approaching the melting temperature of the
material were encountered. For such a construction, softening or melting
of the thin skin overshadowed the other effects, such as thermal buckling
and beam deflections. Although the skin shielded the primary internal
structure from the heat, the major factor leading to failure for the
thin-skin construction was found to be the extreme skin temperature
encountered.
In s_, this paper has discussed some of the effects which occur
when beams simulating thick-skin wing structures are subjected to rapid
skin heating. Large deflections were noted with heating after buckling,
due to the dissymmetry of the buckled beam. A simplified buckling analy-
sis was presented which predicts the combinations of temperature differ-
ence and load stress required to cause buckling. Thermal stresses
appeared to have no measurable effect on the ultimate strength of these
beams. By redesign of the internal structure to permit expansion of the
skins, thermal stresses were alleviated and the rate of heating was no
longer detrimental to skin buckling. Similar tests on thln-skin con-
struction indicated that, while thermal buckling did occur, the major
factor leading to bending failures was the extreme skin temperature
encountered.
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BEHAVIOR OF A CANTILEV_ PLATE UNDER
RAPID-HEATING CONDITIONS
By Louis F. Vosteen and Kenneth E. Fuller
Langley Aeronautical Laboratory
SUMMARY
Tests of a cantilever plate have shown that the midplane stresses
imposed by a nonuniform temperature distribution can effectively reduce
the stiffness of the plate. This reduction in stiffness is reflected
in the increased deformation caused by the action of a constant applied
torque and also in the reduction of the natural frequency of vibration
of the first two modes of the plate. By using small-deflectlon theory
and by employing energy methods, the effect of nonuniform heating on
the plate stiffness was calculated. The theory predicts the general
effects of the thermal stresses but is inadequate when the deformations
become large. An extension of the analysis to account properly for
large deflections is expected to give more satisfactory results near
critical temperature.
INTRODUCTION
One of the structural problems produced by nonuniform heating is
a change in the effective stiffness of the structure caused by thermal
stresses. _Lis change in stiffness is not associated with a change in
the material properties but depends on the state of stress and may occur
at stress levels well below those necessary to produce buckling. A
reduction in stiffness produced by thermal stresses induced by aerodynamic
heating has been cited as a key factor in the flutter of some wing struc-
tures described in references 1 and 2.
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temperature, OF
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difference in temperature between longitudinal edge and midchord,
oF
chobdwise coordinate measured from midchord line
spanwise coordinate measured from root
plate span, in.
plate half chord, in.
deflection, in.
natural frequency, cps
room-temperature natural frequency, cps
arbitrary exponent
Young 's modulus, p si
arbitrary coefficient of stress function
stress function
in.
coefficient of thermal expansion,
in.-°F
arbitrary coefficients of deflection function
tip rotation, deg
strain energy, in-lb
strain energy due to thermal expansion, in-lb
potential energy of bending, in-lb
energy due to midplane stresses_ in-lb
kinetic energy of vibration, in-lb
potential energy due to external load, in-lb
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DISCUSSION
The type of temperature distribution produced by the aerodynamic
heating of a thin missile wing is shown in figure 1. This figure (given
in ref. 3) shows the variation in temperature across the chord for a
solid double-wedge airfoil immediately following a 1 g acceleration to
Mach number 4 at 50,000 feet. The temperatures on the surface and at
the midplane are shown. Such a temperature distribution produces com-
pressive stresses near the leading and trailing edges and tension in
the central part of the wing. The effect of these stresses is a reduc-
tion in the stiffness of the structure that may be observed as an
increased deformation under load, or as a reduction in natural frequency.
Laboratory demonstrations have shown how the natural frequency of a
simplified wing structure can be effectively reduced by the nonuniform
temperature distribution associated with rapid heating. No quantitative
data exist, however, which relate changes in frequency, and hence effec-
tive stiffness, to temperature distribution. The project to be discussed
in this paper was devised to satisfy part of this need.
An arrangement was selected that required a simple test setup and
which could be analyzed theoretically with relative eaae. The test
arrangement used and shown in figure 2 was a cantilever aluminum-alloy
plate 1/4 inch thick and 20 inches square. A nonuniform temperature
distribution, resembling that encountered in aerodynamic heating, was
produced by rapidly heating the longitudinal edges with carbon-rod
radiators. The temperature distribution along the span of the plate was
constant except for a slight decrease toward the tip. Figure 3 shows
the temperature histories.
Ixl this figure, temperature in degrees Fahrenheit is plotted against
time in seconds for the edge and mldchord. Heat was applied to the plate
for about 16 seconds. During this time, the edge temperature rises almost
linearly to 515 ° F at the peak of the heating cycle. When the heating
stops, the temperature drops quickly and slowly levels off as the plate
cools. The variation in temperature across the chord has been shown in
figure 2 for a time in the heating cycle (10 seconds), at the time of
maximum edge temperature (16.5 seconds), and during cooling (30 seconds).
These distributions show that the temperature remains relatively low over
the center half of the plate but rises sharply near the heated edges.
The plate was tested under a variety of heating and loading con-
ditions, and the data which will be presented represent the results of
some of the more significant tests on this plate. Two investigations
were made to determine the effect of the nonuniform temperature distri-
bution on the stiffness. First, the deformations of the plate due to
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thermal stresses were obtained for various load conditions. Second, the
changes in natural frequency of vibration during heating were investigated.
Deformations
Figure 4 shows the tip-rotation histories. The angle of rotation
of the tip in degrees is plotted against time in seconds for heating with
no external load and for heating with applied torques of 400 inch-pounds
in each direction. In each case, the plate deformed by rotating torsion-
ally about the midchord line. Note that the plate underwent an appreciable
deformation without the application of an external load. This thermal
buckling of the plate may be a significant factor in the control of mis-
siles having solid fins.
The plate rotated in the same direction regardless of whether heat
was applied symmetrically or on either edge because of an initial twist.
The increased deformations, which occurred when a constant torque was
applied in the same direction as the initial twist, indicate an approx-
imate superpositlon of the deformation induced by the thermal stresses
on the initial static deflection. When the torque was applied in the
opposite direction, the plate twisted in the direction of the applied
torque, but the maximum twist was slightly less.
Heating Effects on Natural Frequency
It is difficult to detect the frequency changes of the plate under
transient heating conditions because of the time required to establish
resonance. For this reason, the present investigation has so far been
limited to the first bending and first torsion modes inasmuch as a fre-
quency history could be obtained for these two modes by strlkingthe
plate at regular intervals during the test.
Figure 5 shows how the frequencies of the first two modes varied
during the test. Here, frequency of vibration in cycles per second is
plotted against time in seconds for the first bending and first torsion
modes. The first bending frequency decreased from 19 cycles per second
to 15 cycles per second at the point of maximum temperature gradient.
This is a 21-percent reduction in frequency. _ The first torsion frequency
begins at 48 cycles per second and drops to a minimum of 30 cycles per
second - a reduction in natural frequency of about 55 percent. As the
plate cools, both frequencies return to their original values. The small
irregularity which occurs at the peak of the heating cycle has been
observed in all the first-torsion-mode tests, but as yet its cause has
not been determined.
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Small-Deflection Theory
As a first approach to predicting the changes measured in these
tests, small-deflection theory has been used. The analytical approach
is a combination of the energy methods used to solve buckling and vibra-
tional problems. The method used is outlined in figure 6. The temper-
ature is assumed to be constant through the thickness of the plate and
along the span; the distribution across the chord is approximated by a
simple power law, which involves the edge-to-midchord temperature differ-
ence 2_T and the power 7 required to describe the measured chordwise
temperature distribution. The power 7, which varies during the test,
determines how sharply the temperature rises near the edge of the plate.
In order to find how 7 varied, a curve of the form given was fitted
to the experimental temperature distribution at various times. At the
start of the test, 7 was very large but decreased to 7 = 4 at the
peak temperature and continued to drop to about 7 = 2 at the end of
the test.
Thermal stresses were obtained from a simple stress function (see
ref. 4), and deflections were represented by a power series. The comple-
mentary energy, used to evaluate the coefficient of the stress function,
consists of the usual strain-energy expression plus terms which account
for the strain energy due to the thermal expansion of the plate (ref. _).
The change in energy during deflection consists of the potential
energy due to bending, the energy imposed by midplane thermal stresses,
the kinetic energy of vibration, and the potential energy resulting fr_n
any externally applied load - in this case a torque. (See refs. 6, 7,
Comparison of Calculated and Measured Results
A comparison of the calculated and measured effect of the temper-
ature gradient on the torsional stiffness for the case of no vibration
is shown in figure 7- Here the tip rotation in degrees has been plotted
against the edge-to-center temperature difference _T in degrees Fahr-
enheit for an applied torque of 400 inch-pounds. Curves are shown for
the periods of heating (or increasing _T) and cooling (or decreasing 2£T).
The small-deflection theory gives a reasonable approximation of the
reduction in stiffness about halfway to the buckling temperature. Above
this point, however, the theory indicates that the plate deflections
would increase more rapidly than actually occurs.
Figure 8 compares the results of the calculations with test results
when there are no external loads and the plate is vibrating in the first
torsion mode. In this figure, the frequency in cycles per second is
plctted against temperature difference between the edge and the midchord
line for the periods of increasing and decreasing AT. The small-deflection
theory again approximates the about halfway to the
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critical buckling temperature. Above this value, the theory again over-
estimates the change. This disagreement occurs because the deflections
have become large and the small-deflection theory is no longer valid.
When the analysis is extended to include the effects of large deflections,
more satisfactory agreement is expected at the critical _T.
Figure 9 shows a similar comparison of measured and calculated fre-
quency as a function of time. The ratio of reduced frequency to room-
temperature frequency is plotted against time in seconds. The calculated
curve indicates that the theoretical critical-buckling temperature differ-
ential is reached in abo_t 15 seconds. The small-deflection theory pre-
dicts that the plate would have lost all its stiffness at this point, but
this is not the actual case. Since stiffness is proportional to the square
of the frequency, the decrease obtained indicates that only about half of
the stiffness was lost as a result of the induced thermal stresses. As
the plate cools and the temperature difference becomes less than half that
required for buckling, the theory is again in fair agreement with the test
results.
CONCLUDING REMARKS
Tests of a cantilever plate have shown that the midplane stresses
imposed by a nonuniform temperature distribution can effectively reduce
the stiffness of the plate. This reduction in stiffness is reflected in
the increased deformation caused by the action of a constant applied
torque and also in the reduction of the natural frequency of vibration
of the first two modes of the plate. By using small-deflection theory
and by employing energy methods, the effect of nonuniform heating on
the plate stiffness was calculated. The theory predicts the general
effects of the thermal stresses but is inadequate when the deformations
become large. An extension of the analysis to account properly for
large deflections is expected to give more satisfactory results near the
critical temperature.
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SOME DESIGN IMPLICATIONS OF THE EFFECTS
OF A_ODYNAMIC HEATING
By Richard R. Heldenfels
Langley Aeronautical Laboratory
INTRO_JCTION
Previous papers at this conference sm_ others in the recent liter-
ature (for exsmple, ref. l) have discussed the various structural effects
of aerodynamic heating. These papers have made it clear that the resulting
structural design problems are numerous, complex, and so severe that
the performance capabilities of high-speed aircraft may be greatly
restricted. A more optimistic view of the situation, however, indicates
that the severity of most of these problems is often overemphasized.
The purpose of this paper is to take a brief look at the effect of two
problems, creep and thermal buckling, on the design of aircraft struc-
tures and to give some consideration to the use of insulation as a means
of alleviating the effects of aerodynamic heating.
CREEP
The creep of aircraft structures at elevated temperature is often
assumed to be a very important problem. Its importance, however, has
not been established, and before accepting it as a major problem, its
significance in aircraft design should be examined.
Creep is a primary design criterion in ranch high-temperature
machinery, such as heat exchangers and gas turbines, but in this type
of equipment the material must withstand the combined design tempera-
tures and loads for long periods of time. The usual aircraft structure
on the other hand is subjected to a variety of loads that occur under
varying temperature conditions.
The relationship between load and time typical of present-day air-
craft is shown in figure l, where the load ratio n/n L is plotted
against the percentage of total flight time spent above that load ratio.
The load ratio is the actual load n divided by the design limit
load nL. The solid line is for a fighter-type airplane and the dashed
l_ne for a bomber type. This figure was prepared from existing gust-
loads data (ref. 2) and the generalized maneuver load curves presented
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in reference 3. The time spent at the low load ratios for each type
is primarily the result of gusts, and that at the higher loads is prima-
rily due to maneuvers. Note that percent time is plotted on a logarith-
mic scale and that most of the total time is spent at low load ratios,
about 90 percent of the time for the fighter and 99.9 percent for the
bomber.
The foregoing results were from airplanes in flight at speeds below
sonic. It is a matter of conjecture what similar relations will be for
supersonic aircraft, but it seems reasonable to assume that the load-
time relations will not be substantially different from those shown in
figure I. It is significant, then_ that high-speed aircraft will spend
a very small percentage of their lifetime at loads near the design limit
load where creep is most likely to be important. In addition, these
high loads will not necessarily occur in conjunction with high
temperatures.
The uncertainties that exist in the expected loads and the limited
data available on cyclic and intermittent creep make a detailed analysis
of the effect of creep on structural weight impractical at present, but
some approximate indications can be obtained as follows:
Let all the loads be represented by only two load levels, a low
level representative of most of the flight time (for example, about
0.2 load ratio for 90 percent of the life of the fighter) and then
assume, very conservatively, that the remainder of the life is spent at
the design limit load. The lower load level then makes an insignificant
contribution to the creep of the structure. The lower load level is
more important for the bomber than for the fighter because it is a
larger percentage of the design load and because the bomber would have
a longer expected lifetime, but still the lower load ratio makes only a
small contribution. For either case, the effect of creep on structural
weight can be estimated very conservatively by fixing a lifetime of
i00 hours at temperature and limit load combined. Results of such an
analysis are shown in figure 2, where the weight required to support a
given constant tensile load is plotted against temperature for three
structural materials and for two design criteria. The solid curves
indicate the weight required when the criterion is the ultimate tensile
strength_ the dashed lines give the weight required when creep rupture
at limit load is used. The three materials selected for this analysis,
2024-T3 (formerly 24S-T3) aluminum alloy, RC-130A titanium alloy, and
Inconel X cover the temperature range in which metals are useable. The
stainless steels generally fall between RC-130A and Inconel X, but
nearer RC-13OA.
Consider first the aluminum alloy. The weight required to support
load on the basis of ultimate tensile strength l_the times the design
limit load is given by the so_ The weight required to meet the
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creep criterion - failure after lO0 hours at temperature and limit load -
is given by the dashed line. Since the creep criterion requires less
weight than the strength criterion throughout the temperature range of
the aluminum alloy, creep is not a design problem for this material.
A similar situation exists for Inconel X for most of the temperature
range, but for temperatures above 1200 o F creep requires more weight
than ultimate strength. Creep thus becomes important for Inconel X
structures only in the temperature range where strength is decreasing
rapidly with increasing temperature. For the titanium alloy, creep
becomes a design problem at temperatures above 500 ° F. Note that above
the temperature where creep becomes important, the _weight required by
the creep criterion increases rapidly with temperature, and design
efficiency would best be obtained by conversion to a material for which
creep would not be a problem. This particular titanium alloy has poor
creep characteristics; others are better in creep than RC-130A, but
they have less tensile strength. Further development of titanium alloys
will probably improve this situation.
Since the creep criterion used in this analysis usually required
less weight than the ultimate strength criterion, it appears that creep
may have little effect on aircraft structural design. In those cases
where creep is a significant factor, conversion to another material will
be desirable in the interest of structural efficiency and the task of
designing for creep will be avoided. The results presented were obtained
with a very conservative estimate of the load-temperature-time experience
of the structure. If something less than 100 hours had been used for the
lifetime, creep would appear to be even less important.
The importance of creep is also influenced by the t&_e of creep
criterion used, and other factors such as the permanent deformations
due to creep and the effect of creep on ultimate strength should be
considered, but indications are that these will be secondary design
considerations. Creep failure was used as a design criterion in this
analysis because of its obvious significance. A prescribed amount of
permanent creep deformation could have been used, but the validity of
such a criterion applied to an aircraft structure is extremely doubtful.
This doubt arises from investigations of the creep behavior of aluminum-
alloy structural elements and box beams coupled with the expected load-
temperature-time experiences of aircraft structures. Creep m_v also
affect the ultimate strength of the structure, but some exploratory tests
on aluminum-alloy plates and box beams indicate that in many cases this
effect will be negligible.
To summarize the remarks on creep, it appears that in general creep
may not be a primary factor in the design of high-speed aircraft because
of the character of the relationships between loads, temperatures, and
time. Some materials are much more susceptible to creep than others;
thus, in some cases a change in materials maybe necessary in order to
avoid creep problems.
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THERMAL BUCKLING
Thermal buckling promises to be the most serious problem associated
with the transient aspects of aerodynamic heating. Previous speakers
have shown how thermal buckling had an adverse effect on the stiffness
of beams and how thermal stresses less than those required for buckling
reduced the stiffness of a c_ntilever plate. In reference 4, some flutter
incited by aerodynamic heating and thermal stresses is discussed; this
work is now reviewed in connection with more recent tests.
Motion pictures of a test of a multiweb wing structure (identical
to model MW-I of ref. 4) in a Mach number 2 blowdown jet at sea level
showed that the model remained stationary for most of the test, but
after the aerodynamic heating took effect, the model began to flutter
without any evidence of buckling. The model fluttered for about 6 sec-
onds before the rivets flew out and general destruction began. High-
speed motion pictures showed that the flutter involved distortion of
the airfoil section into an S-shape.
From the first tests of this type, it was concluded that flutter
started after the model skin buckled. However, in other tests of similar
models flutter was obtained without buckling, and the concept of reduced
stiffness resulting from thermal stresses has been used to explain these
results. It is thus possible for thermal stresses lower than those
required for buckling to induce dangerous aeroelastic effects. This
situation is not so serious as it seems, however, since test results
show that small changes in the stiffness of a shell structure, such as
the addition of a rib or two, prevented flutter without much increase
in weight. Thus, careful design can prevent most such failures. The
use of internal construction that minimizes thermal stresses may be
required in some cases, but there are a wide variety of flight conditions
in which more conventional designs can be used without danger of thermal
buckling.
Figure 3 shows some combinations of dimensions of a simplified steel
multiweb beam that make the structure subject to thermal buckling (thermal
stress aT equal to buckling stress gcr) under symmetrical aerodynamic
heating conditions. The distance between webs (on a logarithmic scale)
is plotted against Mach number for three altitudes (sea level, 50,000 feet,
and i00,000 feet). For web spacings above a solid line, thermal buckling
of the skin will occur, while below the solid line, buckling will not
occllr.
A low level of thermal stress may be required to prevent critical
changes in aeroelastic characteristics or to prevent buckling in the
presence of wing bending loads. Present knowledge does not permit an
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estimate of the aeroelastic effects of a given thermal stress distribu-
tion or of the level of thermal stress that may be tolerated, but an
s_sumption that thermal stresses only l0 percent of those required for
buckling may be permissible appears reasonable. The dash-line curves
give the web spacings corresponding to this lO-percent condition.
The web spacings that would be used for an efficient load-carrying
structure would be around 2 to 5 inches_ thus such a structure would be
in no danger of buckling due to heating alone, but a low level of thermal
stress could not be attained in this structure at Mach numbers above 3
without very closely spaced webs.
This chart is based on several approximations and a simplified
structure and thus indicates only the approximate combinations of
dimensions and flight conditions that will produce buckling of one
series of beams. Similar charts are easily prepared for other con-
figurations, but an actual design should be checked by a more exact
analysis.
In summarizing the remarks on thermal buckling, the present state
of knowledge indicates that thermal buckling should be prevented. In
many cases thermal stresses far below the buckling point may be required
to avoid dangerous aeroelastic effects. The proper location of internal
members may prevent failures without undue weight penalties under many
flight conditions, but special types of internal structure that minimize
thermal stresses will be necessary when severe aerodynamic heating is
en countered.
INSULATION
Having discussed two of the problems resulting from aerodynamic
heating, consideration is now given to one of the ways of alleviating
heating effects, namely, insulating the structure. One of the many
probable uses of insulation is to extend the aerodynamic heating con-
ditions under which aluminum alloys are useful structural materials.
Figure 4 presents results to show the effect of insulation on the
temperature history of a O. lO-inch-thick skin of aluminum alloy.
Temperature T is plotted against time in minutes for an inStan-
taneous acceleration to a Mach number of 4 at an altitude H of
50,000 feet. The temperature history of the uninsulated skin is shown
by the upper solid line and the effect of O.1 inch of insulation such
as rock wool or asbestos (thermal conductivity 0.03 Btu per ft-hr-OF)
is shown by the lower solid line. The temperature of the outer surface
of the insulation is given by the dashed line. For this flight con-
dition the aluminum alone would quickly reach a temperature at which
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its strength had vanished, while a relatively thin layer of insulation
holds the temperature down for several minutes.
This is a very beneficial result insofar as the structure is con-
cerned, but this benefit has been obtained by transferring difficult
design problems to the insulation. The temperature of the heated sur-
face of the insulation rises very quickly to a value near the equilibrium
temperature Teq (which is assumed equal to the adiabatic wall temper-
ature Taw ) and thereafter changes very slowly. The insulation must thus
withstand high temperatures and large temperature differences which will
require special design techniques for the construction and attachment
of such a protective coating.
The fact that the surface temperature of the insulation closely
approximates the equilibrium temperature permits considerable simpli-
fication of the relation between the insulation required and the flight
condition. By neglecting the specific heat of the insulation and assuming
that the temperature of the outer surface of the insulation is the
equilibrium temperature; a conservative estimate of the required thickness
of insulation can be obtained as shown in figure 5. The required thick-
ness is plotted against surface temperature for O.lO-inch-thick skin of
aluminum that rises from zero to 200 ° F in the times indicated. Each
of the curves is for a particular value of the time required for the
structure to reach 200 ° F and the thermal conductivity of the insulation
is assumed invariant with temperature. This figure shows that high
equilibrium temperatures and long flight times require very thick layers
of insulation_ thicknesses that are impractical for many parts of the
aircraft such as thin wings or control surfaces.
The situation improves somewhat for heavier structures since the
same curves apply to other thicknesses of aluminum skin. For example,
if the thickness of the skin is doubled_ the time during which the insu-
lation is effective will also be doubled or the required insulation
thickness will be cut in half. The required thickness is substantially
reduced if the skin is allowed to go to higher temperatures, but for
this case the relationship is not so simple. Higher skin temperatures
would necessitate another structural material and lead to considerations
of structural efficiency.
The thicknesses indicated in figure 5 are rather large and somewhat
discouraging; however, another approach to the insulation problem that
can result in lower heat transfer, less thickness, and possibly lighter
weight is the use of radiation shields.
Average heat transfer through two types of insulators is shown
in figure 6 as a function of the surface equilibrium temperature. The
solid lines are for two thicknesses _ of the previously discussed bulk
7insulation such as rock wool or asbestos. The dashed lines are for a
single radiation shield at two values of emissivity c. The radiation
shield would consist of a thin sheet of metal supported a short distance
away from the outer surface of the structure. The aerodynamic surface
of the shield would be a black-body radiator (high emissivity) to keep
surface temperature low, but the inner surface of the shield and outer
surface of the structure would be very bright (low emissivity) to minimize
radiant-heat exchange. Some low-conductivity supporting structure, such
as a honeycomb core, would be needed between them but in this analysis,
the heat transferred by this supporting structure and the air between
shield and structure has been neglected. The emissivity of 0.1 is about
the upper limit for most shiny metals while the value of 0.02 can be
attained only with special coatings such as gold or silver plate.
The average heat flow plotted is the average rate at which the
insulators transfer heat to the structure while the structure rises
from 0 o to 200 ° F. The conditions considered are similar to those in
figure 5, but by plotting average heat flow, all combinations of time
and heat capacity of the structural material are included. Where two
curves cross, the insulators are exactly equivalent for the conditions
considered. At other points, the lowest curve indicates the best insu-
lator. The curves show that the radiation shield provides excellent
protection at the lower temperatures, but becomes increasingly inefficient
as the temperature increases. The heat flow through the shield can be
further reduced by using several of them, for example, five shields of
0.1 emissivity would transfer about the same amount of heat as the single
0.02 shield, but the added complication of multiple shield arrangements
might prove to be impractical.
An effective radiation shield requires bright surfaces that are
attainable only with metals at moderate temperatures; thus this approach
would probably be limited to temperatures below about 1500 ° F. Above
this temperature, a type of bulk insulation suitable for high temperature
use would be required. For some applications, such as protection of
occupants, a combination of insulation, radiation shields, and cooling
may provide the most efficient combination.
The results presented indicate that insulation provides a suitable
way to alleviate the effects of aerodynamic heating on the primary struc-
ture under certain flight conditions. These gains can be attained, how-
ever, only by creation of many difficult problems associated with the
design, fabrication, and installation of the protective coatings.
CONCLUDING REMARKS
The problems of creep and thermal buckling have been discussed in
an effort to indicate their design of high-speed aircraft.
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The results have shown that creep may not be a significant factor_ but
thermal buckling may have a substantial effect on the structural design.
Consideration has also been given to the use of insulation for the alle-
viation of heating effects_ such an approach has merit under certain
conditions but poses many new design problems.
The results presented are based on the limited existing information
on the structural problems of aerodynamic heating. The picture may
change as more research results become available_ but the design problems
undoubtedly will be eased as knowledge increases. It was not intended
to convey the impression that aerodynamic heating problems are easily
overcome_ but merely to indicate how careful design can solve some of
them.
io
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SUMMARY OF RECENT THEORETICAL AND EXPERIMENTAL
WORK ON BOX-BEAM VTBRATIONS
By John M. Hedgepeth
Langley Aeronautical Laboratory
SUMMARY
A discussion of various secondary effects which have an important
influence on the vibration characteristics of box beams is presented.
Means of incorporating these effects in vibration analyses of actual
built-up box beams are discussed. Comparisons with experiment are
given_ good agreement between theory and experiment is obtained when
the secondary effects are included.
INTRODUCTION
The need of accurate vibration modes and frequencies of aircraft
is well recognized. The reliability of a flutter-speed calculation,
for example, is intimately related to the accuracy of the vibration
modes and frequencies - especially the frequencies - used in the
analysis. Furthermore, these modes and frequencies are often useful
in the analysis of other dynamic problems, such as landing impact and
gust loads.
The purpose of this paper is to summarize the results of research
into the vibration characteristics of one of the main types of aircraft
structures - the box beam. Most of the information to be discussed is
recent; some of it is old and is included in order to present a
complete story.
DISCUSSION
Shown in figure 1 is a drawing of a typical box beam whichmay be
thought of as being the main load-carrying structure of a wing. It is
composed of covers built up of sheet stiffened by stringers, and spars
made up of flanges connected by webs. There are usually a number of
ribs to provide cross-sectional stiffness.
!ili
The vibration analyses of beams like the one shown in figure 1
ordinarily have used elementary beam bending and torsion theory. The
accuracy obtained from elementary theory was considered to be good
enough for long beams. However, it is known that, in the deformation
of box beams, certain secondary effects arise which are not taken into
account in the elementary theory. These secondary effects can have an
important influence on the vibration characteristics of box beams,
particularly when the higher modes are desired.
lubendlng vibrations, the secondary effects that are generally
recognized are transverse shear, shear lag, and longitudinal (rotary)
inertia. Transverse shear arises from the fact that shear deflections
of the box occur under load because of the finite shear stiffness of
the webs. These shear deflections are in addition to the bending
deflections considered in the elementary theory. Shear lag is caused
by the finite shear stiffness of the covers which permits the direct-
stress-carrying material in the middle of the cover to carry less than
its full share of the load. Both of these effects tend to reduce the
apparent stiffness of the box and, hence, to reduce the natural fre-
quencies. Longitudinal inertia arises from the fact that, when the
beam vibrates, inertia forces are developed because of accelerations
in the longitudinal direction. This effect - which is often called
rotary inertia in the bending problem - is of course not included in
the elementary theory and tends to reduce the natural frequencies.
The quantitative influence of these effects on the bending fre-
quencies of vibration of uniform, thin-walled box beams was investigated
by Budiansky and Kruszewski (ref. 1). Reference 1 shows that the effects
of transverse shear and shear lag are of comparable magnitude and can be
quite important, particularly for short beams. On the other hand, the
effect of longitudinal inertia is negligible for the shallow box beams
that are typical of aircraft wing construction.
For torsional vibrations, the secondary effects that are generally
recognized are restraint of warping and longitudinal inertia. When a
beam is twisted, the cross sections tend to distort out of their own
plane or to warp. In the elementary theory, this warping is allowed to
occur without restraint. However, if the warping varies along the
length, as it does in a vibration mode, direct stresses are created in
the longitudinal direction which act to restrain the warping. The
effect of this restraint of warping is to make the beam stiffer than
it would be otherwise and, consequently, to raise the natural frequency.
This warping motion also causes inertia forces in the longitudinal
direction. This longitudinal inertia effect is not included in the
elementary theory.
The quantitative influence of these secondary effects on the tor-
sional frequencies of uniform, thin-walled box beams was investigated
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by Kruszewski and Kordes (ref. 2). Reference 2 shows that the effect
of restraint of warping could be appreciable for short beams although
the effects are not so pronounced as those incurred in the bending case.
The effect of longitudinal inertia was unimportant for practical box
beB/ns.
Before considering the influence of these secondary effects on the
bending and torsion frequencies of some actual test specimens, it is
desirable to discuss how the effects of transverse shear, shear lag,
and restraint of warping can be incorporated in vibration analyses of
actual box beams. The results in references 1 and 2 were obtained for
highly idealized beams for which exact solutions were possible. In an
actual box beam, exact solutions are not feasible and same sort of
simplified structure must be used.
The cross section of the box beam shown in figure 2 contains a
large number of elements - stringers, flanges, and the sheet joining
them. If all of these elements were treated separately in an analysis,
the calculation job would be overwhelming. By lumping the properties
of these elements, however, the effects of transverse shear and shear
lag can be obtained without an inordinate amount of labor. The
transverse-shear effect can be included simply by allowing the webs
to have shear flexibility. The shear-lag effect can be duplicated by
using the substitute-strlnger idealization shown in figure 2. The
direct-stress-carrying areas in the webs and flanges are concentrated
at the corners; the dlrect-stress-carrying areas in the covers are
concentrated as so-called substitute stringers. By properly locating
the substitute stringers, it is possible to obtain frequencies within
a couple of percent of those predicted by more refined theories. The
use of the substitute-stringer idealization has been investigated in
reference 3. For the torsion problem, the so-called four-flange box
is useful in obtaining frequencies. In this idealization the direct-
stress-carrying areas in both the covers and the webs are concentrated
at the corners. The four-flange box does a good job of duplicating
the effect of restrained warping on torsional vibrations. It might be
mentioned that the substitute-stringer box can also be used for
torsional vibrations with comparable success. This is fortunate since,
in most actual box beams, bending and torsion will couple and the
idealization used should be capable of taking all secondary effects
into account.
Simplifying the cross section of the box beam is only part of what
is necessary to achieve a practical vibration analysis. For a non-
uniform box beam, further simplifications must be made as to the
behavior in the span_se direction. One approach is to breakup the
beam into a number of bays and to calculate influence coefficients.
These influence coefficients then provide a basis for the vibration
analysis. (See, for example, ref. 4.) Calculations have been made to
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determine the number of bays necessary to obtain accurate frequencies.
The results indicate that, in order to obtain the first three symmetrical
bending and torsion frequencies of a free-free box beam, it is necessary
to use about eight bays on the half span.
An experimental vibration-test investigation has been conducted in
order to check the accuracy of methods of computing natural modes and
frequencies. Tests have been carried out on two structures - one a
large-scale built-up box beam and the other a somewhat smaller, hollow
rectangular tube.
Consider first the built-up box beam. In figure 5 is shown a photo-
graph of the vibration-test setup used to determine its natura_ modes
and frequencies experimentally. The beam was 20 feet long, 18 inches
wide, and 5 inches deep. The aspect ratio was about 13. The beam was
hung from the gallows and was vibrated horizontally. In this way an
essentially free-free condition was attained. The beam was vibrated by
means of four electromagnetic shakers attached at the corners. Power
was supplied by the M-G set and controlled at the left-hand cabinet in
figure 3. Pickups were mounted on the beam and were used to sense the
motion; their output was recorded at the right-hand cabinet.
The vibration frequencies of this beam are given in table I. In
the table, for simplicity, only symmetrical bending frequencies and anti-
symmetrical torsion frequencies have been shown; the antisymmetrical
bending and symmetrical torsion frequencies follow the same trends. For
both the bending and torsion_ the frequencies in the first column were
obtained experimentally; the frequencies in the second column were calcu-
lated by elementary theory. The frequencies including the secondary
effects are given in the last column. The word "exact" has been used
for these frequencies for want of a better term. By comparing experiment
and elementary theory, it can be seen that the elementary theory is
accurate enough for the torsion modes and for the first bending mode.
For the higher bending modes, ho_ever_ the situation is different.
Errors varying from 20 percent in the second mode to 70 percent in the
fourth mode are experienced. When the secondary effects are ineluded_
however, the agreement is considerably improved. By looking at the
bending modes_ it can be seen that the large reductions in frequency
due to transverse shear and shear lag have brought the calculations into
satisfactory agreement with the experiment. It might be mentioned that
transverse shear and shear lag were about equally responsible for this
reduction. For the torsion modes, inclusion of the smaller effect of
restraint of warping has helped for the first two modes and hurt for the
third. Even for this third antisymmetrical torsion mode - which is the
twelfth mode of the beam - the error is only 6 percent.
The built-up box beam which has been discussed had a large amount
of internal stiffening in the form of stringers and bulkheads. The other
specimen - a hollow rectangular tube - was considerably simpler and was
tested for the purpose of checking theories before the vibration equip-
ment necessary for testing large-scale built-up structures was obtained.
The results for this hollow rectangular tube which is shown in figure 4
serve to illustrate an effect which may be important for box beams with
little internal stiffening. This tube was approximately 8 feet long,
7 inches wide, and 2 inches deep. The aspect ratio was about 14. It
was made by welding 1/4-inch plates together along the corners.
The results of vibration tests are given in table II. Again in
this table only the symmetrical bending frequencies and antlsymmetrlcal
torsion frequencies are presented. Along with the experimental fre-
quencies are given the "exact" calculated frequencies for which the
secondary effects of transverse shear, shear lag, and restraint of
warping have been included. For the first two symmetrical bending modes,
the "exact" frequencies are fairly good; for the rest of the modes shown
here, however, the errors are large - especially for the torsion modes.
The reason for these large discrepancies is tied up with the occurrence
of large cross-sectional distortions which were not taken into account
in the calculations. The nature of these distortions is illustrated in
figure _.
When a box is undergoing a bending vibration, the inertia forces
tend to bend the covers and webs in a manner llke that shown at the top
of figure _. This distortion, in turn, causes additional inertia forces
which t_nd to raise the effective mass of the beam and lower the fre-
quency. For torsional vibrations there occurs a similar bending of the
webs and covers. More importantly, however, the cross section undergoes
an overall shear. Both of these effects tend to raise the effective
mass moment of inertia and, hence, to lower the torsional frequencies.
In an ordinary box, the presence of stiffening members, such as stringers
and ribs or bulkheads, tends to prevent these cross-sectional distortions.
In the tube, however, there were no such stiffeners, and the frequencies
were therefore greatly reduced.
It should be mentioned that one of the present trends in structural
design is in the direction of eliminating stringers and bulkheads and
letting the skin carry most of the load. Therefore, this effect of cross-
sectional flexibility may indeed beeQme important for actual box beams,
just as it is for the hollow tube.
Studies of the effects of cross-sectional distortions on the bending
and torsional frequencies of box beams have been carried out. The effect
of the local bending of the covers and webs has been presented in refer-
ence 5; an analysis of the effect of the overall shear of the cross-
section has also been performed. Results of applying the corrections
indicated by these studies to the frequencies of the hollow tube are
shown by the frequencies in the last column of table II for both
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symmetrical bending and antisymmetrlcal torsion. The agreement with
experiment is now satisfactory for all the bending modes. The agree-
ment for the torsional modes is surprisingly good considering the large
effects taken into account by the approximate correction.
CONCLUDING REMARKS
From the comparisons between theory and experiment that have been
discussed for the box beams, it can be concluded that the secondary
effects of transverse shear and shear lag can have an important influ-
ence on the bending vibrations of box beams. This is true even for
long beams if the higher modes are desired. The effect of restraint of
warping on the torsional modes is not nearly so important. The effects
of cross-sectional distortion can be qu_te large unless stiffening
members are used to minimize the distortion. In any event, the methods
developed for taking all these effects into account are very successful.
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TABLE I
FREQUENCIES OF BUILT-UP BOX
'7
SYMMETRICAL BENDING
MODE EXP., ELEM., "EXACT",
CPS CPS CPS
I 18.1 18.4 18.0
2 84.7 I01.0 86.4
3 176.0 ?-47.0 181.0
4 271.0 458.0 285.0
ANTISYMMETRICAL TORSION
MODE EXP., ELEM., "EXACT",
CPS CPS CPS
I 64.7 63.0 63.3
2 194.0 189.0 194.0
3 313.0 315.0 332.0
TABLE 1"1"
FREQUENCIES OF HOLLOW TUBE
SYMMETRICAL BENDING
MODE EXP., "EXACT", CORR.,
CPS CPS CPS
I 68.7 70.2 70.2
2 342.0 348.0 328.0
3 572.0 761.0 586.0
ANTISYMMETRICAL TORSION
MODE EXP., "EXACT", CORR.,
CPS CPS CPS
I 301.0 377.0 316.0
2 455.0 1133.0 485.0
3 648.0 1911.0 705.0
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CC_PARISON BETWEEN THEORETICAL AND EXPERIMENTAL STRESSES
IN CIRCULAR S_4IMONOCOQUE CYLINDERS
WITH RECTANGULAR CUTOb_S
By Harvey G. McCcmb, Jr., and Emmet F. Low, Jr.
Langley Aeronautical Laboratory
INTRODUCTION
In an effort to provide better procedures for estimating the stresses
about doors, windows, and other openings in airplane fuselages, a method
of stress analysis has been developed for handling cutouts in circular
semimonocoque cylinders - a type of structure which approximates many
large fuselages. This method of analysis was described in detail in ref-
erence 1. Calculations have now been carried out which enable direct
comparisons to be made between this theory and test results. The theory
is summarized and a few comparisons between theoretical stresses and the
results of tests conducted at the Langley Aeronautical Laboratory are
presented.
THEORY
A typical structure of the type for which this theory was developed
is shown in figure 1. It consists of a thin-walled circular cylinder
stiffened by rings circumferentially and by stringers in the axial direc-
tion. The rings and stringers divide the shell or skin into rectangular
panels which are called shear panels. The cutout is rectangular; it
removes a number of shear panels and interrupts the corresponding
stringers. The theory can be used for any external loading where the
stress distribution in the cylinder without a cutout is known. Some of
these loadings are illustrated in figure i; for instance, torque, bending,
shear, and axial load are sho_n.
In the development of the theory it has been assumed that this
stiffened shell is uniform and relatively long in comparison with the
length of the cutout. It is also assumed that the skin takes all the
shear stresses and the stringers carry all direct stresses - two assump-
tions which are usually made in the stress analysis of stiffened shell
structures. A further assumption is that the shear stress is constant
within a given shear panel and represents the average shear within that
panel.
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It is common practice in fuselage analysis to assume that the rings
do not deform in their own planes. However, in the present theory the
bending flexibility of the rings in their own planes has been t_(en into
account; and, as will be seen, this factor is important in the calcula-
tion of stresses about cutouts.
The fundamental idea of the method of analysis is that the stress
distribution in a stiffened cylinder with a cutout can be represented
as a superposition of two stress fields - the str@sses which would exist
in the structure if it did not have a cutout and the stress perturbations
which arise because of the cutout. Certain so-called perturbation stress
distributions can be superposed on the stresses in the cylinder without
a cutout in such a manner as to annihilate the effects of that portion of
the cylinder which would lie within the cutout.
In general, three kinds of perturbation stress distributions are
sufficient to handle rectangular cutouts in circular semimonocoque cyl-
inders. These perturbation stress distributions are the stresses asso-
ciated with the three loadings shown in figure 2. These loadings, called
perturbation loads, are imposed on a uniform stiffened cylinder infinite
in length. The concentrated perturbation load consists of a concentrated
force applied to one stringer of the shell at its intersection with a
ring. The shear perturbation load consists of uniformly distributed
forces applied to the portions of stringers and rings which border one
shear panel of the cylinder as shown in the upper right-hand sketch of
figure 2. The distributed perturbation load consists of a single uni-
formly distributed force applied to a portion of one stringer extending
between two adjacent rings.
The most difficult part of the analysis, that of finding the shear
flows and stringer loads due to these perturbation loads_ has been done
mathematically, and the results can be presented in tab_lar form. With
the help of such tables, the analysis of a cylinder w i a cutout is not
difficult. The calculation of the necessary tables _ _ wide range of
structural properties has been carried out on an IBM uard-Progran_ned
Electronic Calculator and the results are given in reference 2.
The theory is sufficiently versatile to account for the effects of
shear and stringer reinforcement about the cutout without any essential
increase in difficulty in the analysis. On the other hand, this theory
does not appear to be entirely suitable for taking into consideration
fuselage pressurization. The axial component of _nternal pressure can
be handled satisfactorily. However, in the idealization on which the
theory is based, circumferential loads in the skin are lumped into the
rings; therefore, a detailed calculation of the redistribution about a
cutout of hoop stresses arising from pressurization is beyond the scope
of this theory.
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TESTS
A test program was carried out at the Langley Aeronautical Laboratory
to provide data for checking methods of stress analysis. Figure 3 illus-
trates the specimen which was tested. The test cylinder was cantilevered
from the backstop and it Could be loaded in various ways at the free end.
Extensive testing was done on this specimen under several loading condi-
tions and with successively larger cutout sizes. Strain measurements
were made in the vicinity of the cutout with resistance wire strain gages.
COMPARISONS
Numerous comparisons have been made between theory and test, and a
few of these are shown in figures 4, 5, and 6. In figure 4, there is shown
a comparison between calculated and experimental shear stresses in the net
section of a cylinder under torque loading. The sketch in the upper right-
hand corner of the figure is a cross section through the cutout. The cut-
out extends around 90 ° of the circumference. The circles are test points
measured by strain gages located at the center of successive shear panels
in the circumferential direction. The dashed line represents the shear
stress which would occur if the cutout did not exist - calculated from
elementary torsion theory. The broken stepwise line is the theoretical
result if the deformations of the rings are neglected, that is_ if the
rings are considered to be rigid - a co_on practice in fuselage analysis.
The solid stepwise line represents the theoretical shear stresses when
the bending flexibility of the rings in their own planes is taken into
account. The theoretical curves are drawn in the step fashion because
in the theory the shear is assumed to be constant between stringers. The
abrupt jumps occur at the stringer locations where theoretically there
exists a sudden change in shear stress. It is seen that there is good
agreement between the flexible-ring theory and the test points. When the
flexibility of the rings is neglected, the effect of the cutout is carried
too far around the cylinder. The influence of ring flexibility on the
shear stresses shown in this figure is rather typical of all the shear
comparisons which have been made in that the sharp stress peaks and high
gradients are more accurately defined and the disturbance due to the cut-
out decays more rapidly.
In figure 5 is shown stringer stresses at the ring bordering the cut-
out in the structure of figure 4. The loading condition again is torque.
The circles are test points. The broken line is the theoretical result
when ring deformations are neglected, and the solid line shows theoretical
results when ring bending flexibility is accounted for. If there were no
cutout in the structure, the stringer stresses would be zero under this
loading condition. Again_ there is good agreement between experiment and
the flexible-ring theory.
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Another loading condition is represented in figure 6 which also
illustrates some effects of cutout size. In figure 6 are represented
stresses in a cantilevered cylinder loaded at the tip by a shear load
as indicated by the arrow in the sketch at the upper right. If the cut-
out is a fuselage side door located aft of the wing, this loading condi-
tion is caused by a down load on the tail. The stresses that are plotted
are shears in the net section. The measured stresses indicated by squares
and circles are obtained from strain gages located in the center of the
shear panels, as before. The squares are for a cutout extending 50o
around the circumference of the cylinder and the circles are for a
90o cutout. Both of the theoretical curves are the result of flexible-
ring theory. It is seen that increasing the size of the cutout along
the circumference increased the concentration of shear stress at the
cutout, but had little influence on the shears on the other side of the
cylinder - 180 ° from the cutout center line.
CONCLUDING REMARKS
Many other comparisons have been made between the theory and experi-
ments carried out at the Langley Aeronautical Laboratory, and satisfactory
agreement similar to that illustrated in the preceding figures is
exhibited. It appears, therefore, that a relatively simple, rational
method for estimating the stresses about cutouts in circular semimonocoque
cylinders under many loading conditions is now available.
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DEFLECTION ANALYSIS OF LOW-ASPECT-RATIO WINGS
By J. Lyell Sanders, Jr., and Manuel Stein
Langley Aeronautical Laboratory
INTRODUCTION
One important structural problem brought on by the advent of the
low-aspect-ratio wing is the development of an adequate load-deflection
analysis for use in predicting the static and dynamic aeroelastic
behavior of the airplane. It is generally recognized that simple-beam
theory is inadequate for the analysis of delta wings. On the other hand,
any brute-force methods for attacking such a complicated structure
would involve so much computing that it would be impractical. Any prac-
tical analytical method must be a reasonable compromise between accuracy
and amount of work. Since the amount of work involved is likely to be
large in any case, the method should present a weLl-organized procedure
starting from raw data readily available to the engineer and it should
also be tailored to take advantage of high-speed automatic computers.
Several analytical approaches to the solution of the problem have been
set forth within the last three years in papers by Schuerch, Levy, and
Williams, all of them based on the analysis of an idealized structure.
(See refs. 1 to 3.) Other people have investigated the possibilities
of analog methods, but these will not be discussed in this paper.
DISCUSSION
In the so-caLled "wide beam" theory proposed by Schuerch, the wing
is idealized into a bundle of alternating beams and torsion tubes tied
together with rigid ribs (fig. l). In this theory a system of ordinary
differential equations analogous to the simple-beam equations is written
from the conditions of equilibrium at each chordwise section. The theory
is a generalization of simple-beam theory that takes approximate account
of the important effects of low aspect ratio.
Levy, and also later Schuerch, has presented a method in which the
wing is broken down into a gridwork of interlocking beams representing
the bending stiffness of the spars, ribs, and sheet plus a system of tor-
sion boxes representing the shear resistance of the sheet (fig. 2).
The deflections under load of the structure as a whole can be found from
the load-deflection characteristics of the various components together
with the requirement that the distortions of the components be compatible
when fitted together.
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In either of these two idealizations the shear-carrying capacity
and direct-stress-carrying capacity of the sheet are separated as is
often done in the analysis of semimonocoque structures. However, the
approximation can only be expected to be accurate when the covers are
thin. Williams has introduced a method appropriate for wings with
thick skin and numerous light internal stiffeners. The theory is essen-
tially a modified plate theory and Williams has outlined a systematic
method for solving the appropriate equations by making use of automatic
computers.
Roughly speaking, the relation of the methods introduced by Schuerch,
Levy, and Williams to the method to be discussed in this paper is that
whereas they simplified the problem by idealizing the structure, the
method of this paper analyzes the real structure but assumes that it
deforms in an idealized way. The success of the method depends on the
possibility of choosing simple yet accurate expressions to approximate
the displacements of the material points of the structure under the
expected loads.
The choice made was motivated by the plate-like appearance of a
delta wing. The displacements of all points are assumed to be given in
terms of the deflection of a neutral surface (fig. 3). As a further
approximation it is assumed that the chords deform into parabolas. This
assumption was successfully used in a theory for the analysis of solid
cantilevered delta wings developed by Reissner and Stein (see refs. 4 and
5) a few years ago and there is reason to believe it will be successful
for built-up wings also, provided there is sufficient restraint to pre-
vent large chordwise bending. Therefore, the deflection of the neutral
surface is assumed to be given in terms of the equation
w : _o(X) + _l(X) + y2_2(x)
where _0, _i, and _2 are arbitrary functions of x.
It is assumed that normals to the neutral surface remain normal dur-
ing deformation; hence, the strains and also the strain energies of all
the component parts of the wing are completely determined in terms of w.
Before the method is outlined in detail, the final results will be
anticipated. In the first place, a particularly convenient way in which
to present the load-deflection characteristics of a wing is in the form
of a matrix of influence coefficients. A set of influence coefficients
gives the deflection at a chosen number of reference points on the wing
due to unit loads at these reference points. Of course, the influence
coefficients depend on how the wing is assumed to be supported whether it
is cantilevered, supported at a number of fixed points, or attached to a
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flexible fuselage. Since there are so many possible kinds of support,
it would be difficult to set up a standard procedure for finding influ-
ence coefficients unless it is possible to choose a standard _d of
support. Fortunately, this turns out to be the case. Once influence
coefficients are found with respect to the standard kind of support,
they can be modified in a simple way to give the influence coefficients
for any other kind of support. Usually two sets of influence coef-
ficients are found, namely, those for symmetric deflections and those
for antisymmetric deflections.
The kinds of supports chosen in these two cases are shown in fig-
ure 4. From a practical viewpoint these supports look rather artificial,
but these choices were motivated by a desire for mathematical simplicity.
In the sy_netric case the wing is clamped at the middle of the trailing
edge. In the antisymmetric case the wing is simply supported at two
symmetrically placed points along the trailing edge and at one point
along the center line.
In order to find an appropriate set of equilibrium equations in
which the unknowns are _0, _l, and _2_ the principle of minimum poten-
tial energy is used. The strain energy of the whole wing is found by
adding up the strain energies of all the components. The energy of the
covers is found as though they were the face plates of a sandwich plate
and the energies of the ribs and spars are obtained from the standard
formula for the energy of a bent beam. In these expressions all deriv-
atives are approximated by standard difference forms and the integra-
tions are replaced by finite sums according to the trapezoidal rule.
Thus, the final expression for the total potential energy of the wing
involves the unknown values of _03 _l, and _2 at a number of
equally spaced stations along the span and also certain coefficients or
section properties at discrete stations together with terms arising from
the loads.
Minimizing the potential energy with respect to the unknown v_lues
of _0, _l, and _2 at the station points leads to a set of linear
algebraic equations which can be written in the following matrix form:
I !
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1 1
_l IA32 :%3
_0
_2
-I
Pl
mm _,-4
(la)
4or
The p's on the right of equations (i) are generalized loads derived from
the potential energy of the loads. For purposes of application, the rather
involved derivation that leads to this equation need not be repeated• The
form of the matrix [A] has been worked out in the symmetric and anti-
syr_letric cases for arbitrary arrangement of the internal structure of the
wing.
For example, the submatrix [All] in the symmetric case is given
by the following equation:
where [DI] is a purely numerical matrix and [Dllt
-2 -2 1
i -2 1
i -2
i
(2)
is the transpose
.(3)
The matrices within parentheses (eq. (2)) depend on the properties of the
wing• The matrix [8,]_] is a diagonal matrix where the elements are given
by the integral from the trailing edge to leading edge, at a given sta-
tion n along the span, of the stiffness D of the covers considered as
an air-filled sandwich plate:
-_al,O
al,1
=
(4)
12W
"Z_"'"::_""":" ;:---':"" '""" :-__i' O@• @9 -'I"•I • • _I @@ @ • •
@@ • • @@@ @_ 10
5
The stiffness matrix
summation is shown below:
al, n - D(xn'Y) dy (5)
[_s] of a typical span entering into the
where
[_s1 =
i
_s,O
_s,1
1
(6)
_s,n = (EIs)n c°S3_s
(7)
The elements depend on the stiffness of the spars at the station points
along the span. (EIs) n is the stiffness of the sth spar at station n
and m s is the angle of sweep of that spar. The other submatrices in
A] are formed in a similar way but are slightly more complicated.
The hardest part of the computation comes in inverting the
matrix [A]. However, the operation can be done with the help of commonly
available automatic computing machines. Once this is accomplished the
generalized deflections _ are given in terms of the generalized loads p
as shown
[_]=[_]-_[ ] (8)
The problem is essentially solved at this point• From here it is an easy
step to get the final matrix of influence coefficients. The required set
of influence coefficients are
[_]= [_]'[_]-_[_] (9)
where [HI is a matrix which converts generalized loads into concentrated
loads and generalized displacements into displacements at particular
points. The matrix [HI depends on the coordinates of the chosen refer-
ence points on the plan form of the wing.
t
6CONCLUDING R_MARKS
A simple procedure has been worked out for finding symmetric or
antisymmetric influence coefficients for the wing attached to a flexible
fuselage by using the basic sets of influence coefficients resulting from
the present method. The only additional information needed is a set of
influence coefficients for the fuselage with the points of attachment as
reference points.
The application of the method is more or less cut and dried and the
results, being in the form of influence coefficients, are handy for sub-
sequent calculations. The computations involved are arranged such as to
make efficient use of automatic computing machines.
A rather thorough test program to obtain experimental influence coef-
ficients, modes, and frequencies of a typical delta wing built up of ribs,
spars, and covers is being undertaken and comparisons between the test
results and the predictions of several theories including the present one
will be made.
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ANALYSIS OF MULTICELL WINGS
BY MEANS OF PLASTIC MODELS
By George W. Zender
Langley Aeronautical Laboratory
The stresses and deflections of a plastic model of a delta multicell
wing are presented and compared with theoretical results obtained by the
use of the Cal-Tech analog cc_puter. The comparison indicates that valu-
able information my be obtained for experimental structural analyses
fr_n tests of plastic models.
INTRODUCTION
The problesm associated with low aspect ratio and high sweep have
introduced difficulties which require extensive theoretical analyses
and the use of intricate automatic camputing machines in the structural
analysis of aircraft wings. Such ccmplications introduce considerable
theoretical uncertainty and Lncrease the demands for experimental eval-
uation of the structure. A method of experimental analysis which has
been useful in the past involves the testing of scaled models made of
plastic. Such a method has been used by Redshaw and Palmer (ref. l) to
obtain results directly applicable to a full-scale aircraft, whereas
other investigators have obtained information useful in the analysis of
various components of the structure. Nevertheless, the plastic-model
approach is often rejected because of the peculiar properties of the
plastic material. The National Advisory Committee for Aeronautics has
made some tests using plastic models, and it is the purpose of this
paper to show the methods which were employed to account for the pecu-
liarities of the material and to present s_ne of the results which have
been obtained.
DISCUSSION OF TECHNIQUES
Considerable information on the properties of thermoplastic materials
has been published by manufacturers. In general, such data indicate that
for experimental purposes the temperature should be relatively low and
closely controlled, and the humidity should be maintained reasonably
!i:
constant. In addition, the material experiences creep when subjected to
stress and the severity of the creep is dependent upon the stress level.
An example of the type of results which are obtained from a struc-
ture made of one of the thermoplastic materials is shown in figure 1.
The model in this case is a cantilever box beam constructed of __l_inch
lO
Plexiglas I-A sheet, has a 2-inch width and depth, is 20 inches long, and
has ribs located every 2 inches along the length. The beam was tested in
bending in an air-conditioned room at a temperature of 68 ° F. The strain
near the root was obtained on the tensile side of the beam, and a time
history of the strain at three stress levels is shown. The circles show
the strains for the lowest stress level when the stress at the gage
location was 235 psi. After 13 minutes the load was removed, and the
gradual tendency of the beam to relieve itself of strain is shown. The
cycle was repeated for stress levels of 705 psi and 940 psi, and it is
noted that more time is required for the beam to relieve itself of
strain as the stress level is increased.
For experimental work it would be desirable to avoid stresses of
the magnitudes shown by the upper curve in figure 1 since the strain
does not reach a constant level. Tests are sometimes performed at such
levels by waiting several minutes after loading before taking measure-
ments in order to avoid the region of the primary effects of creep, and
then unloading to permit the structure to relieve itself of strain before
proceeding to the next loading. In most cases, however, it is possible
to limit the maximum stresses to lower stress levels than those shown
by the upper curves of figure 1 and to perform the test in the manner
shown in figure 2. In this test the beam was loaded at small stress
increments of 162 psi without unloading the beam between successive
loadings. It is noted that essentially constant strains were obtained
except for the 648 and 810 psi stress levels. Therefore, if it were
possible to limit the maximum stresses to about 500 psi, it would appear
permissible to perform the tests without unloading between successive
loadings. The modulus of elasticity necessary for converting strains to
stresses may be obtained from tests of an elementary beam, such as the
beam shown in figures 1 and 2, constructed from samples of the same
sheet material used in the plastic model.
COMPARISON OF EXPER]}_ENTALANDANALOGRESULTS
By using the experience gained from the tests of the simple box
beam presented in the first two figures, a plastic delta-wing model was
constructed and tested. The design selected was one analyzed theoreti-
cally by MacNeal and Benscoter (ref. 2) with the use of the Cal-Tech
analog computer. The idealized structure analyzed by the analog computer
was believed closely representative of the actual structure) however,
no experimental verification had beenobtainedand it was possible that
such information might be provided bya plastic-model test. The plan
form of the delta wing and the stresses obtained are shownin figure 5.
The wing as analyzed by the analog computer has a 90-inch semlspan
and an 80-inch-chord line at the root. The leading edge sweeps back at
45 ° and the wing has a biconvex cross section. The maximum thickness is
a constant 5 inches in the carry-through section and tapers frQm 5 inches
at the root-chord line to 2 inches at the tip. The cover thickness is
0.16 inch and the interior of the wing is broken up into cells by
0.14-inch-thick spars and ribs. The wing is supported along the root-
chord line indicated by the solid line. The plastic model was constructed
to three-eighths the scale of these dimensions and was made of Plexiglas
I-A sheet material. The stresses obtained on the plastic model were made
comparable with the analog-computer stresses by means of a similarity
factor determined fr_nthe scale factor of the models. The results are
shown for three loading cases: a tip load at the trailing edge, a tip
load at the leading edge, and a torque loading at the tip. The plastic-
model stresses along the root-chord line shown by the test points agree
well with the analog-cc_puter stresses shown by the curves for each of
the loading cases.
Figure 4 shows the deflections of the wing for the same three
loadings. The deflections are shown for three spanwise locations as
identified by the three types of test points. Again, the agreement of
the results is good, which indicates that most likely both the plastic-
model results and the 8malog-cGmputer results are correct for this par-
ticular design.
CONCLUDING E_4AEKS
One distinct advantage which favors the plastic-model approach is
that models may be constructed very similar to the actual design, whereas,
inmost theoretical structural analyses, an idealized or substitute struc-
ture is ass_ned in order to simplify themathematics. In the case of the
relatively simple delta design presented here, the idealized or substitute
structure analyzed by the analog computer was accurately representative of
the actual structure. In practice, however, many cases exist where the
proper idealization of the actual structure for theoretical purposes is
uncertain. In such cases, the behavior of the structure might be obtained
from tests of plastic models. It is believed that a more general use of
plastic models for experimental structural analyses could contribute
valuable information for some of the problems now associated with aircraft
structures.
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EFFECT OF RIVETED-JOINT GEOMETRY ON STRENGTH
OF STIFFENED PLATES IN COMPRESSION
By James P. Peterson and Joseph W. Semonian
Langley Aeronautical Laboratory
Although rivets are used extensively to fasten the webs and stringers
to the compression cover of aircraft wings, no generally accepted method
exists for determining the pitch and diameter of these rivets. In order
to provide a solution to this problem, the NACA has, in recent years,
tested a large number of short compression panels to study the variation
of panel strength with changes in riveting. At various times as data
were accumnlated, design criteria based on an evaluation of the data were
published. (See, for example, ref. 1.) The use of these criteria gener-
ally produces conservative designs and in some cases overly conservative
designs. More recently, these data have been reevaluated, and a method
for designing the rivets in the compression cover of aircraft wings that
is easy to apply and gives good correlation with experiment has been
developed. This paper reviews some aspects of recent studies; the details
of the studies are given in reference 2.
In order to understand the method, it is helpful to have a concept
of the various local modes of failure of sheet-stringer panels in com-
pression or mnitiweb beams in bending. These modes are illustrated in
figure 1 where a curve of failing stress for a given panel is plotted
against rivet pitch -- the only structural dimension being varied. Below
the curve are photographs of three panels that have been tested to fail-
ure in compression. Each photograph represents a distinct and different
mode of failure; the names of the modes are labeled above the curve.
When the rivet pitch is small, the panel buckles in the local mode;
this mode is characterized by consecutive in-then-out buckles as one pro-
gresses either across or up and down the panel. The panel fails as a
result of the growth of the local buckles, and such failures are referred
to as failure by local crippling or failure in the local mode. These
failures occur at the highest stress level attainable in riveted struc-
tures that are short enough so that the column bending mode can be
neglected, yet long enough so that the various local modes can form freely
without end effects. The curve of stress against pitch is drawn horizon-
tal for this mode, indicating that the failing stress is relatively inde-
pendent of riveting as long as the riveting is adequate to force failure
in the local mode. Consequently it is particularly informative to know
the riveting required to force failure in the local mode; any additional
riveting is useless unless it is needed to satisfy some other design
criterion such as shear strength.
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On the next section of the curve, wrinkling or forced-crippling-
type instability occurs. This type of instability is characterized by
troughs and crests extending across the cover, and failure results when
the cover crushes or lifts away from the Z-stringers or channel webs that
support it. The wrinkling mode has often been mistaken for the next mode
shown in the figure -- the interrivet mode. The interrivet mode becomes
the predominant mode when the rivet pitch is approximately equal to the
length of the buckles in the wrinkling mode so that the cover separates
from the stringers or webs between rivets. In the wrinkling mode there
is no separation between the cover and its supporting members; the
flanges of the supporting members follow the cover contour as the buckles
grow until just prior to failure. At failure, there may or may not be
a separation, depending upon the riveting and the panel proportions as
well as the amount of shortening to which the panel is subjected.
Methods of analysis of the wrinkling mode were first developed for
multiweb beams in bending and are reported in reference 3. These methods
have been extended to include sheet-stringer panels in compression and
have developed to the extent that they can now be used to predict the
strength of multiweb beams and sheet-stringer panels quite accurately.
(See ref. 2.) The strength of these structures is highly dependent upon
the flexibility of the riveted attachment between the cover and the webs
of the Z-stringers or channel webs that support the cover. That is, if
the attachment is flexible, it is easy for the troughs and crests to form
and grow, and as a consequence they will form and grow at a low stress
level. The analysis makes use of a new dimension, termed "the effective
rivet offset," which is a measure of the flexibility of the riveted
attachment. Figure 2 illustrates some of the more important structural
dimensions that influence the flexibility of the riveted attachment; they
are the geometric rivet offset b0, the rivet pitch, and the rivet diam-
eter. The effective rivet offset f can be considered to be a corrected
or effective value of the geometric offset bO. It has been evaluated
empirically in terms of the dimensions shown in figure 2 from a large num-
ber of tests on sheet-stringer panels and multiweb beams. Figure 3 shows
values of the effective rivet offset f divided by the web thickness
plotted against the ratio of pitch to diameter of the attachment rivets
for various values of the geometric rivet offset divided by the web thick-
ness. It was found that changes in the attachment flexibility resulting
from changes in the pitch and diameter of the rivets could be accounted
for by changes in the single rivet parameter pitch/diameter, making the
simple presentation shown in figure 5 possible. The only way that the
rivet pitch, diameter, and location enter strength calculations is through
the value of effective rivet offset f obtained from this figure. That
value is valid only if the rivets satisfy an additional simple tensile
strength criterion that has been developed and is given by formula (ll)
of reference 2. If the rivets do not satisfy the strength criterion, a
rivet failure will occur in place of a panel failure. The strength cri-
terion is relatively easy to satisfy and will not determine the size and
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spacing of rivets for most designs, indicating that the stiffness of the
attachment governs the design rather than the rivet strength. This may
seem contrary to experience for many observers but actually it is not.
The rivet failures observed in most cases actually occur after the struc-
ture has reached maximum load in the wrinkling mode.
Figure 3 does not illustrate very effectively the changes in struc-
tural strength associated with changes in the various riveting parameters.
Two additional figures which better illustrate these changes have been
prepared. They were prepared using figure 3 as a design chart. The
first of these figures (fig. 4) presents curves of stress against
riveting geometry somewhat similar to figure l, except the interrivet-
mode section of the curve is omitted. The curves are drawn for the
7075-T6 (formerly 75S-T6) aluminum-alloy panel whose dimensions are indi-
cated in the figure. The top curve of figure 4 represents the panel with
a rivet offset of 5 web thicknesses. This offset is representative of
design practices where the designer is consciously attempting to keep the
offset small. As the rivets are spaced closer together, the strength of
the panel increases until the rivets are spaced at 6--21diameters. This
riveting is adequate to force failure in the local mode, and a further
decrease in rivet spacing does not result in an increase in failing stress.
The curve representing the panel with an offset of 7 web thicknesses indi-
cates that increasing the offset by 2 web thicknesses makes an appreciable
reduction in failing stress at any given rivet spacing and indicates that
wit.h the increase in offset it takes a rivet pitch of 4 diameters to
obtain the local crippling strength of the panel. With an offset of
9 web thicknesses, it is impossible to obtain the local crippling strength
of the panel. The curves are stopped at a pitch of 2 diameters because, at
this pitch, rivet heads normally touch one another.
Consider the sketch of the panel in figure 4 and imagine a series
of panels obtained by changing the distance between stringers bS. As
the stringer spacing is made smaller and smaller, the panel will fail
at higher and higher stresses. The riveting required to force local
crippling of the panel will also change with changes in stringer spacing,
and figure 5 shows the riveting required to force local crippling of such
a series of panels with a rivet offset of 5 web thicknesses. The
riveting required to force a local-crippling failure for the panel repre-
sented by the top curve in figure 4 is indicated in figure 5 at a value
of b_s of 40 and a pitch-diameter ratio of 6--91.It will be noted
that as bs_ S is decreased and the panel becomes stronger, the rivet
pitch required to force local crippling goes from about 7 diameters at
bs_ S = 50 to 3 diameters at bs/t S = 20. Shown for comparison is the
curve for similar 2024-T3 (formerly 24S-T3) aluminum-alloy panels. Here
again, in going from the weaker aluminum-alloy panels to the
stronger 7075-T6 aluminum-alloy panels, closer riveting is required to
force a local-crippling failure. The curves in this figure are drawn
for a relatively small rivet offset. Had a larger offsetbeen used, the
values of the pitch-diameter ratio required would have been considerably
less.
In summary,a method of strength analysis of structual components
such as short sheet-stringer panels in compression and multiweb beamsin
bending has been developed. The method is simple to apply and takes into
account the effect that the riveted attachments between the plate and its
supporting membershave on the strength of the structure. The use of the
methodpermits the influence of rivet pitch, diameter, and location on
structural strength to be calculated.
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MINIMUM-WEIGNT STRUCTURES FOR WINGS OF
GIVEN STRENGTH AND STIFFNESS
By B. Walter Rosen and Roger A. Anderson
Langley Aeronautical Laboratory
Efficiency diagrams derived on a strength-weight basis for certain
components of a wing structure are in common use_ although they are in
many cases not directly applicable in the determination of minimum-weight
wing design. The purpose of this report is to define a type of structural
efficiency diagram which considers the entire compression structure of a
wing and permits the determination of the minimum-weight design that sat-
isfies both strength and stiffness requirements. The use of the diagram
is demonstrated by several weight comparisons.
A common type of strength efficiency diagram is illustrated in fig-
ure 1. A plot of this type is used to show the efficiency with which
plates supported at width b can transmit a compressive load per
inch Pi" As in all efficiency charts, a measure of weight is plotted
against a parameter which incorporates the design conditions for the
structure. Here, failing stress is plotted logarithmically against the
plate structural index Pi/b. For a plate, stress is inversely propor-
tlonal to weight.
The curve for flat plates of 7075-T6 (formerly 75S-T6) aluminum alloy
which will be used as the reference material in the comparisons to follow
is presented. If plates of this material are integrally stiffened to
improve their resistance to buckling, this efficiency can be improved as
is shown by this curve for integrally stiffened waffle plates. The curve
of equivalent stress, or maximum load divided by the average cross-
sectional area, against the structural index indicates the resulting
weight saving. The distance between the arrows represents a lO-percent
weight change at any point on the logarithmic plot. Both of these curves
are for plates made of an efficient material for low-temperature
application.
For elevated-temperature applications, other materials must be used
and the diagram of figure 1 can be used to indicate the plate efficiency
of these materials Thus, the lowest curve is for a heat treated
SAE 4540 steel plate at 600 ° F. Maximum average stress has been multi-
plied by the ratio of densities of aluminum and steel to yield an equiv-
alent stress for a direct weight comparison with these aluminum-alloy
plates. The increased stiffness of steel is offset by the increased
density, resulting in the large weight increases indicated by this dia-
gram for plates at elevated temperatures.
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_len the efficiency of plate elements of a structure is viewed in
this manner_ indicated changes in structural weight tend to be exaggerated
because resistance to buckling is the onl_ consideration. The useful_ess
of this plot lies in the fact that qualitative effects of basic changes
are immediately apparent. However_ the weight change of a wing structure
which results from these differences in plate efficiency will be influenced
by the type of structure in which the plate is used. This will be shown
by comparison with the structural efficiency analysis of multiweb wing
construction.
A maximum strength analysis of multiweb design under a bending moment
has been made and has been substantiated by numerous tests of fabricated
multiweb beams.
The webs are of the minimum thickness required to prevent failure
under the crushing loads resulting from beam bending and to prevent desta-
bilization of the cover due to web buckling. The results of the analysis
are shown in figure 2. Again a measure of weight has been plotted against
a measure of loading intensity. These efficiency curves show the solid-
Ai/H as a function of the structural index Mi/H2." The designity
I I
bending moment per chordwise inch is Mi, and H is the wing depth. The
index, then, incorporates the design conditions for strength under a
bending moment. The symbol A i is the average cross-sectional area per
chordwise inch of the compression skin and supporting members. The solid-
ity is the ratio of area of compression and support material to total
cross-sectional area of the structural box; the lower the value_ the less
the weight. Stress is not an adequate measure of efficiency for this
structure.
In order to lend perspective to this diagram (fig. 2) the weight of
a fictitious structure consisting of two unsupported cover skins acting
at the compressive yield stress has been calculated and is given by the
line labeled "MAX. EFF." Actual structures will be of greater weight
than such a structure because:
(i) Cover skins for most proportions have maximum stresses below the
yield stress because of local instability.
(2) Web material is needed to support the covers.
Wing stiffness requirements are usually met by specifying a minimum
skin gauge; therefore, skin thickness is treated as a primary variable.
Each of the curves in figure 2 is for a different ratio of wing depth to
skin thickness. Low values of H/t S correspond to shallow thick-skin
wings; high values_ to deep or thin-skin wings. For given design condi-
tions, each curve represents a different skin thickness tS. Along one
3curve of constant ts, the deviation from a horizontal line represents
the weight increase resulting from increasing web weight required to sta-
bilize the covers to higher stresses.
For each loading intensity, there is one skin thickness that yields
minimum weight. The curve of optimum skin thicknesses is the lower enve-
lope to these curves and it represents minim!_n structural weight from a
strength viewpoint alone. This envelope curve is essentially what has
been calculated by previous investigators of the strength-welght problem
(for example, ref. 1). Figure 2 shows, in addition, weight changes
resulting from changes in skin thlckness dictated bywing stiffness
requirements.
!
In most regions of the chart, increasing skin thickness (that is,
decreasing H/ts)results in increased weight. For such proportions the
k
minimum skin thickness that meets stiffness requirements will be the most
efficient one that can be used. It is of interest to note however that,
in certain regions, increasing skin thickness results in decreased weight.
In such ranges, the envelope value of skin thickness will be most effi-
cient for stiffness as -well as strength.
The structural proportions corresponding to each point on these
curves can be determined readily with the aid of a simple auxiliary dia-
gram. The curves as presented are utilized in much the same manner as
the common]jused plate efficiency plot (fig. 1); that is, for:
(I) Determining minimum weight for given design conditions
(2) Determining weight penalties associated with the use of non-
optimum proportions
(3) Comparing the weight of this type of wing construction to any
other.
The latter application is illustrated in figure 3 using the same
materials for comparison that were used on the plate efficiency chart
(fig. 1). The solid-line curves in figure 5 are taken from figure 2 and
are presented for several H/t S values. The arrows again indicate a
lO-percent weight change.
One type of construction considered for comparison utilizes the
aforementioned waffle plates of 7075-T6 aluminum as cover skins of a
multiweb wing. This results in decreased weight in certain design ranges
as shown by the long-dashed-line curves. The torsional stiffness of the
waffle cover beams is the same as that of the solid cover beams of the
H/t S values shown. Waffle covers permit increased web spacing for a
°....° ooIoo: 
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given cover load. This permits the web material to satisfy more effi-
ciently the buckling and crushing requirements. As wing depth increases3
webs become a greater portion of the total structure and the savings in
web weight result in an increasingly larger saving in overall wing weight
as shown by the larger gap between the curves for Hlt S of 50 as com-
pared to those for Hlt S of 30. It is seen that the weight savings indi-
cated by the plate efficiency chart (fig. i) are difficult to achieve.
Next consider a structure made of the previously discussed steel for
use at 600 ° F. The short-dashed-line curves represent optimum steel
multiweb beams having the same torsional stiffness as room-temperature
7075-T6 beams with the H/t S values indicated. Thus_ there is roughly
a factor of 3 between the skin thicknesses associated with corresponding
curves. The solidity values for the steel wings take into account the
density difference so that this is a direct weight comparison. For the
deep steel wings_ buckling is more of a problem than for the corresponding
aluminum-alloy wings. Hence_ more webs are required at a given loading
intensity and they cause the rapid increase in weight shown. These weight
differences are of the same order of magnitude as those shown on the plate
efficiency chart. For the shallow thick-skin beams_ however_ buckling is
not as serious a problem and web weight is a small portion of total weight.
Thus_ for high-speed aircraft with severe stiffness requirements_ the
indicated weight differences between steel wings at 600 ° F and aluminum-
alloy wings of the same stiffness at room temperature are rather small
for a large range of index values.
So far_ the efficiency of several types of multiweb wing construc-
tion has been considered. It is also of interest to determine the ranges
for efficient use of multiweb construction as compared with skin-stringer-
rib construction. For this purpose_ the extensive test cata available
for stiffened panels have been used to determine optimum proportions of
skin-stringer wings. The effects of varying each of the panel dimensions
have been considered. The skin-stringer-rib efficiency chart resulting
from these computations is shown in figure 4. The parameters are the
same as those used in the multiweb efficiency study. Skin thickness is
a primary variable as before and 3 in addition_ rib weight must be explic-
itly considered. Hence_ rib spacing as well as stiffener size and spacing
have been optimized. The results indicate that_ from a maximum-strength
viewpoint_ there is no envelope to the curves and thin-skin construction
is always most efficient_ neglecting shear-lag effects. Hence_ torsional
stiffness requirements will govern the cover-skin thickness.
The band associated with the Hit S value of 30 represents typical
variations resulting from assumed rib weight. These particular compu-
tations assumed rib weight to be a simple function of the amount of mate-
rial in the compression panel. The value of tR/_ was varied from 0.2
to 0.4 where tR is the rib thickness of an equivalent flat-sheet rib
°°°°°°° i!!i 5
and _ is the average or smeared out thickness of the compression panel.
Thus doubling the rib thickness causes approximately a 10-percent change
in overall weight.
Figure 5 shows the weight comparison between high-strength aluminum-
alloy multiweb and panel-type constructions. Solid-line curves are for
multiwebs and dashed-line curves for skin-stringer wings. For deep wings,
as would be expected, panels show higher efficiency than multiweb wings.
For about an H/t S value of is30, it seen that the two types could be
used with essentially the same structural efficiency. In this region,
the choice of construction will be influenced by various production con-
siderations. For shallow thick-skin wings, multiweb construction is
most efficiemt.
The comparisons presented demonstrate that an efficiency analysis
must consider the entire compression structure of a wing including both
strength and stiffness requirements. The establishment of optimum pro-
portion curves such as those of figure 2 over the complete range of the
design parameters permits a rather simple evaluation of minimum-weight
design and of the effects on structural weight of any deviations there-
from, whether such deviations be in the form of changed dimensions, dif-
ferent materials, or other types of construction.
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SOME OBSERVATIONS 0N LOSS OF STATIC
STRENGTH DUE TO FATIGUE CRACKS
By Walter Illg and Herbert F. Hardrath
Langley Aeronautical Laboratory
SUMMARY
Static tensile tests were performed on simple notched specimens con-
taining fatigue cracks. Four types of aluminum alloys were investigated:
2024-T3 (formerly 24S-T3) and 707_-T6 (formerly 75S-T6) in sheet form,
and 2024-T4 (formerly 24S-T4) and 7075-T6 (formerly 75S-T6) in extruded
form. The cracked specimens were tested statically under four conditions:
unmodified and with reduced eccentricity of loading by three methods.
Results of static tests on C-46 wings containing fatigue cracks are also
reported.
It was found that the static strength of 7075 al_ninum alloy was
somewhat more sensitive to fatigue cracks than was that of 2024 aluminum
alloy. There was little difference between the behavior of extruded and
sheet material in the same alloy. In oases where the eccentricity of
loading was minimized, the effective stress-concentration factor for a
fatigue crack at static failure was approximately 1.33. The built-up
wing structure was found to have s_newhat better strength properties
than single-element parts for two reasons: (1) the adjoining structural
elements provided restraints which minimized the eccentricity of loading
on the failing section, and (2) the load was probably redistributed
among the various elements during progressive failure in the wing.
INTRDDUCTION
One problem of extreme practical interest which arises as the result
of the formation of a fatigue crack of finite size is the prediction of
the static strength of a member containing such a crack. Certain failures
of aircraft in service and a very limited laboratory investigation indi-
cated very serious loss of static strength due to small fatigue cracks.
Other than this, information pertinent to this problem in aircraft struc-
tural materials is very sketchy.
In order to provide such information, the Structures Research
Division of the Langley Aeronautical Laboratory has begun a systematic
study of loss of static strength due to fatigue cracks in simple speci-
mens. Figure 1 shows the configuration of the specimens used in this
investigation.
2° _s_s AND SmEC_Im_s
The specimens were 21 inches wide and they had a free length of
12 inches between grips. Two semicircular notches with a
"7
inch radius
were used to aid crack initiation. The net width in the test section
was 1.5 inches. Four materials were tested: 2024 and 7075 aluminum
alloys in both sheet and extruded forms.
The sheet material was 0.075 inch thick and the extruded material
was 0.125 inch thick. The specimens were subjected to repeated axial
tensile loads producing average net section stresses not greater than
35,000 pounds per square inch. At least i00,000 cycles were required to
produce cracks of the desired length. The cracks were measured prior to
static test with the aid of a toolmaker's microscope. Inspection of the
surface after failure revealed a sharp contrast between fatigue-cracked
and statically failed sections and indicated that the cracks had been
measured with less than 1-percent error. More elaborate methods of
checking crack depths were, therefore_ not used. The specimens were
then subjected to static test to determine the remaining static tensile
strength. The maximum tensile load was reached after necking occurred
at the ends of the cracks but before the crack lengths increased to a
noticeable extent. Since the crack proceeded from only one side of a
specimen in nearly all cases_ the static load was eccentric with respect
to the remaining material. The effect of this eccentricity on the
results will be discussed subsequently.
RESULTS AND DISCUSSION
Figure 2 presents some of the results obtained in tests of 7075-T6
sheet specimens. The ordinate is the static strength of a cracked speci-
men expressed as a percentage of the static strength of an uneracked
specimen. The abscissa is the percent of the original area remaining.
The dashed line represents the strength of a cracked specimen based on
the assumption that the loss of strength is equal to the loss of area.
The symbols represent test points. The loss of static strength was
found to be much greater than the loss of area over the complete range
of the tests. The effect is most marked in the early stages of crack
growth. For instance_ when the net section was reduced to 90 percent_
the strength was reduced to 50 percent.
A similar plot (fig. 3) presents a comparison between results of
tests on 2024-T4 and 7075-T6 extrusions. The curve for 7075-T6 is
essentially the same as that shown previously for 7075-T6 sheet; simi-
larly, the curve for the 2024-T3 sheet is es#entially the same as that
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for extrusion shown in figure 3. The strength of the 2024 materials
appears to have been reduced semewhat less than the strength of the 7075.
In contrast to these tests on simple specimens, the Loads Calibration
Section of the Langley Aeronautical Laboratory has performed static tests
of C-46 wings which were subjected to fatigue loading until varying
amounts of tension material had been tested to failure. The results of
these tests are presented in figure 4. In this case the static strength
of the wing containing no fatigue cracks is the strength of the wing as
estimated for a tensile failure. One specimen, containing a crack which
removed 3 percent of the tension material in the critical cross section,
failed by buckling of the compression cover at a load 8 percent lower
than that predicted for tensile failure in a new wing. The remaining
specimens failed in tension, and for cracks penetrating less than 30 per-
cent of the material, the reduction in strength is approximately equal
to that which would be predicted by loss of area alone. These results
contrast sharply with the results of tests on simple specimens previously
described.
In figure 4, the points with tails represent cases where the crack
penetrated one or more spar caps or their connections during the fatigue
loading. This large loss of primary structural material causes a large
increase in the eccentricity of loading and a large decrease in the wing-
section properties. When such radical structural changes are considered,
the large deviations of the C-46 wings containing cracks which penetrated
less than 30 percent, from predictions based on a simple analysis such as
represented by the dashed line_ are probably expected.
Two important differences in test conditions appear to be among the
factors responsible for the greater strength of the C-46 wings containing
cracks less than 30 percent. First, in the simple specimens the fatigue
crack was almost always initiated on only one side of the specimen and
this crack generally grew during the static test. The resulting eccen-
tricity of loading undoubtedly contributed to the reduction in the static
strength. For small cracks in the C-46 wing, the eccentricity of loading
on the failing section is minimized by a very large effective moment of
inertia to resist bending in the plane of the cover; therefore somewhat
better strength might be expected. Second, in the case of the C-46 wing
with small cracks, whenever a given element fails, the load it carried
may be shared by other elements which do not contain fatigue cracks.
Depending upon the relative stiffnesses of the various elements, the
remaining parts may carry more load than they were carrying previously.
In the simple specimens, the stress is shifted to the neighboring mate-
rial, but a very high stress concentration as a result of the crack is
still present.
The effect of eccentricity of loading in simple specimens was
studied by modifying cracks in such a way
°
.,
4that the bending stress on the failing section was at least partially
eliminated. This was accomplished in three ways as shown in figure 5.
The first sketch of the figure shows an unmodified specimen con-
raining a fatigue crack. In the specimens illustrated by the second
sketch, material was removed from the cracked side of the specimens so
that the depth of the crack was equal to the depth of the notch on the
other side. The third sketch illustrates those specimens in which a
cut was made with a fine jeweler's saw to simulate a crack on the side
opposite the fatigue crack, and finally the fourth sketch shows the
specimens shortened to 4 inches between the grips instead of 12 inches
as in the other specimens.
The results for 2024-T3 sheet are shown in figure 6. The circles
in this figure represent tests on unmodified specimens, and the triangles,
squares, and diamonds represent tests in which the specimens were modi-
fied in the aforesaid three ways to reduce the eccentricity of loading
and thereby the bending stress on the failing section. The results of
these three series of tests are essentially the same and show a signi-
ficant improvement in strength over most of the range of the tests.
The dashed line was computed on the assumption that the stress on the
failing section was 75 percent of the original ultimate tensile strength.
In other words, it appears that the effective stress-concentration factor
of a fatigue crack at static failure was about 1.33. The greater reduc-
tion of strength for the unmodified specimens was evidently due to the
bending stresses set up by unsymmetrical loading. This eccentricity was
less important for small cracks than for large ones, and the tests indi-
cated equivalent strengths for the small cracks.
SUMMARY OF RESULTS
Although the tests performed to date are not sufficient to arrive
at definite relationships for loss of static strength, the following
qualitative conclusions seem justified. The static strength of 7075
alumint_n alloy was s_newhat more sensitive to fatigue cracks than was
that of 2024 aluminum alloy. There was little difference between the
behavior of extruded and sheet material in the same alloy. In cases
where the eccentricity of loading was minimized, the effective stress
concentration for a fatigue crack under static load was approximately 1.33.
A complex structure is likely to have somewhat better strength properties
than single-element parts for two reasons: (1) the adjoining structural
elements usually provide restraints which minimize eccentricity of loading
on the failing section, and (2) the load is probably redistributed among
the various elements during progressive failures.
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PRELIMINARY INVESTIGATION OF THE FAILURE OF
PRESSURIZED STIFFENED CYLINDERS
By Norris F. Dow and Roger W. Peters
Langley Aeronautical Laboratory
INTRODUCTION
The failures of pressurized fuselages that have occurred have varied
in character from rather minor rupture to catastrophic explosion (ref. 1).
The factors which influence the seriousness of the failure are being
investigated in the Langley structures research laboratory. Various
structural configurations and loading conditions are being tested in an
effort to determine which are conducive to mild failure on the one hand
and explosive failure on the other.
SYMBOLS
AR
L
P
R
ts
_cr
_Hoop
minimum cross-sectional area of ring, in. 2
ring spacing, in.
internal pressure, ksi
radius of cylinder, in.
skin thickness, in.
maximum length of crack that can be tolerated before explosive
failure of cylinder occurs, in.
simple hoop tension stress in skin, pR/ts, ksi
TEST SPECIMENS
Two cylinder configurations (fig. i) approximately representative
of i/4-scale models of fuselage construction have been studied so far.
The cylinders are identical except for skin gages and ring spacings -
0.Ol2-inch skin thickness and 7.5-inch ring spacing on the first cylinder
and O.040-inch skin thickness and 15-inch ring spacing on the second
¥ 8
2cylinder. The rings are 0.051-inch spun Z-sections, 1¼inches deep,
notched for the 20 longitudinal Z-section stringers to have a ring cross-
sectional area AR above the notch of 0.063 square inch. The longitudi-
nals are 0.040-inch-thick extrusions having a web-width--thickness ratio
of 12½and an outstanding ratio of flange width to web height of 0.4.
The cross-sectional area of the longitudinals is 0.045 square inch. All
material is 2024-T3 or 2024-T4 (formerly 24S-T3 and 24S-T4, respectively)
aluminum alloy.
The proportions described were chosen for investigation on the
basis of the elementary consideration illustrated in figures 2 and 3.
DESIGNCONSIDERATIONSFORTESTSPECIMENS
Analysis of the failure of pressurized cylinders on the most ele-
mentary possible basis suggested that_ if a crack opens up in the skin
of a cylinder_ it must grow to somecritical proportion of the distance
between rings 5cr/L before explosive propagation of the crack occurs.
According to this highly simplified analysis, the critical crack length
varies from zero, when the hoop tension in the skin is equal to the
ultimate strength of the material, to a length equal to the ring spacing
at the stress at which the rings alone have sufficient area to carry the
hoop-tension load. Thus, at 5cr/L = l, for an ultimate tensile strength
of 70 ksi,
= 7o (1)
AR
or
pR 70 AR
t-_ = Lt--_= _Hoop (2)
If a linear variation with stress from 5cr _ = 0 to 5cr _ = I
is assumed, the critical crack length depends directly upon the rein-
forcement ratio, that is, the ratio of cross-sectional area in the
rings AR to the associated skin area Lt S. Thus_ the critical crack
length at a given hoop stress is longer for a large value of AR/Lts
than for a small value of the reinforcement ratio; hence, the cylinder
with the large value of AR/Lt S is less prone to explosive failure.
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Because this analysis is oversimplified, the plotted straight-
line relationship (fig. 2) for critical crack length should perhaps be
regarded as an upper limit or maxlmumvalue which can never actually be
achieved. Such factors as bulging of skin between rings and local stress
concentrations probably tend to reduce the length of crack that can be
tolerated appreciably below that given by the straight-line relationship.
A rigorous analysis of the stress distribution along the cracked skin is
required to establish a true critical-crack-length criterion.
However, because the end points - that is, when the critical crack
length to ring spacing ratio is equal to one - represent rings of heavy
enough cross section to carry the entire hoop-tension load by themselves
with the skin cracked over the full bay length; in that case, this simpli-
fied analysis may come into better agreement with more rigorous analysis.
With these end points (see fig. 2) as a criterion_ for example, for
a hoop tensile stress much above 7 ksi, the cylinder with the 0.040-inch
skin thickness is in danger of having a short critical crack length and
hence is in danger of explosive failure, whereas for a hoop tensile stress
appreciably less than 40 ksi, the cylinder with the O.O12-inch skin thick-
ness should be unlikely to explode even if the crack grows over the full
distance between the rings.
With hoop tension plotted against the reinforcement ratio (fig. 3)
as given by the end points of the curves of figure 2, this criterion
thus roughly suggests t_hat there may be a boundary between regions of
slow and explosive crack propagation. The boundary, drawn in figure 3,
being just a crossplot of the end points of figure 2 represents the ring
area required at any hoop tension to carry the entire hoop-tension load
with the skin cracked along the entire bay length, as calculated from
equation (2).
In order to investigate whether the regions of slow and explosive
crack growth sho_rn in figure 5 exist, cylinders of the proportions previ-
ously described were built and tested at identical values of hoop tension
as indicated by the x point representative of the thick-skinned cylinder
and the circle point representative of the thin-skinned cylinder.
DESCRIPTION OF TESTS
The tests were run in the combined load testing machine of the
Langley structures research laboratory as shown in figure 4.
Internal pressure was supplied from a hydraulic pumping unit and
held constant throughout the test. A cycling device was fitted to the
torsion loading component to apply cyclic shear at the 2-inch square
_4
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cutout in the center of the cylinder and thus induce a fatigue crack in
the skin.
In the test of the O.Ol2-inch cylinder, the internal pressure was
held constant at the value required to give a hoop tensile stress of
20 ksi. A cyclic torsion loading of ±210 inch-kips was applied, and
the first crack was induced at the upper left-hand corner of the cutout
after 281 load cycles. (See fig. 5-) As the crack grad1_lly grew, more
and more oil was pumped into the cylinder to maintain the internal pres-
sure constant. Eventually cracks opened up at all four corners of the
cutout and grew to such a size that, at maximum pumping capacity, pres-
sure could not be maintained; and the test was terminated after 528 load
cycles.
In the test on the cylinder with the O.040-inch skin at the same
hoop stress of 20 ksi, the applied torsion was T820 inch-kips in order
to produce stress conditions similar to those existing in the thinner
skin cylinder under a torque of 210 inch-kips. Again the crack started
at the upper left-hand corner of the cutout. (See fig. 6.) The number
of cycles before cracking in this case was 136. The crack grew rapidly
with succeeding load cycles, but before it had progressed very far the
cylinder exploded. Explosion occurred at zero applied torsion load
after 14_-- load cycles.
RESULTS AND CONCLUDING DISCUSSION
Tests of two cylinders subjected to nearly identical stress condi-
tions and constructed with identical internal reinforcing structure
except for ring spacing revealed very different characteristics as
regards crack growth for the two specimens. As predicted by the simple
criterion used for the design of the test specimens, the thick-skinned
cylinder exploded and the crack in thin-skin cylinders grew in a less
destructive manner. Thus, it has been established that regions of slow
as well as explosive crack growth exist for pressurized stiffened
cylinders.
Further testing will be required to clarify the factors which
determine the boundary between safe and unsafe conditions for pres-
surized cylinders to determine accurately where the boundary lies and
to determine the range of usefulness of such a simplified criterion as
that used herein. That the range of application of this criterion must
be limited to some extent is clear since it obviously does not apply,
for example, to completely unstiffened cylinders. The primary objec-
tives of the present study are to establish the relative importance of
..........- --. --..-. • .-. --- ..
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the various factors involved in the failure of pressurized cylinders
and to determine ways - possibly similar to the method of this paper -
of evaluating whether a given design is in a safe or unsafe region.
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